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SUMMARY 


An analytical study wa^ performed to determine the structural approach best 
suited for the design of a Mach 2.7 arrovr-wing supersonic cruise aircraft. 

Results, procedures, and principal justification of results are presented 
in Reference 1, Detailed substantiation data are given herein. In general, 
each major analysis is presented sequentially in separate sections to pro- 
vide continuity in the flow of the design concepts analysis effort. In 
addition to the design concepts evaluation and the detailed engineering 
design analyses, supporting tasks encompassing i (l) the controls system 
development (2) the propulsion-airframe integration study, and (3) the 
advanced technology assessment are presented. 


Reference 1 Sakata, I. F, and Davis, G. W. ; Evaluation of Structural Design 
Concepts for an Arrow-Wing Supersonic Cruise Aircraft NASA 
OR- 1976 
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IITTRODUCTION 


The deBign of an economically viable supersonic cruise aircraft requires 
reduced structural mass fractions attainable through application of new 
materials, advanced concepts and design tools. Configurations, such as 
the arrow-wing, show promise from the aerodynamic standpoint; however, 
detailed structural design studies are needed to determine the feasibility 
of constructing this type of aircraft with sufficiently low structural mass 
fraction. 

For the past several years, the MSA Langley Research Center has been 
pvirsuing a supersonic cruise aircraft research program (l) to provide 
an expanded technology base for future supersonic aircraft, (2) to pro- 
vide the data needed to assess the environmental and economic ingacts on 
the United States of present and especially future foreign supersonic 
cruise aircraft, and (3) to provide a sound technical basis for any future 
consideration that may be given by the United States to the development of 
an environmentally acceptable and economically viable commercial supersonic 
cruise aircraft. 

The analytical study, reported herein-, was performed to provide data to 
support the selection of the best structural concept for the design of a 
supersonic cruise aircraft wing and fuselage primary structure considering 
near-teim start-of-design technology. A spectrum of structural approaches 
for primary structure design that has found application or had been proposed 
for supersonic aircraft design; such as the Anglo-French Concorde supersonic 
transport, the Mach 3.0-plus Lockheed F-12 and the proposed Lockheed L-2000 
and Boeing B-2707 supersonic transports were systematically evaluated for 
the given configuration and environmental criteria. 

The study objectives were achieved through a systematic program involving 
the interactions between the various disciplines as shown in Figures A through 
C. These figures present an overview of the study effort and provides a 
summary statement of work, as follows; 

(l) Task I - Analytical Design Studies .(Figure A),- This initial 

task involved a study wherein a large number of candidate structure 
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concepts were investigated and subjected to a systematic evaluation 
process to determine the most promising concepts. An airplane 
configuration refinement investigation, including propulsion-airframe 
integration study were concurrently performed. 

{ 2 ) Task II - Engineering Design/Analyses (Figure B).- The most 

promising concepts were analyzed assuming near-term start-of-design 
tfchnology, critical design conditions and req,viireraents identified, 
and construction details and mass estimates determined for the 
Final Design airplane. Concurrently, the impact of advanced tech- 
nology on supersonic cruise aircraft design was explored. 

( 3 ) Task III - Mass Sensitivity Studies (Figure C).- Starting with 

the Final Design airplane numerous sensitivity studies were performed. 
The results of these investigations and the design studies (Task I 
and Task II) identified opportunities for • structural mass reduction 
and needed research and technology to achieve the objectives of 
reduced structural mass. 

Displayed on the figures aie the time-sequence and flow of data between dis- 
ciplines and the reason for the meike-up of the series of sections presented 
in this report. The various sections are independent of each other, except as 
specifically noted. Results of this structural evaluation are reported in 
Reference 1. This reference also includes the procedures and principal justi- 
fication of results, whereas this report gives detailed substantiation of the 
results in Reference 1. This report is bound as four separate volumes. 






Figure A* Analytical Design Studies — Task I 
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SECTION 12 



STRUCTUHAt CONCEPTS ANALYSIS 


INTRODUCTION 

The design of an economically viable supersonic cruise aircraft requires the 
lowest attainable structural-mass fraction commensurate with the selected near-term 
structural-material technology. To achieve this goal of minimum structural-mass 
fraction, various combinations of promising wing and fuselage primary structure were 
analysed for the load-temperature environment applicable to the arrow-wing config- 
uration. This analysis was conducted in accordance with the design criteria spec- 
ified in Section h and included extensive use of computer-aided analytical methods 
to screen the candidate concepts (Task l) and select the most promising concept(s) 
for the in-depth structural analysis (Task II). 

St27ucttu*al Design Concepts 

Both wing and fuselage primary load-carrying structural concepts were investigated 
for application to the arrow-wing configuration. For the wing analysis structural 
arrangements were investigated that included candidate surface panels, spars and 
ribs, and the associated non-optimum factor. These candidate copcepts are charac- 
terized by the type of wing primary load-ceirrying arrangement (i.e., chordwise, 
spanwise, and monocoque) and are shown in Figure 12-1. Similarly, the fuselage 
analysis included the investigation of the major weight components associated with 
fuselage design, i.e., the shell and frame. Figure 12-2 contains a list of the 
panex and frame concepts evaluated. Although the sandwich shell was recognized 
to have potential ber-efits for (l) structural mass reduction, (2) sonic-fatigue 
resistance, and (3) reduced sound and heat transmission over the panel concepts 
shown in the figure, it was not included as part of the study. The results 
(Appendix A) of the structural assessment performed to quantify the potential mass 
savings of the honeycomb sandwich fuselage for a near-term, supersonic cruise air- 
craft, indicated a weight disadvantage for the sandwich shell because of the parasitic 
weight of the titanium alloy core and aluminum alloy braze material.. 
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For "both the wing and fuselage analysis, candidate metallic and composite material 
were considered. ®be metals included representative Alpha-Beta (Ti-6Al-4v) and 
Beta (Beta C) titanium alloys. For the composite materials, Boron/polylmide, Boron/ 
aluminum, and Graphite /poly imide reinforced structure were evaluated. A more 
detailed descrlpl 1 on of these structural-material concepts and their corresponding 
fabrication methods and design parameters (constraints) are presented in Sections 1, 
7, and 8, respectively. 



Figure 12-1. Candidate Wing Structural Arrangements 
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Figure 12-2. Candidate Fuselage Structural Arrangements 



Point Design Regions 

The basis for the structural-material evaluation vas the definition of the candidate 
structural components and the load-temperature environment at selective wing and 
fuselage regions. These regions > hereafter referred to as point design regions, 
are described in the following text. 

Wing Point Design Regions . - The location of the wing point design regions are 
shown in Figure 12-3 and includes the six-regions which are displayed on the wing 
planforra of the structural model. These regions are identified by the NASTRAW panel 
element numbers used for the finite element model (Section 9)* Representative 
structure is specified at each of these locations and include a definition of the 
upper and lower surface panels, typical rib and spar structvure, and the associated 
non-optimum factors. These regions were selected as representative of wing oritical 
design regions. A description of these regions is as follows; 

Forward wing box - Point design region 40322 is located forward of the main 
landing gear in a fuel tank region. This area is characterized as basically 
transmitting pressure loads with low load intensities with respect to wing 
bending loads. 

Aft box region - Point design regions 40236, 40536, and 41036 are located in 
the wing aft box with 40236 and 40536 located in fuel tanks and 41036 in a dry 
bay region. In general, these areas represent regions of high spanwise load 
intensities and variable chordwise load intensities due to wing bending. The 
chordwise load intensities on region 40236, most inhoeird regions, reflect the 
influence of fuselage body bending while the outboard region 41036 displays 
the effect of the wing tip load redirection. 

Wing tip region - Dry bay regions 41316 and 41348 are located approximately 
at the root and mid-span of the wing tip. These areas are characterized by 
high load intensities indicative of the aero-elastic effect on this flexible 
region. 

Fuselage Point Design Regions. - Four point design regions were selected as 
representative of the actual fuselage design. These regions are shown in Figure 12-4 
and are located at fuselage stations T50, 2000, 2500, and 3000 for the Task I 
analysis. 
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Figure 12-^3. Definition of Wing Point Design Regions 







For Task II, slight changes in these locations where required to reflect the 
revisions incorporated on the finite-element model and these changes are presented 
in the Task II introductory text. Conventional structure composed of skin/stringer 
panels and sheet metal frames were selected for these regions. The panel concepts 
were varied to reflect the specific design "being evaluated. These regions were 
selected as typical of the critical design regions on the fuselage and, in general, 
classified as follows: 

Fuselage Forebody (FS 750 ) - Generally characterized as fatigue-designed 
structiire with low load intensities due to fuselage bending. 

Fuselage Centerbody (FS 2000 and 2500) - Wing/fuselage regions sub;3ected 
to maximum body bending and wing spanwiss loads. 

Fuselage Aftbody (FS 3000) - High body bending and torsion loads with regions 
subjected to a high acoustic environment. 

Fuselage point design regions located at FS 2000 and FS 2500 are coincidental with 
the wing forward box and aft box point design regions. 

Point Design Environment 

The load-temperature environment was defined for each wing and fuselage point design 
region in support of the specific task being conducted. A detail description of this 
environment is presented in Section 11, Point Design Environment, and in general 
included: 

• The load intensities and thermal strains from the NASTRAN internal load 
solution. 

• The normal loads acting at each region, considering both aerodynamic 
pressure and fuel inertia heads. 

• The average component temperatixres and gradients associated with the 
specific structural arrangement. 

In addition to the detail description of the point design environment contained in 
Section 11, each of the enclosed analysis sections contain the point design environ- 
ment for its critical flight condition(s). 
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Analytical Methods 

Structural analyses were performed on each candidate wing and fuselage concept* 

Figures 12-1 and 12-2, to define the minimum weight designs and corresponding 
panel proportions. These analyses were conducted with computer programs which used 
sound analytical methods and incorporated optimization subroutines for determining 
the minimum weight design. These programs, formulated for either the direct-search 
or synthesis-method of structural optimization, generally included the following 
subroutines: (1) definition of the total inplane stress resultants, (2) calculation 

of the section properties and stiffnesses, (3) a stress analysis, (U) definition of 
the allowable stresses, and (5) the optimization procedtire. 

Chordwise Panel Concepts - A computer program which uses the direct search method, 
was used to determine the minimum weight designs for chordwise concepts. The ana- 
lytical methods employed in this program, which is entitled STRUDE II, are reported 
in Section 12 of Reference 1 and analyzes these concepts for the total inplane stress 
resultants and normal pressure. In addition, the analysis procedure includes the 
bending moment attributed to eccentric edge loading, initial deflection due to 
manufacturing, and bowing caused by a temperature gradient through the panel thickness. 

For the compression-combined load condition, the theory is based on the wide- 
column approach of Reference 2 modified to include bending loads with an inter- 
action equation used to include the shear load. The magnification effects of 
simultaneously applied axial and transverse loadings (beam column analysis) is 
included for the compression-load condition but conservatively neglected for the 
tension condition. 

For the combined load condition with an applied tension axial load, the maximum 

equivalent stresses (f ) were calculated using the principal stress equation: 

eq 



where (f) and (f„,) represent the axial and shear stresses respectively. The allow- 
xy 

able tensile stresses were based on fatigue allowables commensurate with the 
panel fatigue quality index (K-) for a calculated fatigue life of 1.25 x 10^ 
flight-hours. These stresses were determined by the methods described in 
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Section 13 and are reported, along vith the associated quality index, in the follow- 
ing analysis sections. 

Spanwise Panel Concepts - The minimum weight panel designs for the spanwise 
concepts were determined using the same methods as described for the chordwise 
concepts. 

This analysis was conducted using two computer programs, entitled Panel and Fatigue, 
for the specific compression or tension combined loading condition. As with the 
chordwise concept, the combination of axial load, shear, and bending moment were 
included in the analysis. The exception being the method used to account for the 
bending due to panel edge eccentricity, initial curvature, and thermal bowing where 
the concept of equivalent design pressure was introduced to include these effects. 
Table 12-1 presents the equivalent pressure expressions for each type of ’bending 
load. Since these values show that the equivalent pressures depend on the panel 
depth (h) and rib spacing (L) an iterative procedure was included to determine the 
panel design and equivalent pressure based on a common panel depth. 

The same compression and tension design criteria as used for the chordwise concepts 
were applied to the spanwise concepts. The compression loaded panel designs were 
based on the local buckling strength of the skin and stiffener elements for combined 
compressive (due to axial load and bending) and shear loading, whereas, the applied 
stresses for the tension loaded designs were based on the maximum equivalent stress 
and compared to the fatigue allowable stress. 

Biaxially Stiffened Panel Concepts - The candidate biaxially stiffened panels were 
analyzed using the STRUDE II computer program, which is described in Section 10 of 
Reference 1. The two candidate concepts, honeycomb sandwich and truss core, are 
displayed in Figure 12-1. 

The multiple panel loading conditions include biaxial loads, shear, primary bending 
and secondary or deflection induced bonding. Bending loads include normal pressvire, 
edge eccentricity, initial deflections, coupling eccentricity, and initial cxirvature 
due to thermal gradient (X = oAT/h). As with the analyses of the preceeding 
uniaxial stiffened concepts, the beam-column effect was included for the compression 
combined load condition and conservatively neglected for the tension combined load 
condition. 




















Analytical Procedures 


To provide a rational laasis for evaluating the weight of the candidate structural 
arrangements s detail analytical procedures! commensiirate with the specific state of 
design under consideration, were established for conducting the structural analysis. 
These procedures are described in the following text for each major study task of 
this program, i.e, , Task I, Analytical Design Studies and the Task II Detailed 
Engineering Studies. 

The Task I Analytical Design Studies were conducted in two stages as defined in 
Figure 12-5 as the Initial Screening and Detail Concept Analysis. The Initial 
Screening Analysis, in general, consisted of the following steps; 

(1) At selected point design regions the load-temperature environments 
were defined for each general type of wing arrangement and the single 
fuselage arrangement. For each wing arrangement the basis for the 
internal loads was the NASTRAN redundant structure analysis solution 
using 2-D structural models. For the fuselage, existing body shear 
and bending moment diagrams were used to calculate the theoretical 
internal load distributions. Aerodynamic heating analysis were con- 
ducted to determine the average temperature and gradients on the wing 
and fuselage primary structure. 

(2) A weight /strength analysis was conducted on each of the candidate wing 
panel and fuselage shell concepts. Panel proportions and xinit weights 
were determined for various rib and spar spacings for the wing surface 
panel concepts and frame spacings for the fuselage concepts. Computer- 
aided analytical methods were used to optimize the panels for their most 
critical tension or compression design condition. For the compressive 
.condition, local and general instability modes were included with plastic 
deformation taken into account with the use of the Ramberg-Osgood stress- 
strain relationship. For the tension stress state, the equivalent stress 
was not allowed to exceed the gross area fatigue allowable commensurate 
with the fatigue quality of the panel under investigation. In addition 
to the strength analysis, damage tolerance analyses were conducted at 
selective locations for each of the candidate panel concepts and the 
results are reported in Section 13. 
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(3) As a result of the panel weight/strength analysis each panel concept 

within a general arrangement was ranked in accordance "vrith weight, e.g., 
with reference to the chordwi.se stiffened wing arrangement shown in 
Figure 12-1, the circular arc-convex headed panel weighed less than 
circular arc-concave headed, corrugation-concave headed and the headed 
corrugation- concave headed concepts. From this ranking the most promising 
panel concept from each wing and fuselage arrangement was selected for 
further evaluation in the next stage of the Task I analysis, the Detail 
Concept Analysis. 

The Detail Concept Analysis was conducted on typical wing hox and fuselage structiu^e. 
In addition to the surface panels, the investigation included an evaluation of the 
substructure, i.e. , the rihs and spars for the wing hox and the frames for the 
fuselage segment. The analytical approach was shown previously in Figure 12-5 and 
was conducted in accordance with the following procedure: 

(1) Additional wing and fuselage point design regions were selected and 
their specific point design environment defined. The load-temperature 
environment was based on the same I3ASTRADJ redundant structure analysis 
solutions and aerodynamic heating calculations performed for the initial 
screening analysis. 

(2) Each of the wing arrangements and the fuselage arrangement were subjected 
to a weight /strength analysis which included a further evaluation of the 
most promising panel concepts surviving the initial screening analysis 
and typical substructure applicable to each basic arrangement. As 
discussed in the Initial Screening procedure, the components vrere analyzed 
for the most critical ultimate design condition with a fatigue cut-off 
stress being used for the tensile stress-state condition. Additional 
analyses were conducted on those arrangements which included basic air- 
plane flutter, damage tolerance , and sonic fatigue. These results are 
reported in Sections 10, 13, and l4, respectively. 

(3) The results of the Detail Concepts Analysis were the weight ranking of the 
basic wing arrangements and the fuselage arrangement. Weight comparisons 
were made by reviewing the point design unit weights as well as the total 
airplane weight, reported in Section 15* lu addition, these arrangements 
were evaluated for cost and performance, reported in Sections l6 and 17* 
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As a result of these evaluations, a hybrid wing design (combination of 
structiiral-inaterial concepts) and a conventional fuselage design were 
selected as the best airplane structural arrangement varranting further 
evaluation in the Task II Detail Engineering Studies. 

The Task II Detailed Engineering Studies vere conducted using the least weight hybrid 
arrangement resulting from the Task I analysis with its corresponding wing rib and 
spar spacings and fuselage frame spacings. The major structural components of this 
arrangement were subjected to an in-depth structural analysis consisting of the 
following steps: 

(1) A 3-D structural model was established using the stiffnesses representa- 
tive of the strength-sized hybrid arrangement and a WASTRAIJ redundant 
structure analysis solution. obtained. Using these results the wing and 
fuselage point design environments were redefined. 

(2) The structural concepts at each of the six wing and four fuselage 
regions were subjected to point design analysis which included 
evaluation for ultimate loads, load-fatigue, sonic-fatigue, and 
damage tolerance. In addition, airplane vibration and flutter 
analyses were conducted. 

(3) The definition of airplane stiffnesses resulting from the above structural 
analysis were compared to those values input in the 3-D structural model 
described in Step (l). The stiffnesses were generally in good agreement 
except for the highly elastic wing tip where the required stiffnesses 
dictated by the aeroelastic and flutter effects were in considerable 
disagreement with the initial model input values. Because of this dif- 
ference in wing tip stiffness, the model input data (element properties) 
described in Step (l) were altered to reflect the new strength and stiff- 
ness requirements and a new NASTRAN solution was conducted. 

( 4 ) The aeroelastic loads, internal loads, and vibration and flutter analyses 
were performed using the data generated from the new TJASTRAIJ solution, 
i.e. , structural influence coefficient and stiffness matrices. The mass 
matrices used in the above analyses were revised to reflect the ammenied 
model stiffness. 


(5) 


r 
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In general, good agreement in load intensities and displacement were 
o"btained in the strength-designed regions between the design cycle con- 
ducted using the strength-sized model and those of the strength/stiffness 
model. This convergence precluded the need for any major strength 
reanalysis . 

(6) The unit weights defined at the strength-designed and stiffness-designed 
regions were used to define a group weight statement and total weight for 
the baseline Final Design airplane, see Section 15* 

The results of the weight/strength analyses described in the above procedures are 
presented in this section, whereas, the vibration and flutter, damage tolerance 
(fatigue and fail-safe), sonic-fatigue (acoustics), structural design loads, and 
mass analyses are reported in their respective sections of this report. Specifically 
for the weight/strength analysis , these procedures are described for each wing and 
fuselage arrangement investigated and are presented in the order or occurrence in 
Which they were conducted for this study. Additional introductory remarks and data 
are presented for the Task II analyses to maintain continuity for the reader. 
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CHORDWISE STIPraiNED WING ARRANGEMENT - TASK I 
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An Initial Screening and a Detailed Concept Analyses were conducted on the chord^dse 
wing structural arrangement. During the Initial Screening Analysis two candidate 
structural-materials (hoth metal) a^d four candidate panel concepts were investi- 
gated, The four panel concepts are presented in Figure 12-6. Also included on this 
figure is a typical wing hox segment depicting the major wing components included 
in the Detailed Concepts Analysis, Those components considered in this analysis are; 
the surface panels, spar caps and wehs, rih caps and webs, and the appropriate non- 
optimum factors. 

Fabrication limits for the chordwise panels and closures are summarized in Figure 12-7 
with a detailed description of this data contained in Section Tj Materials and 
Producibility Section. 

The basis for the structural analysis was the internal loads resulting from the 
NASTRAN redundant structural analysis solution. A 2-D structural model with flexi- 
bilities representative of a typical chordwise stiffened wing ms used for this 
solution. These internal loads in conjunction with the applied pressures (aerodynamic 
and fuel) and temperatures defined the point design environment for these chordwise 
panels. Table 12-2 contains the most critical Task I point design environment. 

Chordwise Initial Screening 

The chordwise initial screening analysis was conducted in two parts, which were; 

(l) a material tradeoff study to select the most promising material system and (2) 
a detail analysis to screen the candidate panel concepts and select the least- 
weight concept for further valuation. 

The initial material tradeoff study was conducted using a representative Beta (Beta 
C) and Alpha-Beta (6 a 1-4V) titanium alloys. This tradeoff study was conducted by 
strength-sizing both materials for the trapezoidal corrugation-panel concept (Fig- 
ure 12-6) using the point design environment specified for regi'on 40536 (Table 12-1). 
The results of this study indicated the Alpha Beta (6A1-4v) alloy was the least- 
weight concept and this material system was selected for application to the candidate 
panel concepts for the screening analysis. 
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Figure 12-6. Chordwise Stiffened Wing Structural Arrangements 
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Figure 12-7. Fabrication Limits - Chordwise Stiffened Surface Panels 
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' 40235 

41036 

i 41316 

40536 

41348 

40322 j 

LOADS 



UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 



■;■■ ■stinfAcEi-.;!:].. 

;iSUflFAt£;:;;: 

UPPER 

SURFACE 

. Lowea. 

■. :£UBFACG 


Nn 

LBNN 

■ 



-M3 

5^1 

-n 




■ 1^33 ■: ■■ 

435 

: ■■■ ls5 

AIR LOADS 

Ny 

LB/IN 

^^3 '. 




-1*., ;>a? 

1'-, 


r-. 



-1,063 



Nxy 

LB/IN 

1, 3> 

l,31v 

c,Tr? 

*- • ' 


L, 





120 


THERMAL 

STRAIN 


IN/IN 



0 

a 

0 

0 





0 


cy 

IN/IN 

c 


□ 

: 

0 





■o ; 

C 

^ ' 


Cjiy 

IN/IN 

j 

> 


r\ 






ij::; 

0 

•;■■■■■ 


AERO 

PSI 

-3.:3 



*11 

4, ^ 


; ! -A.?? 1 




-1*47 


PRESSURE 

FUEL 

PSt 

-3. .'3 


j 

j 

0 

0 





-6.e6 



NET 

1 PSI 




l.U 





i .'+Jhy.|, f • 


•9.33 



'•'av 

1 




FQm. 

131 




|: i:,;,?:: l'3vi -r::| ; 


164 

^ 

TcMKEKATUnt 

AT 

i 

-IIL 



-43 


-L*. 

1 -51 





-If 3 









K 

I 

& 


NOTES 111 A 1.25 FACTOR HAS BEEN APPLIED TO THE THERMAL STRAIN WHEN THE SIGN ISSAME AS THE AIRLOAD 
SIGN, OTHERWISE ND FACTOR APPLIED. 

<21 PRESSURE SIGN CONVENTLDNi NEGATIVE- SUCTION 


CONDITION (START OF CRUISE); MACH NO. = 2.7; 112=2.5 


ULTIMATE 

DESIGN 



POINT DESIGN REGION \ 

ITEM 

UNITS 

40236 

41036 

41316 

<0536 

41346 

40323 1 

LOADS 


UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

; SjURPACfc 

j LOWER 

1 SURFACE 


N» 

LB^IN 

-2? 

22 

-o4l 

641 

-iil 

-6al 



-137 

13? 


] 12? 

AIR LOADS 

Ny 

LB/IM 



-4,?ri 

4,9?1 

-10,062 

- j, Od? 

-6,707 

:i,707 

•%56ti 

5,564 

i: 

1 m 


Nry 

LB/IN 

-601 

601 

-1,235 

lp235 

2,202 

-2,202 

-1,167 

ljl07 

664 

-664 


1 97 

THERMAL . 
STRAIN 

ex 

IN/IN 

-28£ y. 10’' 

T^Z X lO"^ 

94 X lO"^ 

-94 X 10*^ 

13 X 10"^ 

-1-1 ■» - 
-13 X 1- 

-40 X 10“^ 

40 K 10“^ 

0 

0 

-632 

1 632 X 10"^ 


IN/IN 

-201 X lO"" 

201 X lO"^ 

15 X IQ’^ 

-15 X 10“^ 

19 X 10"*- 

-19 -x 

-91 -X 10*^ 

91 X 10“^ 

1 X lO’^ 

-1 K 10“* 

- 93 ^; St' 16 "^ 

1 939 X 10*^ 


€xy 

IN/IN 

426 X 1Q"^ 

X lO"^ 

-21 X 10’^ 

.1 X 10"^ 

Uj 6 X lO’^ 

-ll'j X lO”^ 

-28c V ic"^ 

ciO X 10"^ 

1.25 X 

-1.25 X 10*^ 


1 17.4x10*^ 


AERO 

PSI 

-1.70 

-0.t4 

-1,25 

0,36 

-1,65 

1.00 

-1,47 ' 

-0,36 

-1,29 

1,04 ' 

. = -lv67:= 

L -0*17 

PRESSURE 

FUEL 

PSI 

—6* 42 

-7,64 

0 

Q 

0 

0 

-t>,00 ■ 

-7.11 

0 

0 1 


- 9-30 


NET 

PSI 

-6,1? 

r6,53 

-1.25 

0.33 

-l.a5 

1,00 

-7.47 

-7.47 

-1,29 

l.o4 ' 

T ■■'^7*^ i" 

1 -9.47 

AYi me 

■^AV 

j 

?04 

176 

337 

339 

_ . 335 

336 

212 

161 

334 

347 ! 

• = ;: .-:539 '• 

: SD5 

TEMPcRATUHc 

At 

1 “F 



^ 

-39 

-38 

-39 

-39 

-199 

-206 

-71 

-47 

• . 

i -259 


NOTES: 111 A 1 25 FACTOR HAS BEEN APPLIED TO THE THERMALSTRAIN WHEN THE SIGN IS SAME AS THE AIRLOAD 

SIGN, OTHERYVtSE NO FACTOR APPLIED. 

«21 PRESSURE SIGN CONVENTION. NEGATIVE = SUCTION 




The chordwise screening analysis was conducted on the four candidate panel concepts 
which were previously shown in Figure 12-6 and included the folloxring concepts: 

• Circular-arc convex beaded skin 

• Circular-arc concave beaded skin 

• Trapezoidal corrugation-concave beaded skin 

• Beaded corrugation-concave beaded skin 

These panel concepts were subjected to a weight-strength analysis at three point 
design regions as shown in Figure 12-3 using the point design environment presented 
in Table 12-2. This analysis was conducted on all chordwise-stiffened panel concepts, 
both upper and lower surface panels, for variable spar spacings of 20, 30 and 
UO-inches with a constant rib spacing of 60 inches. 

In summary, the initial screening results indicated the circular -arc convex beaded 
panel concept afforded the minimum, weight design at each of the point design regions. 
A weight of 1.75 Ib/sq.ft, was recorded for the 20-inch spar spacing design at 
region 40322 and approximately 2.00 Ib/sq.ft. for the same designs at regions 40536 
and 41348. No consistent ranking, with respect to weight, was noted for the other 
three panel concepts at the regions investigated. 

Material Tradeoff Study - In support of the material selection for the baseline 
metallic airplane a weight- strength analysis was conducted on representative 
metals from each general class of allows considered, Ti 6Al-4V(Ann. ) and Beta C 
were chosen as representative of the alpha-beta and beta alloys, respectively. 

The basic mechanical and physical properties, and fabrication technique of the 
candidate alloys are presented in the Materials and Producibility Section, 

Section 7* In addition, the basic design parameters were as defined in Figure 12-7, 

The tradeoff study was conducted at point design region 40536 and consisted of 
sizing both upper and lower surface panel for spar spacings of 20-, 30-, and 
40-inches with rib spacing held constant at 6o-inches- 

The chordwise panel concept investigated for the application of the t-vro materials 
was the trapezoidal corrugation-concave beaded skin concept. The results of panel 
sizing for the Beta C material are presented in Table 12-3 and the corresponding 
Ti 6A1-4V panel data are shown in Table 12-4. Using these results, the upper and 
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■I'ABLK (IMOMKTRY AfJD WEIGHT FOR THE TRAPEZOIDAL CORRUGATION PANEL CONCEPT, BETA C MATERIAL - 

TASK I MATERIAL TRADEOFF STUDY 


POINT DESIGN 
REGION 

40536 

SURFACE 

UPPER 

LOWER 

SPAR {m} 

.51 

.76 

1.02 

.51 

.76 

1.02 

SPACING (In) 

20 

30 

40 

20 

30 

40 

DIMENSIONS: 







to (in) 

.029 

.032 

.043 

,033 

.030 

.037 

tj (in) 

.025 

.029 

.033 

.020 

.024 

.025 

o 

o 

QC 

53.79 

56.88 

43.35 

59.09 

56.33 

49.19 

<l> (DEG) 

77.47 

79.70 

79.11 

66.37 

81.47 

90.00 

bo (in) 

1.20 

1.40 

1.50 

1.50 

1,30 

1.40 

bf (in) 

0.80 

1.00 

1,00 

0.80 

1.00 

1.40 

h (in) 

0.90 

1.10 

1.30 

0.80 

1.00 

1.20 

bs (in) 

0.75 

0.75 

0.75 

0.75 

0.75 

0.75 

MASS DATA: 
t (in) 

.0730 

.0863 

.1083 

.0629 

.0747 

.0905 

w (Ib/ft2) 

1.787 

2.113 

2.650 

1.539 

1.828 

2.217 






31 



PANEL CONCEPT : 

TRAPEZOIDAL CORRUGATION- 
CONCAVE BEADED SKIN 

MATERIAL : 

TITANIUM ALLOY BETA C (STA) 



ho/bo = 0.10 
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TABLE 12-4. GEOMETRY AND V/EIGHT FOR THE TRAPEZOIDAL CORRUGATION PANEL CONCEPT, 6A1-4V (ANN.) MATERIAL - 

TASK I MTERIAL TRADEOFF STUDY 


POINT DESIGN 
REGION 

40536 

SURFACE 

UPPER 

LOWER 

1 SPAR 

(m) 

.51 

.76 

1.02 

.51 

.76 

1.02 

SPACING 








(in) 

20 

30 

40 

20 

30 

40 

DIMENSIONS: 








(in) 

.029 

.034 

.044 

.034 

.030 

1038 

ti 

(in) 

.026 

.028 

.030 

.020 

.024 

.024 

Rq/^ 

-- 

58.28 

57.35 

44.32 

57.35 

56.33 

51.32 

* 

(dag) 

72.64 

77.20 

83.42 

63.43 

81.47 

87.80 

bo 

(in) 

1.30 

1.50 

1.50 

1.50 

1.30 

1.50 

bf 

(in) 

0.80 

1.00 

1.20 

0.70 

1.00 

1.40 

h 

(in) 

0.75 

1.10 

1.30 

0.80 

1.00 

1.30 

MASS DATA: 







t 

(in) 

.070 

.084 

.106 

.063 

.075 

.089 

w 

(1b/ft2) 

1.622 

1.946 

^435 

1,461 

1.720 

2.059 

CRITICAL 

CONDITION 

31 

31 

31 

31 

31 

31 


PANEL CONCEPT; 

TRAPEZOIDAL CORRUGATION- 
CONCAVE BEADED SKIN 

MATERIAL: 

TITANIUM ALLOY 6AI-4V (ANN.) 



h(j/bo = 0.10 

b/2 = .375 









lower surface panel weights were plotted for comparison purposes and are shov/n in 

Figure 12-8. With reference to this figure, the Beta C design panel is approximately 

seven-percent heavier for the lower surface panel and ten-percent heavier on the 

upper surface. The largest weight variation occured on the compression design upper 

surface panel and can heat he explained hy a comparison of the compressive huckling 

a- 

weight index, P/?f The terms in this expression are; P is the material density, 

^7 is the plasticity correction factor, and E is the compression modulus. For 
stresses within the elastic region (IJ = 1), the compressive buckling weight index for 
Beta C is approximately twelve-percent higher than Ti 6Al-Uv(Ann. ) material in the 
elastic region. 

Panel Screening - The four candidate chord'vri.se wing panel concepts shown in Fig- 
ure 12-6 were analyzed using the most promising metallic material resulting from the 
material tradeoff study, 6Al-4v(Ann. ) titanitaa alloy. This analysis was conducted 
at the three wing point design regions indicated in Figure 12-3 using the correspond- 
ing load/temperature environment defined on Table 12-2. The analytical methods used 
to strength-size the panel concepts were as previously described in the introductory 
text . 

Convex Beaded Panel Concept - The results of the strength analysis conducted on the 
convex beaded panel concept are presented in Table 12-5. This table displays the 
panel cross-sectional dimensions, mass data, and the critical design conditions. 

For the three point design regions the skin thicknesses ranged from 0.015-inches 
to O.OUl-inches, with the minimxim design thickness constraints (foreign object 
damage) active for the 20-inch spar spacing design at region 40322. The wing panel 
unit weights ranged from 0,80 Ib/sq.ft. to 1.60 lb/sq..ft. for the lightly loaded 
region 40322 and approximately 1,30 lb/sq,.ft. to 2.20 lb/sq..ft. for regions 40536 
and 41348. 

To minimize aerodynamic drag the bead height-to-chord ratio (h/c) was held constant 
at 0.10 with the flat between beads (b) maintained at 0.75 inches to allow for sub- 
structure attachment. In addition, the maximum value of the inner bead semi -apex 
angle ( 0 = 87 degrees), commensiirate with manufacturing limits of this design, was 
used in the evaluation of all designs. 

Concave Beaded Panel Concept - The panel results for this concept are presented in 
Table 12-6. For this analysis, the cross-section geometry was subjected to the 
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TABLK PhW.U (IliCMKTRY AND WEIGHT OF THE CIRCULAR ARC-CONVEX BEADED CONCEPT - TASK I CHORD^rtSE 

WING ARRANGEMENT INITIAL SCREENING 


POINT DESIGN 
REGION 



40322 





40536 





41348 



SURFACE 

UPPER 

LOWER 

, 

UPPER 

LOWER 

UPPER 


LOWER 

SPAR (m) 

.51 

1 

.76 

1.02 

,51 

.76 

1.02 

.51 

.76 

1.02 

.51 

.76 

1.02 

.51 

,76 

1.02 

.51 

.76 

l.OZ 

SPACING 

(in) 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

DIMENSIONS: 

h 

.015 

.021 

.026; 

.015 

.020 

,025 

.025 

,035 

.040 

b 

,028 

-033 

,025 

-033 

.038 

.023 

,020 

.023 

tu On) 

.015 

.025 

1.031 

.020 

.020 

.02ij 

.035 

.036 

.040 

.025 

.020 

.037 

.036 

.037 

.041 

.028 

.030 

.038 

R_f (in) 

o.g 

1.2 

1.4 

0.9 

1.4 

1.8 

0.9 

1.1 

1.4 

0.8 

1.0 

1.4 

0.9 

1.1 

1.4 

0.7 

0.8 

0.9 

8 (deg) 

87 

87 

87 

87 

87 

87 

87 

3. 

87 

87 

87 

87 

37 

87 

87 

87 

87 

87 

b (in) 

.75 

.75 

.75 

.75 i 

1 .75 

.75 

,75 

i .75 1 

, 1 

.75 

.75 

.75 

.75 

.75 

,75 

' .75 

.75 

,75 

.75 

MASS DATA: 

"t (in) 

.036 

.055 

.070 

.041 , 

h ^ 

; ,049 

1 

i 

.061 

.070 

' 

.085 

.097 

.058 

.068 


.071 

.084 

.095 

.059 

.058 


w (Ib/ft^) 


1,619; 


1.413 

1.609 

1.965 

Z241 

1,335 



1.632 

1.925 

Z199 

1.366 

1.328 

1 

CRITICAL 

CONDITION 





31 

31 

31 

31 



31 


31 ^ 

31 

31 

31 

31 

31 



PANEL CONCEPT: 

CIRCULAR ARC-CONVEX 
BEADED SKIN (h/c= 0.10) 


b/2 














PABLE 12-6. PANEL GEOMETRY AND VIEIGHT OF CIRCULAR ARC-CONCAVE BEADED SKIN CONCEPT - TASK I CHORDWISB 

WING ARRAircEMENT INITIAL SCREENING 


POINT DESIGN 
REGION 


SURFACE 


SPAR (m) 
SPACING 

(in) 


DIMENSIONS; 


40322 


40536 


41348 


UPPER 


LOWER 


UPPER 


LOWER 


UPPER 


LOWER 


.76 

1.02 

.51 

30 

40 

20 


h 

(in) 


(in) 


(in) 

B 

(deg) 

b 

(in) 

MASS DATA; 


.043 I 

.051 

0.982 

1.165 


CRITICAL 

CONDITION 


20 


40 20 30 40 20 


.029 .038 


.025 1 .030 .036 


.033 .037 .054 .025 .031 .035 
1.3 1.7 1.0 1.3 1.7 0.8 1.1 1.4 

87 87 87 87 87 87 87 87 87. 

.75 .75 .75 .75 .75 .75 .75 .75 .75 


.074 

.091 

.114 .059 .073 

.086 

1.696 

Z099 

2.6201.366 1.688 

1.993 


1.02 

.51 

.76 

1.02 

40 

20 

30 

40 

.041 

.022 

.023 

.024 

.055 

.029 

.029 

.034 

1.6 

0.7 

0.3 

1.1 

87 

87 

87 

87 

.75 

.75 

.75 

.75 

.114 

.059 

.061 

.068 

2.638 

1.358 

1.405 

1.566 

31 

31 

31 

31 


PANEL CONCEPT ; 

CIRCULAR ARC-CONCAVE 
BEADED SKIN (h/c=0.10) 














































same constraints as previously disclosed for the convex headed concept except for 
the heed height-to-chord ratio which was held constant at -0.10, 

With reference to Table 12-6, the skin thicknesses ranged from 0. 015-inches on the 
upper surface exposed skin at region 40322 to 0.055 -inches for the \ri.ng tip upper 
surface skin. The unit weight (ih/sq.ft.) for the panels at region 40322 ranged 
from 1.00 Ih/sq. ft. to 1.50 lh/sq..ft. The unit weights for regions 40536 and 41348 
ranged from 1,40 lh/sq..ft. to 2.6 lh/sq,.ft. 

Trapezoidal Corrugation-Concave Beaded Skin Concept - The results of the strength 
analysis are summarized in Table 12-7. For this analysis the head height-to-chord 
ratio (h/c) of the exposed skin was held constant at -0.10. ^'/hile the minimum gage 
thickness and flat distance between heads were identical to those previously dis- 
cussed for the convex headed concepts. A sketch of the panel cross-sectional 
dimensions is contained in the footnotes of the referenced table. 

With reference to Table l2-7, skin gages for the headed skin ranged from 
0.020-inches to 0,044-inches while the corrugation thickness varied from 0.019- 
inches to 0.030-inches, The unit weight of the surface panels at region 4u322 
ranged from 1.2 Ih/sq.ft. to 1.9 Ih/sq.ft. The corresponding unit weights for the 
surface panels at regions 40536 and 41348 varied from 1.3 Ih/sq.ft. to 2.4 Ib/sq.ft. 

Trapezoidal Beaded Corrugation - Concave Beaded Skin - This concept had the same 
geometric constraints as the previous trapezoidal corrugation concept plus the 
additional constraints imposed on the corrugation head. A sketch showing the 
dimensions of this concept is included in Table 12-8 and indicates the values of the 
aforementioned geometric constraints. 

For the three point design regions the gage thicknesses varied from 0.018-inches 
to 0.037-inches, corrugation height (h) ranged from 0.70-inches to 1.4-inches, 
and the head width (h^) from 1.1-inches to 1.4- inches. In addition, the 
corrugation exterior angle (tt>) varied for 63-degrees to 90-^egrees. 

Unit panel weights ranged from 1.2 Ib/sq.ft. to 2.2 Ib/sq.ft. for region 40322 
with regions 40536 and 41348 having slightly higher values, 1.4 Ih/sq.ft, to 
2.4 Ih/sq.ft. 




TABLE 12-T* PANEL GEOMETRY AND V/EIGHT OF THE TRAPEZOIDAL CORRUGATION-CONCAVE BEADED SKIN CONCEPT - TASK I 

CHORDV/ISE WING ARRANGEMENT INITIAL SCREENING 


POINT DESIGN 
REGION 

40322 

40536 

41348 

SURFACE 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

SPAR (m) 

SPACING 

.51 

.76 

1.02 

.51 

.76 

1.02 

.51 

.76 


.51 


1.02 

.51 

.76 

1.02 

.51 

.76 

1.02 


On) 

20 

30 

40 

20 

20 

40 

20 

30 


20 


40 

20 

20 

40 

20 

20 

40 

DIMENSIONS: 




















^0 

(in) 

.020 

.023 

.028 

.020 

.023 

.025 

.029 

.034 

.044 

.034 

.030 

.038 

.028 

.034 

.035 



.034 


On) 

.019 

.023 

.028 

.019 

.022 

.024 

.026 

.028 

.030 

,020 

.024 

.024 

.024 

.029 

.034 



.024 

Ro/^o 

— 

97.50 

84.78 

69.64 

84.50 

84.78 

78.00 

58.28 

57.35 

44.32 

57.35 

56.33 

51.32 

46.23 

57.35 

55.71 

57.35 

57.35 

57.35 


(deg) 

65.77 

73.74 

74.93 

66.04 

74.74 

75.96 

7ZG4 

77.20 

83.42 

63.43 

81.47 

87.80 

77.47 

74.74 

79.11 

53.13 

66.37 

65.77 

bo 

(in) 

1.50 

1.50 

1.50 

1,30 

1.50 

1,50 

1.30 

1.50 

1.50 

1.50 

1.30 

1.50 

1.00 

1.50 

1.50 


1.50 

1.50 

bf 

(in) 

0.60 

0.80 

0.80 

0.50 

0.90 

0.80 

0.80 

1.00 

1.20 

0.70 


1.40 

0.60 

0.90 

1.00 

0.60 

0.8Q 


h 

(in) 

1.00 

1.20 

1.30 

0.90 

1.10 

1.40 

0.75 

1.10 

1.30 

0.80 

1.00 

1.30 

0.90 

1.10 

1.30 























■ 

t 

On) 

.050 

.065 

.081 

.050 

.062 

.073 

.070 

.084 

.106 

.063 

.075 

.039 

.072 

.085 

.102 

.057 

.064 


w 

(1b/ft2) 

1.158 

1.493 

1.873 

1.156 

1.425 

1.676 

1.622 

1.946 

2.435 

1.461 


2.059 

1.664 

1.964 

2.352 

1.322 

1.472 


CRITICAL 

CONDITION 

20 

20 

20 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 










U 
































PANEL CONCEPT: 



T" 


\ 

t- 

/ 

1 

r 


bo^bo 

0.10 




TRAPEZOIDAL CORRUGATION- 
CONCAVE BEADED SKIN 

bo 



D 

L 

h 

L 















bf 1^ — 
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T/VHl.i': ir-H. PAHI'II, Ui'lOMl'ITRY AND VfEIGHT OF THE TRAPEZOIDAL BEADED CORRUGATION-CONCAVE BEADED SKIN CONCEP 

TASK I CHORDNISE WING ARRANGEMENT INITIAL SCREENING 


POINT DESIGN 



















REGION 



40322 





40536 





41348 



SURFACE 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

SPAR 

SPACING 

(mj 

.51 

.76 

1.02 

.51 

.76 

1.02 

.51 

.76 

1.02 

.51 

.76 

1.02 

,51 

.76 

1.02 

.51 

.76 

1.02 


(in) 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

DIMENSIONS: 



















to 

(in) 

.020 

.025 

.030 

,023 

,025 

.029 

.027 

.032 

,034 

.032 

.033 

.031 

-028 

.034 

.034 

.034 

.036 

.037 

ti 

(in) 

.019 

.024 

.026 

,023 

.025 

.030 

.024 

.027 

.031 

.018 

.021 

.026 

.024 

.023 

.031 

.018 

.019 

.020 


— 

91.00 

72.80 

60.67 

79.13 

7Z80 

58.30 

52.96 

56.87 

53.53 

57.88 

55.15 

58.71 

51.07 

49.71 

53.53 

53.53 

50.56 

49.19 

Ri/tj 

— 

4.40 

4.18 

6.43 

6.08 

7.35 

5.01 

4.87 

8.05 

7.01 

8.36 

10.35 

7.71 

4.88 

8.36 

7.01 

6.50 

6.16 

9.19 


(deg) 

65.77 

70.02 

81.25 

71.56 

82.87 

81.87 

77.47 

87.40 

87.80 

72.65 

87.14 

85.60 

77.47 

90.00 

87.80 

63.43 

66.37 

81.47 

bo 

(in) 

1.40 

1.40 

1.40 

1.40 

1.40 

1.30 

1.10 

1.40 

1.40 

1.40 

1.40 

1.40 

1.10 

*^-30 

1.40 

1.40 

1,40 

1.40 

bf 

(in) 

0.50 

0.60 

1.00 

0.80 

1.10 

0.90 

0.70 

1.30 

1.30 

0-90 

1.30 

1.20 

0.70 

1.30 

1.30 

0.70 

0.70 

1,10 

h 

(in) 

1.00 

1.10 

1.30 

0.90 

1.20 

1.40 

0.90 

1.10 

1.30 

0.80 

1.00 

1.30 

0.90 

1.10 

1.30 

0.70 

0.80 

1.00 

MASS DATA: 



















t 

(in) 

.052 

.068 

.086 

.060 

.077 

,097 

.072 

.085 

.105 

.062 

.075 

.085 

.073 

.091 

.105 

.061 

.066 

,076 

w 

(1b/ft2) 

1.188 

1.563 

1.973 

1.385 

1.782 

Z243 

1.654 

Z047 

Z419' 

1.422 

1.737 

2.056 

1.677 

2.106 

2.419 

1,402 

1,520 

1.739 

CRITICAL 

CONDITION 

20 

20 

20 

31 

31 

31 

31 

31 

31 i 

31 

31 

31 

31 

31 

31 

31 

31 

31 


PANEL CONCEPT ; 

TRAPEZOIDAL BEADED 
CORRUGATION- 
CONCAVE BEADED SKIN 



= ,33 
h|/bj =.48 

ho/bo = .10 

b/2 = .375 



Chordwiae Surface P a nel Results - The results of the Initial screening analyses of 
the chordwise surface panels are presented in graphic form in Figure 12-9 • This 
figure compares the total panel weight, sum of the upper and lov;er surface panels 
weights, at the three point design regions as a function of the variable spar 
spacing. 

With reference to the lightly loaded region 40322, the circular-arc convex beaded 
concept was the least-weight concept with the trapezoidal beaded corrugation concept 
the heaviest, e.g,, for the 20-inch spar spacing designs the respective values of 
1.76 and 2.57 lbs/sq,.ft. are noted. The circular-arc concave and trapezoidal 
corrugation concepts have intermediate values. An exception to this ranking occurs 
at the 4o- spacing were the circ\ilar-arc concave beaded concept exhibits a slightly 
lower value, approximately 2-percent lower, than the convex beaded concept. 

For region 40536, the circular-arc convex beaded panel concept was again the least- 
weight panel concept, less than 3.0 Ib/sq.ft. for 20.0-inch spar spacing and 
slightly over 4.0 lb/ sq.ft, at 40-incn spar spacing. These values are indicative 
of the higher load intensities experienced at this region and hence more efficient 
designs were obtainable. This trend is indicated in Figure 12-9 by the small weight 
range exhibited by the four panel concepts. 

As with the previous point design regions. Figure 12-9 indicates the circular-arc 
convex beaded concept is also the least-weight concept for wing tip region 41348. 
Approximate urit weight values of 3.0 Ib/sq.ft. and 3.75 Ibs/sq.ft. are noted for 
spar spacings of 20-inches and 40-inches, respectively. The concept ranking, 
relative to weight, for this region is (l) circular-arc convex beaded, (2) trapezoidal 
corrugation-concave beaded, (3) circular-arc concave beaded, and (4) trapezoidal 
beaded corrugation. 

TO provide further credence to the selection of the least-weight panel concept a 
suppl^ental analysis was conducted to assess any possible changes in panel concept 
ranking when substructure is incorporated in to the design. This wing box analysis 
was conducted at the highly-loaded aft box region 40536 and included sizing typical 
subsWucture associated with each panel concept. The results of this analysis are 
contained in Table 12-9 and for comparison pm-poses displayed graphically in 
Figure 12-10. This analysis indicates the design using the circular-arc convex 
beaded panel results in the least-weight wing box. Approximate unit box weights of 
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Figure 12-9. Weight Comparison of the Candidate Surface Panel Concepts - 
Task I Chordwise Wing Arrangement Initial Screening 
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A. 

TABLE 12-9. UNIT WING BOX WEIGHT FOR CHORDWISE PANEL CONCEPTS - TASK I CHORDMSE 

ARRANGEMENT INITIAL SCREENING 


PANEL 

CONCEPT 

CIRCULAR ARC- 
CONVEX 
BEADED SKIN 

CIRCULAR ARC- 
CONCAVE 
BEADED SKIN 

TRAPEZOIDAL 
CORRUGATION- \_J 

CONCAVE BEADED SKIN 

BEADED 
CORRUGATION 
CONCAVE BEADED SKIN 

SPAR SPAC {IN) 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

PANELS 

UPPER 

LOWER 

2 

1.609 

1.335 

(2.944) 

1.965 

1.570 

(3.535) 

2.241 

1.943 

(4.184) 

1.696 

1.367 

(3.063) 

2.099 

1.688 

(3.787) 

2.620 

1.993 

(4.613) 

1,622 

1.461 

(3.083) 

1.946 

1.720 

(3.666) 

Z435 

2.059 

(4.494) 

1.654 

1.422 

(3.076) 

Z047 

1.737 

(3.784) 

2.419 

2,056 

(4.475) 

RIB WEBS 
BULKHEAD 
TRUSS 
2 

0.238 

0.228 

(0.466) 

0.238 

0.228 

(0.466) 

0.238 

0.228 

(0.466} 



0.238 

0.228 

(0.466) 

0.23B 

0.228 

(0.466) 

0.238 

0.228 

(0.466) 

0.238 

0.228 

(0.466) 

0.238 

0.228 

(0.466) 

0.238 

0,228 

(0.466) 

0.238 

0.228 

(0.466) 

0.238 

0,228 

(0.466) 

0.238 

0.228 

(0.466) 

SPAR WEBS 
BULKHEAD 
TRUSS 
2 


0.319 

0.403 

(0.722) 


0,270 

0.490 

(0.760) 


0.375 

0.325 

(0.700) 

0.270 

0.490 

(0.760) 

0.319 

0.403 

(0.722) 

0.375 

0.325 

(0.700) 

0.270 

0.490 

(0.760) 



RIB CAPS 
UPPER 
LOWER 
2 

0.116 

0.086 

(0.202) 



0.104 
0.087 
(0.191) : 

i 


0.152 

0.117 

(0.269) 

0.094 

0.093 

(0.187) 

0.104 

0.093 

(0.197) 

0.122 

0.104 

(0.226) 

0,038 

0.087 

(0.175) 

0.100 

0.093 

(0.193) 

0.109 

0.097 

(0.206) 

SPAR CAPS 
UPPER 
LOWER 
2 

2.710 

3.950 

(6.660) 

2.770 

4.040 

(6.810) 

2.890 

4.190 

(7.080) 

2.710 

3.950 

(6.660) 

2.800 

4.080 

(6.880) 

2.930 

4.240 

{7,170) 

Z850 

4.010 

(6.860) 

Z850 

4.160 

(7.010) 

2.950 

4.230 

(7.240) 

2.850 

4.010 

(6.860) 

2.850 

4.160 

(7.010) 

2.950 

4.290 

(7.240) 

NON OPTIMUM 
FASTENER 
WEB INTERS. 

2 

0,200 

0.120 

(0.320) 

0.190 

0.110 

(0.3QQ) 

0.180 

0.100 

(0.280) 

0.200 

0.120 

(0.320) 


0.180 

0.100 

(0.280) 

0.2C0 

0.120 

(0.320) 

0.190 

o.no 

(0.300) 

0.180 

0.100 

(0.280) 

0.200 

0.120 

(0.320) 


0.180 

0.100 

(0.280) 

POINT /,b \ 

2 DESIGN 1 -j:2 j 

MASS ' ’ 

11.352 

12.047 

12,956 

11.460 

1Z381 

13.498 

11.676 

1Z361 

13.406 

11.657 

1Z475 

13.367 






































.50 .75 1.00 
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Figure 12-10. Weight Comparison of Chordwise Arrangement Unit Box Weight 

Task I Chordwise Initial Screening 







11.3 Ib/sq.ft. to 13.0 Ib/sq.ft. are noted for this concept at spar spacing of 
20-inches and 40-inches, respectively. 

By comparing the results shovm. in Figure 12-9 with those in Figure 12-10 it can he 
seen that the findings of the panel investigation are validated hy the results of the 
wing box analysis, i.e., least-weight concept is the circular-arc convex-beaded 
I ■'il* 


Chordwise Detailed Concept Analysis 

For the detailed concepts ana?.ysis, elementary wing boxes, left-hand sketch on 
Figure 12-6, were subjected to point design weight -strength analyses. Structural 
components included were the least-weight panel concept surviving the initial 
screening analysis, circular-arc convex beaded concepts, with substructure commen- 
surate with the chordwise design. This substructure included spar caps and webs, 
rib caps and webs, and associated non-optimum structure (i.e., posts, shear ties, 
fasteners , etc . ) 

Six wing point design regions were selected for this analysis, the^ three used 
for the initial screening analysis plus three additional regions. Figure 12-3 
contains the locations of these regions. The three additional wing regions were 
located in the wing aft box and wing tip regions. 

The critical panel load-temperature environments 6ire displayed in Table 12-2 
for each of six wing point design regions. The substructiu’e was analysed using 
the internal forces derived from the NASTRAN redundant structure analysis 
solution. 

Panel Analysis - The results of the panel analysis are summarized in Table 12-10. 
This table displays the panel dimensions and mass data for the three additional 
point 'design regions 40236, 41036, and 4l3l6. All panels were designed for the 
critical symmetric flight condition at Mach 1.25, Condition 31. 

With. reference to this table, the bead skin thicknesses ranged from 0.019-inches 
to 0.072-inches for these regions with no minimum gage restrictions. The radius 
for the inner bead varied from 0.7-inch to 1.5-inches. The semi -apex angle 0, 
flat width b, and exterior skin bead height-to-chord ratio h/o were held tc th_ 


12-33 


!2ABLE 12-10. PAITEL GEOMETRY AMD VIEIGHT OF THE CIRCULAR ARC-COMVEX BEADED CONCEPT - TASK I CHORDWISE 

ARRAIIGEMEHT DETAIL CONCEPT ANALYSIS 


POINT DESIGN 
REGION 


SURFACE 


SPAR (m) 
SPACING 

(in] 


DIMENSIONS: 


40236 


UPPER 


LOWER 


.51 .76 1.02 .51 1 .76 I 1.02 

20 30 40 2 


41036 

UPPER LOWER 


.76 ! 1.02i ,51 .76 1.02 

20 30 40 


.022 

.028 

,034 

.025 

.030 

.033 


Rj 5 (in) 0.7 1.0 1.3 0.9 

9 (deg) 87 87 87 87 

b (in) .75 .75 .75 .75 

MASS DATA : 

F (in) .045 .058 .071 

w (1b/ft2) 1,032 1.325 1.629 

CRITICAL ^ ,, 

CONDITION '** 


1.5 0.8 

87 87 

.75 .75 


41316 


UPPER 


.76 1,02 .51 


2 


LOWER 


.021 .023 .028 .030 ,038 .026 .033 .037 
.029 .030 .072 .072 .067 .051 .046 .050 


0.8 
87 87 

.75 .75 


0.9 1.1 1.4 0.8 1.0 1.2 

87 87 87 87 87 87 

.75 .75 .75 .75 .75 .75 


31 31 


.057 .058 .062 .112 I .115 t .122 1 .087 I .092 1 .103 
1.320 1.336 1.435 2.571 
31 31 31 31 31 I 31 




PANEL CONCEPT: 


CIRCULAR ARC-CONVEX 
BEADED SKIN (h/c= 0.10) 








































1 


same constraints as the panels during the initial screening analysis; 87 -degrees, 
0.75-inches, and 0.10, respectively. 

The detail concept analysis used the panel weights determined during the initial 
screening analysis at point design regions U0322, 40536, and 41348. See Table 12-5 
for a summary of the panel geometry and weight of these regions. 

Substructure Analysis - For the chordwiae stiffened wing arrangement, the wing 
chordwise extensional stiffness and wing torsional stiffness are primarily a 
function of the surface panel properties with the wing bending stiffness provided 
by the submerged spar caps. Hence the spars (caps and webs) are major weight 
components for the chordwise arrangement. In addition, the rib caps and webs, and 
the associated non-optimum structure were included in this substructure analysis. 

The substructure weight-strength analysis was conducted at each of th^ six point 
design regions using representative substructure commensurate with the specific 
region being analyzed, i.e., wet bay or dry bay region. A typical substructure 
arrangement for point design region 40536 is shown in Figure 12-11. The number of 
components associated with each rib and spar spacing are shown superimposed on 
panel dimensions used in the finite-element structural model. All study dimensions 
were related to the model dimension. To protect the spar caps from the thermal 
environment and provide clearance for the uses of large surface panels (continuous 
panel stiffeners) the spar caps are submerged. The caps become large rectangular 
blocks with integral tee clips attaching to the skin. At bulkheads the svirface 
stiffeners taper out and the tee clips are continuous. At intermediate span’s the 
clips are cut away to allow for continuous panel stiffeners and are hence local 
discrete elements. 

In addition, the model loads reflect spar caps at the wing siirface, hence the actual 
spar cap loads used in the weight-strength analysis were adjusted by the ratio of 
model spar height. An example of the spar cap stress analysis is shown on Table 12-11 
and Table 12-12 presents the resulting spar cap geometry and weight. Study spacings, 
model spacings and inter-related number of caps are defined for each point design 
region. The cap geometry and area, and the equivalent surface panel xinit weights 
are displayed for both upper and lower caps. The nomenclature for the cap geometry 
and the weight equation are shown in the footnotes of this Table. The tension 
designed lower surface caps (90,000 psi. gross area fatigue allowable stress) are 
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APPLIED LOAD 


POINT 

DESIGN 

REGION 


SURFACE 


SPAR 

SPACING COND 

(IN.) NO. 


40322 


UPPER 


20 

30 

40 


9 

9 

9 


LOWER 


20 

30 

40 


9 

9 

9 


40536 


UPPER 


20 

30 

40 


31 

31 

31 


LOWER 


20 

30 

20 


31 

31 

31 


41348 


UPPER 


20 

30 

40 


31 

31 

31 


LOWER 


20 


3l 


30 


31 


40 


31 


CAP 

PULT AREA 

(KIPS) (IN.2) 


»T.c"> 

(KSi) 


Ft.c® 

{KSj) 


MARGIN 

OF 

SAFETY 


-27.4 

-41.6 

-56.0 


0.21 

0.32 

0.43 


-131.1 

-130.8 

-129.9 


-131.0 

-131.0 

-131.0 


0.00 

0.00 

0.01 


27.4 

41.6 

56.0 


0.30 

0.46 

0.62 


90.d 

89.8 

90.3 


90.0 

90.0 

90.0 


0.00 

0.00 

0.00 


-307.4 

-472.8 

-656.6 


2.35 

3.62 

5.02 


-130.8 -131.0 

-130.6 -131.0 


-130.8 


-131.0 


0.00 

0.00 

0.00 


307.4 

472.8 

656.6 


3.43 

5.27 

7.27 


89.6 

89.7 
90.3 


90.0 

90.0 

90.0 


0.00 

0.00 

0.00 


-272.2 

-436.0 

-632.0 


2.09 

3.33 

4.83 


-130.2 

-130.9 

-130.8 


-131.0 

-131.0 

-131.0 


0.01 

O.OQ 

0.00 


272.2 

436.0 

632.0 


3.02 

4.83 

7.05 


90 1 
90.3 
89.6 


90.0 

90.0 

90.0 


0.00 

0.00 

0.00 


NOTES 

1. APPLIED STRESS = PuLT^A 

2. ALLOWABLE STRESS: 

COMPRESSION (Fc) = fcY 

TENSION (Fyl = 90,000 PSI (FATIGUE ALLOWABLE) 
a MARGIN OF SAFETY = F/f-1 
































































TABLE 12-12. SPAR CAP GEOMmx AND WEIGHT OF THE CHORDWISE WING ARRANGEMENT 


POINT 

DESIGN 

REGION 

SPACING 

MODEL 

SPACING 

SPAR 

UN.) 

BIB 

b 

(1N-) 

SPAR 

A 

(IN.) 

RIB 

B 

(IN.) 

40322 

20 

60 

90 

71 


30 

60 

90 

71 


40 

60 

90 

71 

40236 

20 

60 

80 

63 


30 

60 

80 

63 

i 

40 

60 

80 

63 

40536 

20 

60 

80 

64 


30 

60 

80 

64 

1 

40 

60 

80 

64 

1 

41036 

20 

60 

100 

64 


30 

60 

100 

64 


40 

60 

100 

64 

41316 

20 

60 

50 

45 


30 

60 

50 

45 


40 

60 

50 

45 

41348 

20 

60 

35 

40 


30 

60 

35 

40 


40 

60 

35 

40 


UPPER SURFACE SPAR CAPS 


SPAR CAP DIMENSIONS 


N 

NUMBER 



Ac 1 

w 

(IN.2) 

(LB/SQ. FT) 

,209 

.241 

-318 

.244 

-431 

.248 

2.74 

3,16 

4-23 

3.25 

5-76 

3.31 

2.35 

2.71 

3.52 

2.77 

5.02 

2.89 

1-62 

1.87 

2.58 

1.98 

3.63 

2.08 

3,40 

3.92 

5.43 

4.15 

7.81 

4.50 

2.09 

2.41 

3.33 

2.56 

4.83 

Z78 



Aq = CAP AREA OF EFFECTIVE LOAD CARRYING MATERIAL 
_L =W xt 


w = EQUIVALENT SURFACE PANEL WEIGHT, LB/Sa FT. 
N X Ap 

k. X 23.04 

A 


LOWER SURFACE SPAR CAPS 


Ac w 

(IN.2) (LB/SQ. FT) 
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heavier than the compression designed upper surface caps. At point design region 
40236, inboard location on aft wing hox, the lower surface caps are approximately 
1.6 lh/sq..ft. heavier than the upper surface caps. As to he expected, the spanwise 
cap areas increased at the wing tip root and the wing/fuselage intersection. On 
the aft box, reading from outboard to inboard, the unit weights of the upper surface 
spar caps for 20.0-inch spacing ranged from approximately 1.90 lb/sq,.ft. to 3*2 lb/ 
sq_.ft., respectively. The corresponding weights of the lower surface caps ranged 
from approximately 2. TO lb/sq,.ft. to 4.8 lb/sq.,ft. A general ranking of the wing 
regions by their spar cap weights are as follows: heaviest caps are indicated for 

the wing tip regions (4l3l6 and 41348), intermediate weights for the aft box regions 
(40236, 40536, and 41036), and least-weight for the lightly loaded spars in the 
fonrard wing box region 40322. 

The rib caps carry relatively low loads as the chordwise stiffened surface panels 
are the primary load-carrying structure. The rib caps were designed to support 
the surface panels, provided the necessary material for panel splicing, and in 
association with the rib web, supply additional chordwise bending stiffness. 

The rib cap geometry was held constant, a tee 2.0-inches wide with a 1.0-inch 
flange, with only the thickness allowed to vary with the load intensity. A 
minimum design restriction of 0.04-inches was imposed on the thickness. A 
summary of the rib cap geometry and weight are shown in Table 12-13. This table 
contains the same type of spacing data and number of rib caps as described for the 
spar caps analysis. The upper and lower surface rib cap geometry for each region 
are displayed along with the equivalent surface panel unit weight. The footnotes 
contain the typical rib cap geometry, and the cap area and equivalent panel unit 
weight equations. The rib caps at point design region 4l3l6 (wing tip/afb box 
interface) required the greatest areas (heaviest weight) with the caps at region 
40322 being the least-weight designs. A tinit weight of 0.I6 Ib/sq.ft. is noted 
for the upper rib cap for 20-inch spar spacing at region 4l3l6 and O.058 lb/ sq.ft, 
for the corresponding spacing design at region 40322. 

A combination of circular-arc corrugation and truss designs was considered for 
the spar and rib webs. The type of web used was contingent on the location of the 
specific point design region being analysed. For wet-bay regions, a combination 
of bulkhead and truss webs was considered; whereas, for the dry-hay wing tip 
regions the relatively small wing thxckness prohibited the use of truss wehs and 
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TABLE iUli ChV GEOr^I-ITRY AND VJEIGHT OF THE CHORDWISE WING ARRANGEMENT 


POINT 

DESIGN 

REGION 


SPACING 


MODEL 

SPACING 


UPPER RIB CAP 


lower rib cap 


k I L TV 

(IN.) (IN.2) (LB/SQ. FT) 



|-^2.00l — ^ 



A = AREA. IN.2 


= 3.00 X t 


w = EQUIVALENTSURFACE PANEL UNIT WEIGHT, LB/FT.2 


N X An X 23.04 












































































only corrugated webs were considered. The spar web geometry and corresponding 
weights are summarized in Table 12-ll|, with the similar data for the rib webs 
shown in Table 12-15. Both tables contain the pertinent type and number of webs 
for each point design region. In addition, the geometry nomenclature, and the 
area and weight equations are defined in the footnotes. 

Unit Box Weights - Tables 12-l6 and 12-17 contain a summary of the component and 
total weights of the chordwise wing concept for the six point design regions. The 
components included; the upper and lower surface panels, rib webs, rib caps, spar 
webs, spar caps, and non-optimum factors. In addition to the component weights, the 
total point design box weight is also included on these tables. For ease in interpre- 
ting these results, the con^jonent and total weights at each point design region as a 
function of spar spacing are presented in graphic form in Figure 12-12 through 
12-17 . 


The results for the lightly loaded fon-Tard wing box region i;0322 are presented in 
Figure 12-12. The total box weight curve has a positive slope of approximately 
.025 lb. /sq.ft, per inch of spacing vrith a minimum-weight value of 3.8 lb/sq,ft 
occurring at the 20-inch spar spacing design. Uith respect to the pauael weight 
curves the compression design upper surface panels are heavier than the lower sur- 
face panels for all designs with approximately 25-inch or larger spar spacings. The 
panel weights for the 25-inch spar spacing designs are 1.05 lb/ sq.ft. For the 
20-inch spar design the incremental weight between the upper and lower surface is 
approximately 0.12 Ib/sq.ft. with the upper surface design (0.82 Ib/sq.ft.) being 
the lightest. All substructure components are less than 1.0 lb/sq;ft. with the 
spar webs for the 20-inch spacing design being the heaviest weight component. 

The wing box weights for region U0236 are show in Figure 12-13. For this chord- 
wise stiffened wing panel concept, the wing spanwise bending loads are. carried by 
submerged spar caps which for this region are the heaviest component and weight 
approximately 8.0 Ib/sq.ft, The surface panels are relatively light-weight 
components with the heaviest panels being the lower surface panels which weigh 
approximately 1.30 Ib/sq.ft. and I.90 Ib/sq.ft. for the 20-inch and UO-lnch spar 
spacing designs, respectively. Of the remaining components, the spar webs were 
the heaviest item at O.90 Ib/sq.ft, for the 20-inch spar spacing design. The 
total weight curve is linear with a positive slope, a minimum total weight of 
approximately 12.0 Ib/sq.ft. occiirs for the 20-inch spar spacing design. 
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TABL3S lid-l4. SPAR GEOMETRY AMD WEIGHT OF THE CHORDWISE WING ARRAUGEMENT 
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DESIGN 
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SPACING 
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N 

NUMBER 
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Figure 12-13- 


Optimum Spar Spacing for Chordwise Wing Arrangement at 
Point Design Region 40236 


12-47 









POINT DESIGN WING BOX MASS - kg.m“' 





CM 





12 




.50 


.75 1.00 

SPAR SPACING ~ METER 


Figure 12-l4. Optimum Spar Spacing fo*' Chordwise Wing Arrangement at 

Point Design Region 40536 
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Figure 12-17. Optimum Spar Spacing for Chordvise Vling Arrangement at 

Point Design Region 413^8 
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The resiilts of the weight-strength analysis for region 40536 are presented in 
Figure 12-l4 and indicate the least weight design (11.4 lb/sq..ft,. ) occurs at the 
smallest spar spacing investigated, 20-inches. As with region 40236, the spar caps 
(upper and lower caps) were the heaviest weight components ranging from 6.7 Ih/sq.ft. 
at the 20-inch spar spacing to J.l Ih/sq.ft. at the 40-inch spar spacing. The 
spar cap weight amounts to approximately 55- to 59-percent of the total box weight 
with the larger percentage occurring for the 20-inch spar spacing design. The 
surface panel weight, combined weight of the upper and lower panels, varied from 
2.9 Ib/sq.ft. to 4.2 lb/-sq..ft. for the 20-inch and 40-inch spar spacing designs, 
respectively, with the upper surface panel being the heaviest panel for all designs. 
The surface panel weight amoimts to approximately 26- to 32-percent of the total box 
weight. The sum of the weight of the remaining structural components (spar and rib 
webs, rib caps, and non-optimum factor) amount to a maximum of 15-percent of the 
total weight for the 20-ineh spar spacing design and approximately 13-percent for the 
40-inch spar spacing design. 

The wing box weights for region 41036 are presented in Figure 12-15. f>s with the 
previous discussed regions the least-weight design corresponded to the. smallest 
spar spacing (20- inches) design investigated and weighed approximately 8.5 Ib/sq.ft. 
The upper surface panel was the heaviest panel for all spar spacings investigated 
with the weight ranging from 1.45 Ib/sq.ft. to 2.00 Ib/sq.ft. for the 20-inch and 
40-inch spar spacing design, repectively. The spar caps (upper and lower) weighed 
approximately 5.0 Ib/sq.ft. and amounted to approximately 54-percent of the total 
box weight. With reference to the remaining structure, no single component weighed 
more than 0.5 Ib/sq.ft. 

The wing, box weights for the wing tip inboard point design region, region 4l3l6, 
are presented in Figure 12-l6. The minimum-weight design (15.5 Ib/sq.ft.) occurs 
at the 20- inch spar spacing with the 4o-inch spar spacing design being the heaviest 
at 17.4 Ib/sq.ft. For the minimum-weight design, the weight of the spar caps 
amounts to 62-percent of the total weight , while the weight attributed to the panels , 
upper and lower, accounts for approximately 29-percent of the total weight. The 
remaining structure for the 20-inch spar spacing design amounts to approximately 
9-percent of the total weight. The corresponding weights of these components for 
the least-weight 20- inch design are: 9.65 Ib/sq.ft., 4.58 Ib/sq.ft., and 

1 . 31 lb/ sq.ft., respectively. 
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The component and total "box weight for region 413^8 are presented in Pigwe 12-17. 
The minimum-weight design is the 20-inch spar spacing design which has a total box 
weight of 9-8 Ib/sq.. ft., with a unit weight of 5*89 Ib/sq.ft, for the spar caps. 
The upper and lower surface panels weigh 1.63 lb/sq,.ft. and 1,37 Ib/sq.ft., 
respectively, with the rib caps and webs, spar webs, and non-optimum factors 
having individual weights less than 0.5 Ib/sq.ft. for all spar spacings. 


SPAm-ZISE STI3JTENED WING ARRANGEMENT - TASK I 


An Initial Screening and a Detailed Concept Analysis were conducted on the spamrise 
stiffened wing structural arrangement. The four panel concepts evaluated during the 
Initial Screening are presented in Figure 12-18, Also included on this figure is a 
typical wing box segment depicting the components included in the detailed concepts 
analysis. These components are; the upper and lower surface panels, spar caps and 
webs, rib caps and webs, and the appropriate non— optimum factors. 

Minimum gages and other fabrication limits are summarized in Figure 12-19 for the 
spamTise panel concepts. A more detail description of this data is contained in 
the materials and producibility section. Section 7« 

The load-temperature environment for the spamrise wing arrangement is based on the 
internal loads resulting from a NASTRAN redundant analysis solution. This solution 
utilized the 2-D finite element model with flexibilities representative of a 
typical spanwise stiffened wing. A description of the model and the input data is 
contained in Section 9> entitled Structural Analysis Models. Since the 
restilting internal loads are typical values, the point design environment was 
invariant and ^reis used to analyze all the spamrise arrangements. 

The point design environment ms defined from a comprehensive list of flight 
conditions, see Section 11. The load-temperature environment for the most 
critical Task I flight condition is presented in Table 12-l8, This condition 
is the Mach 1.25 symmetric flight condition at stall speed. 

Spanwise Initial Screening 

The spamrise stiffened mng panels are uniaxially stiffened panels which are of 
two basic constructions: integral and non-integral stiffened sheet. A total 

of four panel concepts, tiiro of each basic construction, were included in the 
initial screening analysis; these concepts were: 

• Zee stiffened 

• Hat stiffened 

• Integral zee, and the 

• Integrally stiffened 
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Figure 12-l8. Spam-rise Stiffened Wing Structviral Arrangements 
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TABLE 12-18. WING POINT DESIGN ENVIBONMBHT, SPANWISE ARRAIiGEMENT - TASK I 
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A weight-strength analysis was conducted on these panel concepts at the three point 
design regions; U0322, U0536, and 4l3^»8. See Figure 12-3 for the location of these 
regions on the wing platform. 

The critical design condition and the corresponding load-temperature environment 
for this condition are presented in Table 12-l8 with the pertinent regions used 
for the initial screening analysis noted. 

The weight-strength analysis vras conducted on both upper and lower surface panels 
for variable rib spacings of 20-, 30-, and 40-inches and a constant spar spacing 
of 60-inches. This analysis was conducted using the methods as previously 
described and the results are presented in the following text. 

Hat-Stiffened Panels - The results of the panel analysis are summarized in 
Table 12-19 which presents the panel cross-sectional dimensions and mass data for 
each of the rib spacings investigated. In addition to the above data, a sketch 
of the panel cross section is presented in the footnotes. 

A minimum gage constraint (0.020- inches) was active for the lower surface panels 
at point design region 40322. The skin thickness ranged from 0.020-to 0.109-inches, 
while the stiffener thickness varied from 0.019-to 0.100-inches. Unit weight 
varied from 1.20 lb/sq,ft. to 2,50 Ib/sq.ft. on point design region 40322 and from 
3.40 Ib/sq.ft. to 6.3 Ib/sq.ft. for regions 40536 and 41348. 

Zee Stiffened Panels - The results of the analysis conducted on this concept are 
summarized in Table 12-20 with a sketch showing the cross-sectional dimensions 
included in the footnotes. 

As vath the hat-stitfened concept, minimum skin gages (0.020- inches thick) are indi- 
cated for the lower surface panels at region 40322. For both panels at this region, 
the skin thickness ranged from the minimum gage value of 0.020-inches to 0.055-inches. 
The corresponding thickness range for region 40536 and 41348 was 0.060- to 
0.1l4-inches, 

The panels at region 40322 were the lightest weight designs ranging in unit weight 
from l,l4 Ib/sq.ft, to 3.15 Ib/sq.ft. Conversely, the heaviest panel designs occurred 
at region 40536 and varied from 5.28 Ib/sq.ft. to 6.50 Ib/sq.ft. The wing tip 
point design region 41348 indicated Intermediate unit vreight values ranging from 
3.45 Ib/sq.ft. to 5.06 Ib/sq.ft. 
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TABLE 12-19. PANEL GE0r4ETRY AND WEIGHT FOR HAT SECTION STIFFEIffiD CONCEPT - TASK I SPANVITSE l-TENG ARRANGEMENT 


POINT DESIGN REGION 

40322 

40536 

41348 

SURFACE 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

RIB 

(m) 

0.51 

— 

0.76 

1.02 

0,51 

0,76 

1.02 

0,51 

0.76 

1.02 

0.51 

0.76 


r 

0.51 

0.76 


0^1 

0.76 

1.02 

SPACir^G 

<in,| 

20 

30 

40 

20 

30 

40 

2D 

30 

40 

20 

30 


20 

30 


2D 

30 

40 

DIMENSIONS: 




















ts 

Itsnl 

0.0650 

0.0890 

0.1110 

0,0520 

0.0520 

Q.0530 

0.2260 

0.239D 

0.2590 


0.2640 

0.2670 

0.1480 

0.1710 

0.2010 

0.1600 

0.1 BIO 

0.1610 


(in,J 

0.0260 

0.0350 

0.0440 

0.0200 

0.0200 

0.0210 

0.0890 

0.0340 

0.1020 

0.1090 

0.1040 

0.1050 

0.0580 

0.Q672 

0.0792 

0.0630 

0.C63D 

0.0640 


(cm) 

2.2800 

3.2400 

4.1700 

2.0100 

^4600 

2.8800 

4.4600 

5.35Q0 

6.37C0 


5.6900 

a4700 


4.4800 

5.6100 

3.5700 

43400 

5.0200 


{in.) 

0.8960 

1.2750 

1.6420 

0.7910 

0.9B90 

1.1330 

1.7570 

2.1070 

2.5090 

ZOIZO 

^2410 

23490 

1344D 

1.7630 

2.2090 

1.4D50 

1,711D 

1.979D 


(cm) 

0.0610 

0.0830 

0.1030 

0.0480 

0.0480 

0.0430 

0.2090 

0.2210 


0.2550 

0.2440 

wm 

0.1360 

0.1570 


0.1470 

0.1480 

0.1490 


(in.) 

0.0240 

0.0320 

0.0400 

0.0190 

0.0190 

0.0190 

0.0320 

0.0870 

0.0940 

0.1000 

P.^G0 

0.0970 

0.0540 

0.0620 

0.0730 

0,0580 

0.0580 

D.0590 


(cm) 

0.6830 

0.9730 

1.2500 

O.J020 

0,7390 

0.8640 

1.3400 

1.601)0 

1.9100 

IB 

1.7100 

1.9400 


1.3400 


1.070D 

1.3000 

1S10O 


(in.) 

0.2690 

0.3830 

0.4930 

0.237C 

0.^10 

0.34QD 

0.5270 

0.6320 

0.7530 

IB 

0,6720 

0.7650 

0.4030 

0S29Q 

0.6630 


OS130 

0.5940 


(cm) 



2.9200 

1.4100 

1.72DD 

ZQ100 

3.1200 


4>1680 

3.5600 

3.9800 


2,3980 

3.130D 


2J}QOO 

3.0400 

SJTDO 


(in.) 

0.6270 

a8930 

1.1500 

ass40 

0.6760 

0.7930 1 

1.23Q0 

1.4750 

1.7570 

1.4010 

1.5690 

1.7840 

0.9410 

1.2340 

1.5470 

0.9 sao 

1.1980 

1.3360 

MASS DATA: 




1 




j 












X 

(cm) 

0.1669 

0.22S3 

0.2804 : 

0.1302 

0.1302 

0.1335 

0.5716 

0.6028 

0.6544 

0.6981 

0.6665 

0.6749 

0.3735 

0.4306 

05074 

0.4025 

0.4056 

0,4072 


(in.) 

0.0657 

0.0837 

0,1104 

0.0512 

0.0512 ; 

0,0526 

0.2250 

0.2377 

0.2577 

0.2748 

0,2624 

0.2657 

0.1470 

0.1695 

0.1998 

0.1534 

0.1537 

0.1603 

w 

(kg/m^) 

7.3900 

9.9800 

1Z4200 

S.7700 : 

5.7/CQ 

5.9100 1 

25.3200 

26.7400 

28.9900 

30.9000 

293200 

29.8900 

16.5400 

19.0700 

22.4700 

17,8200 

17.9600 

18.0400 


(Ib/Ct2) 

13140 

2.0440 

Z5430 

1JK10 

1.1310 

1.2110 

5.1850 

5.4760 

5.9370 

6.3300 

6.0460 

&1220 

3.3880 

3.9000 

4.6020 

3.6510 

3.67S0 

3.6940 

CRITICAL CONDITION 

31 

31 

31 

— — J 

31 

1 

31 

1 

31 1 

i 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

































TABLE 12-20, PANEL GE0I®TRY AND WEIGHT FOR ZEE STIFFENED PANEL CONCEPT 


8g 

is 

R o 


POINT DESfGN REGION 


SURFACE 


RIB 

SPACING {in,| 


□IMENStONS; 
te (cm| 


MASS DATA: 

T 


CRITICAL CONDITION 



0,0800 0.1090 0.1400 0,0510 0,0510 0,0520 0.2350 D.25G0 

0.0310 0.0430 0.0550 aOZOO 0,0200 0.0210 0,0930 0,1010 0.1140 

2.8800 4.1300 5.4100 Z3000 Z8400 3.3000 S.2500 6,4000 7.7800 

1.1350 1.6270 2.1290 0.9070 1.118D 1.2990 Z0G70 ZS190 3.0G20 

0.DB40 0.1160 0.1490 0,0540 0.0550 0.0550 0.2490 0,2720 

0.0330 0.04GQ 0.0580 0.0210 0,0220 0.0220 0,0980 0.1070 


Z5100 3.6QOO 
0,9880 1.41 GO 


ZQOOQ Z4700 Z8709 

0.7890 0.9730 1.1300 



5,5700 6.7700 

Z1920 Z6640 



0.7500 1.0000 1.4100 0.6000 D,74GD D.8500 1.3700 1,6700 Z0300 

0.2960 0.4250 0.5560 0.2370 0,2920 0,3390 0,5390 0.6570 0.7990 0.5730 I 0,6710 I 0.7660 I 0.4130 j 0.5630 


0.1620 0.1630 0.1630 

0,0640 0.0640 0X)640 

5,0500 S.S200 

1.9B70 Z23D0 

0,1720 0.1720 

0.0680 0,0680 

5J90Q0 3.6000 4.3900 5.060D 

Z3480 1.4170 1*7290 1.9920 

1.0B00 1.32QD 

0.7050 0.42S0 0,5190 0.5930 



(cmj 

0,1972 

0.2703 

0,3463 

ai258 

0.1275 

D.1292 

0,5823 

a63l9 

a71G6 

aG38S 

0.6526 

0,^6 

a3504 

0>4743 

0.5576 

0,4006 

0.4029 

0.4012 

On.) 

D.077B 

0.1064 

0.1365 

0.0495 

0,0592 

□:D5Q9 

0.2292 

0,2488 

0,2821 

0,2515 

Q.2569 

0.2597 

0.1498' 

0.1863 

0.2195 

0.1577 

0.1536 

0,1580 

tkg/mSj 

8.7300 

11.9700 

15.3600 

5.5700 

5.6500 

5.7200 

25.7900 

27,9900 

31.7400 

28.2900 

28,9000 

29.2100 

16.850Q 

21.0100 

24.7000 

17.7400 

17.8400 

17.7700 

imt2) 

1.7890 

Z4520 

3.1460 

1.1410 

1.1570 

1.1720 

5.2B20 

5,7320 

6,5000 

5.7950 

5.920 

5,9830 

3.4510 

4.3030 

5.0580 

3,6340 

3.6540 

3.6390 

IITION 

31 

31 

31 1 

31 

31 

31 1 

31 

31 

31 1 

31 

31 

31 i 

31 

31 

31 

31 

31 

31 


n=T 


ZEE STIFFENED 


J 
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Integral Zee Panels - The results of the panel sizing are shomi in Table 12-21. 

With reference to this table, skin thicknesses ranged from the minimum gage 
value of 0.020-inches to 0.122 -inches for the three point design regions. 

The heaviest-weight panels occurred at point design region U0536, which varied from 
5.13 lb/sQ[.ft. for the upper surface panel to 6, hi lb/sq..ft. for the maximum weight 
lower panel. The least-weight panels occurred at region 1|0322 and ranged from 
1.06 Ib/sq.ft. to 2.84 Ib/sq.ft. The intermediate weight panels, region 41348, 
ranged from 3.22 Ib/sq.ffc. to 4.69 Ib/sq.ft. 

Integrally Stiffened Panel - The results of the panel analysis, which are shovna 
in Table 12-22, indicate this concept is the most inefficient spanwise design from 
a weight/strength standpoint. With reference to this table, minimum gage skins 
are noted on the lower surface panels at- point design region 40322, while the thick- 
est skin gages occur on the surface panels at region 40536 where the corresponding 
stiffener thicknesses range from 0.046- to 0.31-inahes. 

The forward wing (region 40322) lower surface panels weigh approximately 
1.20 Ih/sq.ft., while the heaviest panels, approximately 6.50 lb/sq,.ft. occur at 
point design region 40536. The panels at region 41348 range from approximately 
4.0 Ih/sq.ft. to 6.0 Ib/sq.ft. 

Spanwise Surface Panel Results - Comparison curves of the surface panel weights for 
the spanwise concepts are presented in Figure 12-20. These unit weights, sum of 
the upper and lower surface panel weights, are displayed as a function of rib 
spacing at each of the point design regions. 

With reference to the forward wing hox region 40322, the hat-stiffened concept is 
the least-weight panel concept at all rih spacing investigated, e.g., approximately 
2.T Ih/sq.ft. at 20-inch rih spacing. Conversely, the integral stiffened concept 
is the; heaviest design with a unit weight of 3.4 Ib/sq.ft. for the 20-inch rih 
spacing. For the remaining concepts, the integral-zee and zee-stiffened concepts 
are. ranked, with respect to weights, as the second and third hest concepts, 
respectively. 

The panels at point design region 40536 exhibit the same weight characteristics 
UE those at region 40322, i.e., least-and heaviest-weight designs are the hat- 
stiffened and integral-stiffened panel concepts, respectively. The exception 
being the ranking of the concepts for the 20-inch rib spacing designs, for this 
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TABLE 12-21, PANEL GEOMETRY AND T-JEIGHT FOR THE INTEGRAL ZEE PANEL CONCEPT - TASK I 

SPANl-rCSE VJING ARRANGEMENT 


to 

1 

ro 


POINT DESIGN REGION 



40322 



4053S ! 

413 

i 

SURFACE 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 


LOWER 


RIB 

(ml 

asi 

0.76 

1.02 

0.51 

0,76 

1,02 

0.51 

0,7S 

1,02 

o,bi 

0.76 

1.02 

0X1 

0,76 

1.02 

0X1 

0.76 

1,02 

SPACING 


20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

48 

20 

30 

40 

DIMENSIONS: 




■I 
















h 

(on} 

0,0780 

0,1030 



0X510 

0.0600 

0.2460 

0.2620 

0,2890 

0 x 070 

0,3100 

0X020 

0,1540 

0.1900 

0X160 

0.1820 

0.1780 

0.1780 


(in.1 

0.031D 

a0420 


O 432 DU 

0,0200 

0.0240 

0X970 

0.1030 

0.1140 


0.1220 

0.1190 

0X610 

0,0750 

0.0880 

0.0720 

0X700 

0.0700 


(cm) 

2,4900 


4.63Q0 

ZOlOO 

Z4G00 

3,0800 

4,7400 

5.6700 

6,7700 

5,4900 

6X500 

6X600 

Z5200 

4.7500 

5.9600 

3X160 

4.6000 

5X000 


(in.) 

0.9800 


1.8230 

0,7900 

0,9630 

1,2140 

1,8650 

Z2330 

Z6650 

Z1630 


Z7400 

1,3840 


2X480 

1X390 

1.8110 

ZQ880 


(cm) 

0,0780 


0,1360 

0,5100 

ao5io 

0,GGDD 

0.2460 

0.2620 

0,2890 

0,3070 

0,3100 

0X020 

0,1540 

0,1900 

0X160 

0,1820 

0.1780 

0.1780 


(in.) 

0,0309 


0.0535 

0.0200 

0,0200 

a0237 

0.0968 

0.1030 

0.1140 


0.1220 

0,1190 

0X607 

0.0749 

0X885 

0,0718 

0,0703 

0X700 

«Vr 

(cm) 

2.4900 


4.6300 

Z0100 

Z4600 

3.0800 

Z4900 

3.5800 

4.6300 

Z0100 

Z4600 

3,0800 

3X20D 


5XBQ0 

3.9190 

4,6000 

5X000 

(inj 

0,9800 

1.4800 

1.8230 

0,7900 

0.9680 

1,2140 

1,8650 

Z2380 

ZB650 

Z1630 


Z740D 

1X840 

1.8700 

2X490 

1X390 

1X110 

Z0880 


(cm) 

0.7500 

1,0700 

1.3900 

0.6000 


0.9200 

1.4200 

1.7100 

2X3Q0 

1,6500 


zosoo 

IXSOO 

1,4200 

1.79GQ 

1.1700 

1X8 DO 

1X900 


(in.) 

0.2340 

0.4220 

0.6480 

0,2370 

0.29DO 

0.3640 

0X6Q0 

0.6720 

O.SQOfl 

0.6500 

0,7500 

0,8210 

0.4150 

0,5610 

0.7040 

0,4610 

0X430 

0.6260 

MASS DATA: 




















T 

(cm) 

0.1C04 

0,2481 

a3l2B 

0,1173 

0.1173 

0,1383 

0X652 

0,6005 

0.6640 

0,7088 

0.7131 

0,6950 

0X544 

0,4377 

0X173 

0.4197 

0.4105 

0.4Q90 


(iai 

0.0710 

0.0977 

ai23i 

0.0462 

0.Q4E2 

0,0545 

0.22^ 

0X364 

0,2614 

0.2791 

OXBDB 

0,2736 

0.1396 

0,1723 

0.203B 

Q.1G52 

0.1616 

0.1610 

W 

«<B/tn2| 

7.9900 

10,9900 

laasoo 

5.1900 

5.1L00 

6.1300 

25,0300 

2^5900 

29.4000 

31X900 

31X800 

30.7800 

15.7DQD 

19X800 

2Z910D 

18X900 

18.1800 

18,1100 


Itb/ftS) 

1.6370 

2,2510 

Z8370 

1.0640 ^ 

1X640 

1JI55D 

5,1270 

5,4470 

6X230 

6,4300 

6,4690 

a304D 

Z2150 

3.9700 

4,6920 

3,f VO 

3,7230 

3.7100 

CRITICAL CONOmC 1 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 



INTEGRAL ZEE 







12-63 


TABLE 12-22. PANEL GEOMETRY AtJD VffilGHT FOR OHE INTEGRALLY STIFFENED PANEL CONCEPT - TASK I 

SPAMflSE WING ARRANGEMENT 



PairOTDEStGN REGIONS 

4D32Z 

40536 

41348 1 

SURFACE 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

RIB 

tm) 

0.51 

0.76 

1.02 

0.S1 

0.76 

1.02 

0.51 

0.76 

1.02 

0^1 

0.76 

1.02 

0.51 

0.76 

1.02 

051 

0.76 

1.02 

spacing 

(in.) 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

DIMENSIONS; 





















(eanl 

0.1 DDO 

0.1380 

0.17BD 

0.0510 

Q.051Q 

0.0650 

a25G0 

0.3000 

0.3530 

0.2840 

0.2900 

0.3000 

0.1840 

0.2330 

o.r ^ 

0.1800 

0.17BD 

0.1760 


(irul 

0.0390 

0.0540 

0.0700 

0.0200 

0.0200 

0.0260 

0.1010 

0.1180 

0.1390 

0,1120 

0.1140 

0.1180 

0.0730 

0.0920 


6.0710 

OJ)70D 

0.0700 


(cm) 

4.2300 

6.1000 

7.9600 

3.Q50Q 

3.7300 

4.8400 

6.9200 

8.9900 

11.2600 

7.3900 

aoscx) 

10.3700 

5.7500 

7.9200 

9.9300 

5.59D0 

5.7900 

7.9500 


lm.| 

1.6660 

Z4010 

3.1340 

1.2000 

1,4700 

1.9050 

Z7240 

3.540 

4.4320 

Z9110 

3.4850 

4.0310 

Z2640 

3.119D 

3.9210 

Z2400 

Z729D 

3.1340 


(cm) 

0.2240 

0.31 DO 

0.3960 

0.1160 

Q.1160 

0.1470 

0^40 

0.6760 

0.79S0 

0.638Q 

0.6550 

0.6730 

0.4140 

0.5230 

0.G22D 

0.4060 

0.4010 

0.3960 


(tn.) 

0.0883 

0.1220 

0.1560 

0.0459 

0.0459 

0.0578 

0.2260 

0.266Q 

0.3130 

0.2510 

0.2580 

0.2550 

0.1630 

0.2060 

0.2450 

D.1600 

0.1580 

0,1560 

bw 

(cm) 

Z7500 

3.S600 

5.1700 

1.9B0D 

Z43QD 

3.1400 

4.5000 

5.8400 

7.3200 

4.8000 

5.7500 

&7400 

3.7400 

5.1500 

54700 

3.7000 

45D00 

5,1700 


(in.) 

1.0830 

1.5G10 

Z0370 

a7800 

0.9560 

1.2380 

1.7700 

Z3010 

Z8810 

1.8920 

2.2650 

Z6530 

1.472D 

Z0270 

2.5480 

1.4560 

1.7740 

Z0370 

MASS DATA: 




















T 

(cm) 

0,2450 

0.3400 

0.4340 

ai27D 

ai27Q 

0.1600 

0.6 6S0 

0.7380 

0.8690 

O.E9BO 

0.7160 

0.7370 

0.4530 

0.5740 

0.6800 

0.4440 

0.4390 

0.4340 


(tn.) 

0.09S7 

0.1338 

0.1710 

a0502 

0.0502 

0.0632 

0.2475 

0.2908 

0.3421 

0.2745 

0.2819 

0.2900 

0.17S5 

0.2258 

0.2677 

0.1740 

0.1729 

0.1710 

w 

(kg/m2) 

10.5700 

18.7400 

19.2400 

5.6400 

5.6400 

7.1100 

27.8400 

32.7100 

38.48 DO 

30.8900 

31,7100 

32.6200 

20.0800 

25.4100 

30.1100 

19.6600 

19.4500 

19.2400 


(Ib/ft^) 

Z2270 

a0B40 

3.94 DO 

1.1560 

1.1560 

1A560 ' 

S.702 

6.6990 

7.8310 

B.3270 

6.4950 

6.6820 

4.1 130 

6JJ040 

6.1680 

4.0270 

3.9830 

3.9410 

CRITICAL CONDITION 

31 

31 

31 

31 

31 1 

31 1 

31 1 

31 

31 

31 

31 

31 


31 

31 1 

31 

_!Lj 

31 
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Figure 12-20. Weight Comparison of the Candidate Spanvrise Panel Concepts 
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spacing the zee~ stiffened, concept supersedes the hat-stiffened concept as the least 
weight design. The unit weight values for the lightest (zee-stiffened) and heaviest 
(integrally-stiffened) concepts for the 20-inch rih spacing designs are approxi- 
mately 11.0 lb/sq,.ft. and 12,0 lh/sq..ft,, respectively. In general, the zee- 
stiffened and integr ally-zee concepts are ranked second and third with unit weights 
ranging from 11.0 lh/sq..ft. to 12.5 Ih/sq.ft. for the various rib spacings. 

The surface panel weight curves for the wing tip region 413^8 are the center curves 
shown in Figure 12-20. With respect to these curves, the ranking of the panel 
concepts on a weight basis is: (l) least-weight hat-stiffened concept, (2) integral 

zee, (3) zee-stiffened, ahd (4) heaviest-weight integrally stiffened concept. This 
ranking holds for all rib spacings. For comparison purposes, the least-weight hat 
stiffened design and heaviest-weight Integrally stiffened design tove respective unit 
weights values of 7.0 Ib/sq.ft. and 8.1 Ib/sq.ft. for the 20-inch rib spacing design. 


Spanwise Detailed Concept Analysis 

The most promising panel concept surviving the spanwise Initial screening analysis 
was the hat-stiffened concept. This panel concept was subjected to point design 
analysis at six wing regions, the three regions investigated dvuing the initial 
screening plus three additional regions located in the irLng aft box and -v/ing tip. 
Figure 12-3 indicates the locations of the point design regions used for this 
analysis . 

In addition to analyzing this concept at more locations, the weight-strength analysis 
was conducted in more depth and included determining unit box weights at each of 
the six point design regions, i.e. , weights of surface panels, substructure, and 
non-optimum factors. 

The surface panel load-temperature environment for the most critical flight condition 
at each point design region was as previously shotm in Table . 2-X8. In addition, the 
panel fabrication limits defined in Figure 12-19 are also applicable for this analysis. 

Panel Analysis - The results of the weight-strength analysis at the three new point 
design regions are presented in Table 12-23. This table summarizes the panel dim- 
ensions and weights for each of rib spacings studied; 20-, 30-, and 40-inches. A 
constant spar spacing of 60-inches was maintained. 
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TABLE i^-23• PANEL GEOMETRY AND V7EIGHT FOR THE HAT SECTION STIFFENED PANEL CONCEPT ^ TASK I SPAN^TISE 

TONG ARRANGEMEin? ~ DETAIL CONCEPT ANALYSIS 



ro 

I 


POINT DESIGN REGIONS 

4023G 

41036 

41316 

SURFACE 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 



LOWER 


Rm 

(m) 

0.51 

0.76 

1.02 

0.51 

0.76 

1.02 

0.51 

0.76 

1.D2 

0.51 

0.76 

1.02 

0.51 

0.76 

1.02 

0.51 

0.76 

1.02 

SPACING 

<in.l 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

DIMENSIONS: 

(anj 

0.2D90 

0.2290 

0.2650 

0.2260 

0.2250 

0.2300 

0.1600 

0.1780 

0.1960 

0.1850 

0.1810 

0.1800 

0.2490 

0.2540 

0.2730 

02760 

0.2770 

02730 


CinJ 

O.0B20 

0.0900 

0.1W0 

0.0B90 

a0B90 

0.0910 

0.0630 

0.0700 

0,0770 

0.D730 

0.0710 

0.0710 

0.0980 

0:1 ODD 

0.1 OBO 

0.1Q90 

0,1090 

0.1030 


(cm) 

4.2400 

5.2200 

6.4400 

4.4600 

5.1700 

&0000 

3.5700 

4.5BD0 

5S40Q 

3.9100 

4.6000 

5.3100 

4,740d 

5.5500 

05400 

5.0800 

5.8600 

62400 

(in-l 

1.6G&0 

Z0540 

2.5360 

1.7570 

2.0340 

Z3640 

1.4050 

1.8030 

2.1800 

1.5400 

1.8130 

ZD900 

1.8670 

2.1860 

2.5750 

2.QQ20 

Z3090 

ZSTSO 

<w“*l 

(cm) 

0.1930 

0.2120 

0.2440 

0.2090 

0.2080 

0.2150 

0.1470 

0.1650 

0.1810 

0.1700 

0.1670 

0.1 b6D 

0.2300 

0,2340 

0.2520 

02550 

0.2560 

02520 

(in.) 

O.D7BO 

0.0330 

0.0960 

0.0370 

0.0820 

O.0B4O 

0.0580 

0.0G50 

a071D 

0.0670 

0.0650 

0.0650 

0.0900 

0.0920 

0.0990 

0.1000 

0,1010 

0,0990 


(cm) 

1.2700 

1.5600 

1J9300 

1.3400 

1.5500 

1.8000 

1.0700 

1.3700 

1.6500 

1.1700 

1.3800 

1.5900 

1.4200 

1,6700 

1J6QQ 

1^200 

1.760Q 

12600 


(in.) 

OJSOOO 

aeiso 

0.7610 

0.5270 

0.6100 

0.7090 

0.4210 

0.5410 

0.6540 

0.46E3 

0.5440 

0.6270 

0.561 Q 

0.6560 

0.7730 

0.6000 

0,6930 

0.7730 

b,-bf 

(cm) 

2.9700 

3,6500 

4J5100 

3.1200 

3.G200 

4.2000 

2.5000 

3.2000 

3.8800 

2.7400 

3.220D 

3.7200 

3.3200 

3.8900 

4.5800 

3.5600 

4.11 DO 

4.5800 

(in.) 

1.1680 

1.4380 

1.7750 

1.2300 

1.4240 

1.6550 

ags30 

‘1.2620 

1.5260 

1.O7B0 

1.2690 

1.4630 

1.3070 

1.5300 

1.8030 

1.4010 

1.G170 

1.8030 

MASS DATA: 




















T 

(cm) 

0.5277 

0.5766 

0.7389 

0.5716 

0.5688 

0.5803 

a402S 

0L45O6 

0.4940 

0.4659 

0.4556 

0.4539 

0.6273 

O.B409 

0.68B9 

O.G981 

0.6988 

0.6889 


(in.) 

0.2078 

a2278 

0.2941 

0.2250 

0.2239 

0.2287 

ai584 

0.1774 

0.134S 1 

0.1634 

0.1794 

0.1787 

0.2470 

0.2523 

0.2712 

02748 

0,2751 

0.2712 

w 

(kg/m^) 

23.3700 

25.6200 

33.0800 

25.3200 

25.1900 

25.7200 

17.B2D0 

19.9600 

21,8800 

20.6300 

20.1800 

20.1100 

27.7800 

28.3900 

30.5100 

30.9000 

30.9400 

302100 


(Ib/fi2) 

4.79DO 

5.2500 

B.7B00 

SlIBOO 

5.1600 

B.2700 

3.6500 

4.0900 

4.4800 

4.2300 

4.1300 

4.12^0 

5.B900 

5.8100 

6.2500 

G2300 

62400 

5.2500 

CRtTtCAt CONDITION 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

1 

31 

31 


— Jb, 
1 * 

1 

1 

IT 

J 

^ 1 
“'J 

jk 


bj-,-j 

T"r 


HAT SECTION STIFFENED 



Skin thiclcnesses varied from O.o63-inches to 0.109-inches 'VTith the stiffener 
thiclaiess ranging from 0. 058-inches to approximately 0.100-inches. 

Region 1*1036 had the least-weight panels for the new point design regions, \mit 
weights for this region varied from 3.65 Ib/sq.ft. to !*.U6 Ib/sq.ft. for the upper 
surface panels. The heaviest-weight panels occurred at point design region 1*1316, 
inboard region of the id.ng tip, where the upper surface panels varied in weight from 
5.69 Ib/sq.ft. to 6.25 Ib/sq.ft. And the tension design lower surface had an 
average unit weight of approximately 6.30 Ib/sq.ft. The upper surface of region 
1*0236, inboard region on the aft irlng box, experienced the largest variation in unit 
weight, ranging from 1*.79 Ib/sq.ft. to 6.78 Ib/sq.ft. This variation is attributed 
to the panels being predominately designed by the high compressive loads. The 
tension design lower surface panel at region 1*0236 experienced a slight variation 
in unit weight (O.ll Ib/sq.ft.) with an average weight of approximately 
5.20 Ih/sq.ft. 

The surface panel designs established for the hat-stiffened concept during the 
initial screening study are applicable for this analysis. The panel dimensions 
and unit weights for these regions (1*0322, 1*0526, and 1+131*8) were previously 
presented in Table 12-19. 

Substructure Analysis - For the spanwise stiffened -sd-ng arrangonent the surface 
panels carry the wing spanwise bending loads ■sri.th the rib caps supporting the 
chordid.se loads. The chordwise loads resisted by the skin were conservatively 
neglected. Both truss and circular-arc webs were considered for the spar and 
rib web design. Since the panels are the main spanwise load carrying members, 
only light spar caps located at contour are required. 

All substructure components were subjected to analysis at each point design 
region and the resulting weights are summarized in the detail wing weights 
reported later in the wing box results. For this section, only the results of 
the rib cap analysis (geometry and weight) are reported to illustrate the depth 
of analysis conducted on the substructure components. Table 12-21* contains this 
data for the upper and lower rib caps at each of the point design regions. A 
sketch of the rib cap design is included in the footnotes. 

Spanwise Box Vleights - A compilation of the component and total wing box weights 
for the spanwise arrangement at each point design region are shown in Table 12-25 
and 12-26. These tables includes the weight of the surface panels, rib webs, spar 
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TABLE 12^25. DETAIL TONG MIGHTS FOR THE SPAIWISE WING AKRANGM4ENT 



POINT DESIGN 
REGION 


40322 


41316 


41348 


RIB SPAC UN) 


20 


30 


40 


20 


30 


40 


20 


30 


40 


PANELS 

UPPER 

v^LOWER 


1,514 

1.181 

(2,695) 


2.044 

1.181 

(3.225) 


1.543 

1.211 

(3.7541 


5.690 

6.330 

( 12 . 020 ) 


5.814 

6.339 

(12.153) 


6.249 

6.249 

(12.498) 


3.388 

3.651 

(7.039) 


3.906 

3.679 

(7.585) 


4.602 

3.694 

(8.296) 


RIB WEBS 
BULKHEAD 
,^TRUSS 


0.517 

0.403 

(0.926) 


0.551 

0.373 

(0.9241 


0,555 

0.296 

(0.851) 


0.271 

(0.271) 


0.218 

(0.218) 


0.181 

(0.181) 


0.276 

(0.276) 


0.187 

(0.187) 


0.159 

(0.159) 


SPAR WEBS 
BULKHEAD 
^TRUSS 


0.133 

0.230 

(0.363) 


0.133 

0.230 

(0.363) 


0.133 

0.230 

(0.363) 


0.163 

(0.163) 


0.163 

(0.163) 


0.163 

(0.163) 


0.200 

( 0 . 200 ) 


0.200 

( 0 . 200 ) 


0.200 

( 0 . 200 ) 


RIB CAPS 
UPPER 
„LOWER 


0.139 

0.139 

(0.278) 


0.105 

0.105 

(0,210) 


0.070 

0.070 

(0.140) 


0.139 

0.139 

(0.278) 


0.147 

0.101 

(0.248) 


0.159 

0.108 

(0.267) 


0.240 

0.360 

(0.6001 


0.270 

0.390 

(0.660) 


0.302 

0.583 

( Q . SB 5) 


SPAR CAPS 
UPPER 
^LOWER 


0.069 

0.069 

(0.138) 


0.069 

0.069 

(0.138) 


0.076 

0.069 

(0.145) 


0.357 

0.395 

(0.752) 


0.247 

0.268 

(0.515) 


0.202 
- 0.202 
(0,404) 


0.063 

0.073 

(0.136) 


0.079 

0.075 

(0.154) 


0.093 

0.074 

(0.167) 


NONOPTIMUM 
FAST./CLIPS 
WEB INTERS. 


0.180 

0.129 

(0.309) 


0.170 

0.129 

(0.299) 


0.160 

0.121 

(0.281) 


0.200 

0.043 

(0.243) 


0.190 

0.038 

(0.228) 


0.180 

0.034 

(0.214) 


0.200 

0.048 

(0.248) 


0.190 

0,039 

(0.229) 


0.180 

0.036 

(0.216) 


E 


POINT 

DESIGN 

WEIGHT 



4.709 


5.159 


5.534 


13.727 


13,525 


13.727 


8.499 


9,015 


9.923 
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TABLE 12-26. DETAIL VrCMG VffilGHTS FOR THE SPAIOISE VIING ARRANGEMENT 


POINT DESIGN 
REGION 

40236 

40536 

41036 

RIBSPACRN) 

20 

30 

40 

20 

30 

40 

20 

30 

40 

PANELS 

UPPER 

^tOWER 

4,787 

5.185 

(9.972) 

5.248 

5.159 

(10.407) 

6.776 

5.268 

(12.044) 

5.185 

6.330 

{11.515) 

5.476 

6.046 

(11.522) 

5.937 

6.122 

(12.059) 

3.651 

4.226 

(7.877) 

4.088 

4.133 

(8.221) 

4.481 

4.118 

(8.599) 

RIB WEBS 
BULKHEAD 
^TRUSS 

0.451 

0,642 

(0.093) 

0.513 

0.423 

(0.936) 

0.559 

0.300 

(0.859) 

0.396 

0.410 

(0.806) 

0.422 

0.280 

(0.702) 

0.425 

0.187 

(0.612) 

0.150 

0.175 

(0.325) 

0.177 

0.124 

(0.301) 

0.204 

0.073 

(0.277) 

SPAR WEBS 
BULKHEAD 
^TRUSS 

JL4 

0.353 

0.080 

(0.433) 

0.353 

0.080 

(0.433) 

0.353 

0.080 

(0.433) 

0.380 

0.125 

(0.505) 

0.380 

0.125 

(0.505) 

0.380 

0,125 

(0.505) 

0.072 

0.040 

(0.112) 

0.072 

0.040 

(0.112) 

0.072 

0.040 

(0.112) 

RIB CAPS 
UPPER 
LOWER 

ZmU 

0.139 

0.139 

(0.278! 

0.092 

0.092 

(0.184) 

0.092 

0.069 

(0.161) 

0.139 

0.155 

(0.294) 

0.110 

0.161 

(0.271) 

0.115 

0.160 

(0.275) 

0.139 

0.139 

(0.278) 

0.145 

0.100 

(0.245) 

0.152 

0.104 

(0.256) 

SPAR CAPS 
UPPER 
^LOWER 

0.296 

0.319 

(0.615) 

0.219 

0.215 

(0.434) 

0.213 

0.166 

(0.379) 

0.120 

0.169 

(0.289) 

0.116 

0.154 

(0.270) 

0.159 

0.196 

(0.355) 

0.227 

0.260 

(0.487) 

0,171 

0.173 

(0.344) 

0.143 

0.132 

(0.275) 

NON-OPTIMUM 
FASTENcRS/CUPS 
WEB INTERS. 

E 

0.200 

0.152 

(0.252) 

0.190 

0.136 

(0.326) 

0.180 

0.130 

(0.310) 

0.200 

0.131 

(0.331) 

0.190 

0.121 

(0.311) 

0.190 

0.112 

(0.292) 

0.200 

0.044 

(0.244) 

0.190 

0.041 

(0.231) 

0.180 

0.030 

(0.210) 

E 

POINT 

DESIGN 

WEIGHT 

LB 

FT2 

12.743 

12.720 

14.186 

13.740 

13.581 

14.098 

9.323 

0.454 

9,729 

1 




I 

f 

1 

i 


webs, rib caps, spar caps, and associated non-optimum factors. For easier 
interpretations these results are displayed in graphic form in Figures 12-21 
through 12-26. 

The component weights and total box weight for the forward wing box point design 
region 40322 are presented in Figure 12-21, The upper surface panel displays a 
large positive slope characteristics of panels designed by high compression loads 
in combination with norml pressure, i.e., beam column effect. The panel weight 
rarged from 1.5 to 2.5 Ib/sq.ft. for 20- and 4o~inch rib spacing, respectively. 

The lower surface panel weights, which are tension designed, indicate only a slight 
variation with rib spacing and has a value of approximately 1.20 lb/sq.ft. The 
weights for all other components display only a slight variation with rib spacing 
with the largest weight attributed to the rib webs, approximately 0.90 lb/sq.ft. 

With reference to the total weight curve on this figure, the minimum-weight design 
is coincidental with the smallest rib spacing investigated irith the total weight 
varying from approximately 4.7 lb/sq.ft. to 5*5 lb/sq.ft. for the 20- and 40-inch 
rib spacing designs, respectively. 

With reference to Figure 12-22, a minimum-weight design of 12.72 lb/sq.ft. is 
indicated for region 40236 at a rib spacing of 30-inches. A slightly higher total 
box weight is noted for the 20-inch rib spacing design (12.74 lb/sq.ft.), while a 
much larger weight increase is shotm for the 4o-inch design, i.e., approximately 
12-percent increase over the minimum-weight design. The weight curves for the 
surfU' panel design exhibit the same characteristic slopes as those indicated 
far region 40322, The upper surface panel weights vary from ii.8 lb/sq.ft. to 
6.8 lb/sq.ft. for the 20-inch and 40-inch rib spacing designs, while the weights of 
the lower surface panels were almost invariant with respect to rib spacing at 
approximately 5*2 lb/sq.ft. All other components , indicated negligible weight changes 
with respect to rib spacing ■\'dth the largest weight component being the rib webs 
at approximately 1.0 lb/sq.ft. 

The point design box weights for region 40536 are ohovm in Figure 12-23. This 
region, which is located at approximately .mid-span on the wing aft box, has 
a minimtun-weight design of 13.53 lb/sq.ft. (total box weight) for the 30-inch 
rib spacing design. The corresponding t''tal box weights for the 20-inch and 
4o-lnch designs are 13.74 lb/sq.ft. and l4,10 lb/sq.ft., respectively. As compared 
with the prior regions, a smaller weight increment is noted between the upper and 
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Figure 12-21, Optimum Rib Spacing for Spanwise. Wing Arrangement at 

Point Design Region 1*0322 
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Figure 13-22. Optimum Rib Spacing for Spanwise Wing Arrangement at 

Point Design Region U0236 










Figure 12-23. Optimum Bib Spacing for Spamrise V7ing Arrangement at 

Point Design Region 40536 
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Figure 12-25. Optimum Rib Spacing for Spanwise Wing Arrangemr 

Point Design Region U 1316 


12-T6 




12 - 









lower surface panels \ri.th a maximum increment of 1,0 lb/sq..ft, indicated for the 
20-inch rib spacing designs, which decreases to 0.20 Ib/sq.ft. for the UO-inch 
design. As with the previously discussed point design regions, the weight of 
the substructure components vary slightly with rib spacing with no component 
weighing more than 1.0 Ib/sq.ft. 

The unit box weight for point design region 41036 representative of the structure 
located outboard on the wing aft box, are presented in Figure 12-24. A curve with 
a slight positive slope defines the total box weight with a minimum value of 9.3 lb/ 
sq.ft, occurring for the 20- inch rib spacing design and a maximum value of 9*7 ll>/ 
sq.ft, for the 40-inch design. A maximum weight increment of only 0.60 Ib/sq.ft. is 
indicated between the siurface panels for the 20-inch spacing design where the heavier 
lower surface panel weighs 4.2 Ib/sq.ft. Identical surface panel weights (zero weight 
increment) of approximately 4.1 Ib/sq.ft. are noted for a 30-inch rib spacing design. 
For the 40-inch rib spacing designs, the upper surface panel is the heaviest panel 
and is approximately 0.4 Ib/sq.ft. heavier than the corresponding lower surface 
panel. All substruct\ire components have unit weights less than 0,50 Ib/sq.ft, vrith 
the spar caps having the maximum values at all rib spacings. 

A symmetrical total weight curve is noted in Figure 12-25 for point design region 
41316. This curve shows a minimum-weight design of 13.5 Ib/sq.ft. for 30-inch rib 
spacing and identical values of 13.7 Ib/sq.ft. for the 20- and 40-inch designs. 

The predominately-tension designed lower surface panels are heavier than the 
corresponding designs for the upper siurface panels. The exception being the 
40-inch rib spacing designs where the surface panels have identical unit weights 
of 6.25 Ib/sq.ft. The heaviest substructure components are the spar caps which 
have a maximum value of 0.75 Ib/sq.ft. for the 20-inch rib spacing design. 

The last point design region included in the Detailed Concept Analysis is the mid- 
span wing tip region 41348, The results of this analysis are presented in Fig- 
ure 12-26 where the total weight curve indicate the least-weight design occurs for 
the lowest rib spacing investigated, 20-inches, A unit box weight of 8,5 lb/sq,ft, 
is noted for this design. The predominately compression designed upper surface 
panels are heavier than the lower surface panels for designs with rib spacings greater 
than approximately 25-inches. At this rib spacing, both panels weigh approximately 
3.66 Ib/sq.ft. The rib caps are the heaviest weight substructure component having 
a unit weight of 0.90 Ib/sq.ft. for the 40-inch rib spacing design. 
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MOKOCOQUE V/IKG ARRMGEMENTS - TASK I 


i 

J 


The monocoque (hiaxially stiffened) panel concepts were subjected to the same stages 
of analysis as the uniaxial stiffened panel arrangements, i.e., an Initial Screening 
and a Detail Concept Analysis. In addition, an additional analysis was conducted at 
the start of the initial screening to ascertain the minimum weight panel proportions 
(aspect ratio) prior to screening the candidate concepts. 

The two candidate panel concepts are shown in Figure 12-27 and include the honeycomb 
core and truss core sandwich concepts. In addition this figure contains a sketch of 
typical monocoque arrangement wing box segment depicting the biaxially stiffened 
surface panels and related substructure. 

The fabrication limits for the monocoque panels and closures are contained in Fig- 
ure 12-28. These limits include the thickness constraints imposed on the face 
sheets due to foreign object damage (F.O.D.); which were; .020-inch for the lower 
surface and .015-inch for the upper surface exposed skins. 

The point designs environments for the critical flight conditions are presented in 
Table 12-27. The critical flight conditions for the Task I analysis were condi- 
tions' 20 and 31. Condition 20, start of cruise, being the most severe environment 
for the forward wing box region U0322 with the symmetric flight condition at 
Mach. 1.25, condition 31, being the most critical for the aft box and wing tip 
regions . 


Monocoque Initial Screening 

The candidate monocoque wing panel concepts are biaxially stiffened panels with the 
two most efficient designs being investigated in the initial screening analysis; 
these concepts were: 

• Honeycomb core sandwich 
« Truss core sandwich 

The initial screening analysis was conducted at the three point design regions shovm 
in Figure 12-3 using the associated critical point design environments presented in 
Table 12-27* 
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Figure 12-27. Monocoque Stiffened Wing Structural Arrangements 



OEIGINAIi IS 
OF POOE aUAUTIT 


concept 

FACE 

CORE 

FACE SKIN 

SHEET 

SIZE 

ON.l 

PANEL 

MATERIAL 

CONDITION 

CORE 

DEPTH 

BRAZE : 

CORE 

FAtt snp 

THICKNESS 

CONTOUR 


CONCLUSION 

MATERfAL 

material 

CAGE 

IINJ 

SIZE 

(MAX-^ 

BEFORE 

BRAZE 

II 

GAGE 

iiN,i 

caL 

^IZE 

HNJ 

ALLOY 

DENSITY 

TAPER 

CHEM 

MILL 

HN.f 

TAPEBEO 

SHEET* 

CAPABILITY 


MH 




.DID 

3*1 144 

n 




1/3 

■ 









IlllllllUllllil 



MIN 






.002 

1>2 

■ 


CAN VARY 

DENSITY 

AND 

NO 

PRACTICAL 

LIMIT 



NO 



BRAZED 

TI-^A1-4V 

T1-3A1- 


SPECIAL 

24 K T44 


ANN 

EAlEO 



Hi 

3003 

.010 

NOT 

AVAIL- 

^ 1 1- Li- AL 

LIMIT 
EXCEPT 
BRAZE 
GRAVITY 
FLC^v i 

starvation 

AND ANNEALED 

CONDITION 

COMPATIBLE 

T240*F 

BRAZE 

LIMITED TO 
TI-6AI-4V 

HONEY CO V3 

ANNEAlED 

3.5V 

MAX 

.030 

TO 

.373 

60jc 200 

AvaD 

SHEETS' 

.006 

TO 

4 in 
IN. 

Al 

KEEP SHEAR 
CONTINUITY 

UPPER 

LIMIT CORE 
COLUP5I 

MIN. 

A9L£ 

ANNEALED FACES 





.375 





1? 






•I41U 

RCUED 







MIN 

.<no 

24 « 144 



STA 

KEOUIRES 

EXACT 

AGEING 










INITIAL COLD 
FORMING AN 
ADVANTAGE 

METHOD OF AGING 



BETA 

ALLOY 

{STAl 

TJ-3AI- 

2.5V 

MAX 

.030 

TO 

.373 

60x300 

COIN. 

X 

40 FT. 
ftVELD 
SBEETSI 

5.1. . 

WITH 

BRAZING 

PROCESS 

AGE 

lOOO'-F 


AS ABOVE 

NOT 

RE- 

SOLVED 


AS ABOVE 



AFTER BRAZING 
NOT RESOLVED. 

BRAZE ALLOY TO 
AVOID DIFFUSION 
not RISCLVED. 

BETA AllOY 
AFTER AGING 
UNKNOWN 





.375 

?&m340 



BRAZE 

»74D"F 


































MIN 

.010 


4 FT 




CELL 



CAN VARY 
INCirVtDUAl 




HOT 

VACUUM 


LIMITEO TO 

intmnnc 





13 FT. 
(PKE5ENT1 





0.50 IN. 


RIBBON 















THICKNESS 




AND STRETCH 
FORMING 

sheas tie 

OIFFICUIT; 

FACES 

STflESSKtN 

n*4A1*4V 

TI-2A1 - 
2.5V 


.008 

SPECIAL 





U'2 

THICK 


NONE 


INDn/lDUAl 

PANEL 

CONSTANT 

THICKNESS 

.O’D 

MlN 

NOT 

FEASIBLE 

BRAZED DOUBLERS 
MUST BE EXTERNALj 
AFTER DIFFUSION 
BOND SURFACE 
HAS BUILT INK, 
DUE TO INITIAL 
TACK v;EtO 


DIFFUSION 

BONDED 

ANNEALED 

MAX 

.0*3 

PRESENT 

i 

ABOVE 

£Q1N. 

X 

24 FT. 



.005 

319 

CELL 

2.0 IN. 

CONSTANT 
THICKI4ESS 
OVER FULL 
LENGTH OF 

NO 

PRACTICAL 

CONDITION OF EBTA 
AUOY AFTER 
DIFFUSION 



.125 

{FRO- 

iJECTED^ 

1 


fPKO- 

JECTED) 



2 IN. 
THICK 



BISSON 




LIMIT 


BONDING 

UNKNOWN 







AFFBOX 













1 fMiTPn jr\ 

/_WV/v 






COIN. 

X 













ipiryvNCLj Li^ 

Ti-4AI-4V 

tflRAZEDI 

BETA ALLOY 
SPOT. £B WELDED 
GR OIFF. BONDED 

CORRUGATED 

SANDWICH 

i 

ANNEALED; 

i 

U-6A1-AV 

ANNEALED 

MIN. 

-0C3 

SPECIAL 

AS ABOVE 

24 FT. 

DEFENDS 
ON MFC. 
PROCESS 

ANNE 

ALSO 

.003 



3C03 

Al 

not 

APFIICA3LE 

tlMIIEO TO 

STRAIGHT 

LINE 

Ety/ENIS 

.013 

MIN 

NOT 

AVAIL- 

ABLE 

FORMABIE IF 

SPOT ca EB 

WELtSEO 
OR DIFF. 
BONDED 

FORMING DIFFiaai 


”3/1* C£LL UNDZB OEVaOPJ^WT 


Figtire 12-28 


Fabrication Limits 


Monoeoque Stiffened Surface Panels 









































TABLE 12-27. CRITICAL WING POINT DESIGN ENVIRONMENT, MOWOCOQUE 

ARRANGEMENT - TASK II 


O Q 

to 

^ § 
8| 
^ f. 
^ hrl 


CQ 


H 

TO 

I 

05 

ro 


CONDITION 20 : (START OF CRUISE); MACH NO. = 2-7; n = 2.5 

, 2 

WEIGHT -06QX 10* L& 


ULTIMATE 

DESIGN 

LOADS 

m 

UNITS 

POINT DESIGN REGION | 

4GZ36 

41036 

41316 

40536 

41348 

• - .j«p 

tz ■■ ■'■■■■ 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 


•■-■•tOWER 
^ JWBTACE , 

airloads 


LG/IN 

-llLL 


-iLUf, 

14L6 

-hSU 

68L 

-1695 

1385. 

-45 

45 



Hy 

LS/tN 

-71*57 

7157 


TSS8 

-7901 

7901 

-703U 

7034 

-4370 

4370 



Hxy 

LB/tN 



.. -1<?€9 




BlSSSi 

?503 

UO? 



HHiil 

THERMAL 

STRAIN 

€n 

tN/IN 



1 X 10"^ 

WilllB 


mBM 

BBBBB 

BKB 

mmna 

SISBH 



€y 

tH/|N 


imw 

8 X 10"^ 

■iilm 

mmm 

BSIESI 




SisIttSS 



<}tr 

IH/lN 



BEWBM 

■Eiiisa 


msmm 

BHMTOH 

WWtIIB 


Ll-l X 10“"^ 



pressure 

AERO 

PSI 

-1.70 


-l.?5 

HESB 

HES9I 

1.00 

-x.u? 

-,3^^ 

-l-?9 

1.04 



FUEL 

PSI 


-7.84 

0 

0 

0 

0 

-6.00 

-7.U 

0 

0 



NET 

PSI 

-9.1? 


-l-?5 

0.35 

. -1-65 

1.00 

-7.47 

-7-47._ 

rl-?9 

J..OU 



TEMPERATURE 

■^AV 

®F 

?11 

PO'i 

34L 

330 

313 

3ia 

?13 

pm 

355 

340 


jlpaaiMBi 

AT 


-??a 

-?37 

-B*:: 

-70 

-99 

-eu 

-?>33 

-?4 l 

-39 



im^ 

mmM 


NDTCSr nj A 1.25 FACTOR HAS BEEM APPLIED TO THE THERMAtSTBAtM WHEN THE SIGH tSSAME AS THE AIRLOAD 
SIGN, OTHERWISE HO FACTOR APPLIED. 

(21 PRESSURE SIGH CGHVENTICH: NEGATIVE - SUCTION 


COWDUIOEf 31 : MCH HO. 1.25: n = 2,5 

2 i 


WEIGHT -690X10^ LB 


ULTIMATE 

OEStCN 

LOADS 

ITEM 

UNITS 

POINT DESIGN REGION H 

40236 

41036 

41316 

- AOS36 i 

1 

403 

22 

UPPER 

SURFACE 

LOWEP 

SURFACE 

UPPER 

SURFACE 

LOWER 

surface 

UPPER 

SURFACE 

LOWER 

SURFACE 

' mtn 

LOWER 

.‘SURFACE 

UPPER 

SURFACE 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

AIR LPADS 

Nk 

LB/IN 

-U93 

1193 

-?P19 

f'Jig 

-15&7 

ISB-? 


3l7i 

*U90 

1190 

51 

-51 

Wy 

LB/IN 

-11638 

U 639 

-64?3 

64r>3 

-1PX83 

i;'aft3 


u4r>4 

;-v-63 

7^t3 

-5P9 

5S9 

Nxy 

LEJIN 

?099 

?099 

3^'^09 

3709 

3310 

3310 

II ' [ 





191 

191 

THERMAL 

strain 

ex 

JN/IN 

0 

0 

0 

0 

0 

0 

ft 

a 

0 

0 

0 

0 

€y 

wnn 

0 

0 

0 

0 

0 

0 

‘ a 

0 

0 

Mr 

0 

0 

<»v 

IN/IN 

Q 

0 

0 

0 

0 

0 



0 

0 

0 

0 

PRESSURE 

AERO 

PSI 

-3.03 

-l.PO 

-l.?7 

0.11 

-4-98 

-,?6 

Ml- 





-1,47 ! 

,C6 

FUEL 

PSI 

-5.93 

-8.94 

0 

0 

0 1 

0 1 

-5.6 ' 


& 


.6.86 

-g.jo 

net 

PSI 

-8.96 

-10-14 

-l.?7 

0-11 

-4-q3 ! 

— 0«?6 


' m' 





-6,94 

TEMPERATURE 

"^AV 

1 

146 

147 

?03 

194 

178 

17? ' 

Xk '' 

l4d 

■ 1 u -,. 

. - - 


155 

AT 

■^F 



-138 

-4o 

-ho 1 

-9B 1 

-90 

[ ' 


*49 

-;4 

-105 

-153 


NOTES: m A 1 as FACTOR HAS BEEN APPLIED TO THE THERMAL 5THAIN WHEN THE SIGN IS SAME AS THE AIRLOAD 

SIGN. OTH£ RWI 5E NO FACTOR APPLIED. 
t2l PRESSURE SIGN CONVENTION: NEGATIVE * SUCTION 





















































































The rationale used for evaluating the inonocoque panel concepts during the initial 
screening was: 

(1) To ascertain the minim>Jin weight panel proportions by conducting an aspect 
ratio study using a representative panel concept, honeycomb core sand- 
V7ich. This included evaluating multispar and multirib designs on a weight 
bases for panel and \Tlng box designs. 

(2) Then conduct a weight /strength analysis for each candidate panel concept 
using the minimum-freight panel proportions determined from the aspect 
ratio study, 

(3) Compare the results of the above panel analysis and select the most prom- 
ising concept for further in-depth analysis in the Detailed Concepts 
Analysis. 

The analysis conducted using the above procedure is described in the following text. 

Aspect Ratio Study - For this study, various aspect ratios were investigated for 
multispar and multirib honeycomb core sandwich panel designs. The panel orientation 
and the general dimensioning associated with these arrangements are shofm in Fig- 
ure 12-29. 

Multispar Arrangement - Variable spar spacings of 20-inches, 30-inches, and 40- inches 
were used for each point design analysis. A constant rib spacing of 60-inches was 
used for regions 40536 and 41348 with a 130-inch rib spacing selected for the 
lightly loaded forward box region 40322. For direct comparison between general types 
of load carrying panels, the rib and spar spacing selected for the multispar arrange- 
ment are identical fdth those selected for the chordwise stiffened panel concepts. 

The results of the basic panel sizing for the multispar arrangement are shov/n in 
Table 12-28 and includes the panel proportions, cross sectional dimensions, and the 
weight data. The panel aspect ratio (Lp,x/Lp,y) ranged from 0.33 to 0,67 for 
regions 40536 and 41348, and ,15 to .31 for region 40322. Panel heights (h) varied 
from approximately .25- to .50-inch, thicknesses from .011-inch to .08T-inch, 
and cell size from .IT-inch to , 50-inch. A minimum core foil thickness of 
,002-inch •i-jas maintained for all designs. With reference to Table 12-28, the 
panel equivalent thickness (t) and unit weight (w) includes the core. In addition. 
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Figiire 12-29* Panel Spacing and Cross Section Geometry for the Monocoque 

Arrangement Aspect Ratio Study 
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MULTISPAR AREAHGEMENT - ASPECT RATIO STUDY 
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the core density (P^,) and weight (vg) are also listed separately. The panel nnit 
weights* includes face sheets and core, range from a minimum weight of 0.90 lh/sq..ft. 
to a maximum of 3.35 lh/Bq..ft, 

The weight related to the panel fabrication technique was investigated to obtain a 
more realistic comparison between arrangements. The weight data for the 3003 alumi- 
num braze alloy used for panel fabrication was obtained from empirical data reported 
in Reference 3 and is shoTra in Figure 12-30. Using this data and the basic panel 
results shown in Table 12-28, the combined panel weights were calculated and are 
presented in Table 12-29 for the multispar design. 

Multirib Arrangement - For this arrangement, variable rib spacings of 20-inches, 
30-inches, and ItO-inches were used at each point design region t-ri.th a constant spar 
spacing of 60-inches. Similar to the panel dimension criteria used on the multispar 
arrangement, the multirib panel dimensions were selected for direct comparison with 
the uniaxial spanwlse stiffened arrangements. 

The results of the panel sizing analysis conducted on the multirib panel designs 
are summarized in Table 12-30, With reference to this table, the aspect ratio varied 
from 1,5 for the larger rib spacing to 3,0 for the smaller spacing, The panel 
heights, face sheet thicknesses, and core cell sizes, ranged from: 0. 85-inch 

to 2.0-inch, 0.012-inch to 0,105-inch, and 0.20- inch to 0. 50-inch, respectively. 

The panel weights, sura of the face sheets and core, varied from approximately 
0.90 lb/sq,ft. to 3.50 Ib/sq.ft, The braze weights were defined using Figure 12-30 
and are included in the panel weight summary for the multirib arrangement presented 
in Table 12-29. 

Aspect Ratio Study Results - Table 12-29 presents both designs for comparison 
purposes and includes the individual panel, braze material, and combined weight for 
both the multispar and multirib designs. For clarity in reporting, these values 
are displayed graphically in Figure 12-31, ‘'''rom a review of this figure, the weight 

of the multisuar panel arrangements were lighter than those of the multirib designs 
at all point design regions. The exception being at region U0322 where the multirib 
design has a slightly lower weight, i.e., approximately 1-percent lighter than the 
multispar design. In addition, the miniraum-ifeight designs for both arrangements are 
tho.ie associated with the smallest spar spacing, 20-inches. 

Panel v/eights for the 20- inch spar spacing multi spar designs at regions U0322, 

1^1349, and 40536 are 2,1 Ib/sq.ft., 4.3 Ib/sq.ft., and 6,2 Ib/sq.ft., respectively. 
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SQUARE CELL SIZE, S, In. 


'igure 12-30. Honeycomb Core Sandwich Braze Weight, 
3003 Alximiiium Braze Alloy 






WT. 


ITEM 


SURFACE PANEL UNIT WEIGHT (LB./SQ. FT.) 


POINT DESIGN 
REGION 

40322 

40536 

41348 

SPAR SPACING (IN.) 

20 

30 

40 

20 

30 

40 

20 

30 

40 

MULTI SPAR DESIGN 

• UPPER SURFACE 

PANEL 

BRAZE 

• LOWER SURFACE 

(1.14) 

0.92 

0.22 

(1.31) 

1.08 

0.23 

(1.61) 

1.29 

0.32 


■ 

(3.77) 

3.21 

0.56 

(2.02) 

1.88 

0.14 

(2.31) 

2.05 

0.26 

(2.47) 

2.21 

0.26 

(0.98) 

(1.12) 

(1.44) 

(3.30) ^ 

(3.38) 

(3.46) 

(2.24) 

(2.22) 

(2.29) 


PANEL 

BRAZE 

0.87 

0.11 

1.00 

0.12 

m 


3.28 

0.10 

3.35 

0.11 

2.12 

0.12 

2.12 

0.10 

, 2.18 
0.11 

• TOTAL 

(2.12) 

(2.43) 

(3.05) 

(6.22) 

(6.87) 

(7.23) 

(4.26) 

(4.53) 

(4.76) 

MULTI RIB DESIGN 
UPPER SURFACE 

(1.13) 

(1.30) 

^^9 

(3.08) 

n 

(4.10) 

(2.21) 

(2.55) 


PANEL 

0.93 

1.07 


2.78 


3.51 

1.99 

2.30 

2,43 

BRAZE 

0.20 

0.23 

0.24 

0.30 

0.58 

0.59 

0.22 

0.25 

0.29 

LOWER SURFACE 



■HBM 

(3.27) 

ISI 


(2.20) 


HI 

PANEL 



mm 

3.26 



2.10 


■ii 

BRAZE 

0.10 

0.12 

0.18 

0.01 

■II9 

0.18 ' 

0.10 

0.10 

0.10 

TOTAL Yt 

(2.09) 

(2.40) 

(2.68) 

(6.35) 

(7.53) 

1 

(7.76) 

(4.41) 

(4.81) 

(5.01) 




































































TABLE 12-30. PAEEL GEOMETRY AMD T-7EIGHT FOR THE MULTIRIB DESIGN HOMEYCOlffl CORE SAMDraCH 
PAHELS, MOMOCOQUE AERAMGEMEMT - ASPECT RATIO STUDY 


POINT DESIGN REGION 

40322 

40536 

41348 

SURFACE 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

SPAR 

(mj 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

1,52 

1,52 

1^2 

SPACING 

(m.) 

f 

60 

60 

60 

60 

60 

60 

GO 

60 

60 

60 

60 

60 

60 

60 

60 

60 

60 

60 

RIB 

(m) 

0.51 

0.76 

1.02 

0,51 

0.76 

1.02 

0.51 

0.76 

1.02 

0.51 

0.76 

1.02 

0.51 

0.76 

1.02 

0,51 

0.76 

1,02 

SPACING 


20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

ASPECT RATIO 

3.0 

2.0 

1.5 

3.0 

2.0 

1.5 

3.0 

20 

1.5 

3.0 

2.0 

1.5 

3.0 

2,0 

1,5 

3.0 

2.0 

1.5 

DIMENSIONS: 



















H 

(cm) 

1.689 

2.421 

3.284 

1.831 

2418 

3,810 

3.239 

5.034 

5.438 

2.164 

2.850 

3.503 

2.761 

3.678 

4.199 

1.374 

1.654 

1.593 


(in.) 

0.665 

0.953 

1.293 

0.721 

0.952 

1.500 

1.275 

1,982 

2.141 

0.852 

1.122 

1.379 

1.087 

1.448 

1.653 

0.541 

0,651 

0.627 


(cm) 

0.038 

0.046 

0.051 

0.030 

0.038 

0.036 

0.130 

0.132 

0.132 

0.079 

0.102 

0,130 

0.097 

0.122 

0.130 

0.102 

0.109 

0.130 


(in.) 

0.015 

0.018 

0,020 

0.012 

0.015 

0.014 

0.051 

0.052 

0.052 

0.031 

0.040 

0.051 

0.038 

0.048 

0.051 

0.040 

0.043 

0.051 

*2 

(cm) 

0.038 

0.038 

0.038 

0.051 

0.051 

0.051 

0.130 

0.132 

0.132 

0.267 

0.254 

0.229 

0.086 

0.089 

0.089 

0.122 

0.117 

0.102 

(In.) 

0.015 

0.015 

0.015 

0.020 

0.020 

0.020 

0.C51 

0.052 

0.052 

0.105 

0.100 

0.090 

0.034 

0.035 

0.035 

0.048 

0.046 

0.040 


Ccm) 

0.005 

0.005 

0.005 

0.005 

0.005 

0.005 

0.005 

0.005 

0.005 

O.QG5 

0.005 

0.0b5 

0,005 

0.005 

0.005 

0.005 

0.005 

0.005 


(inJ 

0.002 

aoo 2 

0.002 

0.002 

O.OG2 

0.002 

0.002 

0.002 

0.002 

0.0G2 

0.002 

0.002 

0.002 

0.002 

0.002 

0.002 

0.002 

0,002 

s 

(cm) 

0,622 

0.721 

0.754 

1.270 

1.270 

1.270 

0.638 

0.462 

0.460 

1.270 

1.262 

1.270 

0.714 

0.841 

0.787 

1.270 

1.270 

1.270 


(in.) 

, , 

0-245 

0.284 

0.297 

0,500 

0.500 

0.500 

0.251 

0.132 

0.181 

0.500 

0.497 

0300 

0.281 

0.331 

0.310 

0.500 

0.500 

0,500 

MASS DATA: 




















t 

(cm) 

0.102 

0.117 

0.132 

0.094 

0.109 

0.117 

0.307 

0.376 

0.385 

0.361 

0.373 

0.334 

0.218 

0.254 

0.269 

0.234 

0.239 

0.241 


tin.) 

0.040 

0.046 

0.052 

0.037 

0.043 

0.046 

0.121 

0.148 

0.152 

0.142 

0.147 

0.151 

0,086 

0.100 

0.106 

0.092 

D.094 

0.G9S 

W 

(kg -m“^) 

4.550 

5.210 

5.800 

4.179 

4.809 

5.205 

13.593 

^6.654 

17.147 

15.922 

16.561 

16.976 

9.721 

11.230 

11.869 

10.253 

10.551 

10.678 


(lb-ft2| 

0,932 

1.067 

1.188 

0.856 

0.9S5 

1.066 

2785 

3.411 

3.512 

3.261 

3.392 

3.477 

1.991 

2.300 

2.431 

2,101 

^161 

2.187 

Wc 

(Kg*m‘^) i 

1.167 

1.455 

1.826 

0.620 

0.825 

1.318 

2099 

5.009 

5.429 

0.644 

0.389 

1.113 

1.625 

1.855 

2,275 

0.410 

0.508 

0,483 

(lb-ft-3| 

O 1 

0.239 

0.293 

0.374 

0,127 

0.169 

0.270 

0,430 

1.026 

1.112 

0.132 

0.182 

0.228 

0.333 

0.380 

0.466 

0.084 

0.104 

0.099 

Pc 

i 

(kg-m.2) 

72.419 

62.200 

59.749 

35.433 

35.433 

35.433 

70.561 

104.94 

104.97 

35.417 

35.673 

^.449 

63.129 

53.486 

57.154 

35.433 

35.433 

35.433 


(lb. ft ) 

4.521 

3.883 

3.730 

2212 

2212 

2.212 

4.405 

6.551 

6.553 

2.211 

2.227 

2.213 

3.941 

3,339 

3,568 

2.212 

2.212 

^212 

CRITICAL CONDITION 

20 

20 

20 

20 

20 

20 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 



NOTE: (1) ASPECT RATIO = Lp x/Lp y 

(2) BRAZE MATERIAL NOT INCLUDED 
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In general, the largest difference in weight between the multispar and the multirib 
arrangements occur at Region 1^0536 where a difference of 0.66 lb/sq,ft. is noted 
for the 30-inch spacing designs. 

Conversely, no appreciable weight difference is indicated between the 20-inch 
spacing multispar and multirib designs at any of these regions. A maximum weight 
difference of approximately 0,20 Ib/sq.ft, is noted at Region Ul3l^8 where the 
lightest design is the multispar design. 

The panel aspect ratio study indicates the multispar panel arrangement results in 
the lightest weight designs for the larger panel ■vri.dths, but the data is inconclusive 
for the smaller panel ^ridths. 

To establish the weight trends for the multispar and multirib designs at the smaller 
panel widths, the aspect ratio study was extended to include the ireigl}t of the 
associated substructure. In addition to the panels sized for the panel aspect ratio 
study, the weights attributed to the rib and spar caps, rib and spar webs, and non- 
optimum factors were included in the T'riLng box aspect ratio study. For this study, 
only the results will be presented since a thorough description of the substructure 
is included in the following Detailed Concepts evaluation. 

The results of the unit box weight study are summarized in Tables 12-31 and 12-32 
for the multispar and multirib arrangements and include the unit weight for each 
component and the total box weight. As with the panel aspect ratio study, point 
design regions Jt0322, 40536, and 41348 were used for this analysis. 

For an interpretation of these results the point design box freights are displayed 
graphically in Figure 12-32, With respect to this figure, the multispar arrange- 
ment affords a lighter weight design for all panel widths. The exception being the 
35-inch or greater multirib designs at Region 40322 which are lighter than the 
corresponding multispar designs. The minimum-weight multispar arrangements are the 
20-inch spar spacing designs which weigh 4.5, 5.8, and 8.7 Ib/sq.ft. for Regions 40322 
41348, and 40536 respectively. 

In conclusion, the multispar panel arrangements affords the minimim-weight designs 
from hoth a panel and wing box segment standpoint. In addition, the inclusion of 


12-91 

















































TABLE 12-32. DETAIL WING VffilGHTS FOR THE HONEYCOMB SANDWICH PANEL 
MULTIRIB ARRANGEMENT - ASPECT RATIO STUDY 


POINT DESIGN 
REGION 

40322 

40536 

41348 

RIBSPAC (IN) 

20 

30 

40 

20 

30 

40 

20 

30 

40 

PANELS 

UPPER 

„LOWER 

E 

1.132 

0.95B 

(2.088) 

1.297 

1.105 

(2.402) 

1.428 

1.256 

(2.684) 

3.085 

3.271 

(6.356) 

■ 

4.102 

3.657 

(7.759) 


2.550 

2.261 

(4.81) 

■ 

RIB WEBS 
BULKHEAD 
TRUSS 

E 

0.446 

0.300 

(0.746) 

0.446 

0.164 

(0.610) 

0.454 

0.115 

(0.669) 


0.333 

0.330 

(0.663) 

0.430 

0.245 

(0.675) 

0.260 

(0,250) 

0.167 

(0.167) 

0.133 

(0.133) 

SPAR WEBS 
BULKHEAD 
^TRUSS 

L 


0.352 

0.048 

(0.400) 


0.388 

0.137 

(0.525) 

0.388 

0.137 

(0.525) 

0.383 

0.137 

(0.525) 

0.251 

(0.251) 

0.251 

(0.251) 

0.251 

(0.251) 

RIB CAPS 
UPPER 
LOWER 

S 

0.406 

0.421 

(0.827) 



0.491 

0.333 

(0.824) 

0.364 

0.296 

(0.660) 

0.281 

0.246 

(0.527) 

iHeSidm 

0.504 

0.373 

(0,377) 

0,532 

0.366 

(0.898) 

SPAR CAPS 
UPPER 
LOWER 

s 

0.132 

0.137 

(0.269) 

0.146 

0.149 

(0.295) 

0.161 

Q.180 

(0.341) 

0.157 

0.138 

(0.295) 

0.139 

0.153 

(0.342) 

0.190 

0.166 

(0.356) 

0.198 

0.157 

(0.355) 

0.223 

0.165 

(0.388) 

0.235 

0,162 

(0.397) 

NON-OPTIMUIVI 
MECH. FAST. 
WEB INTERS. 

2 

0.180 

0.115 

(0*295) 

0.170 

0.101 

(0.271) 

0.160 

0.097 

(0.257) 

0.200 

0.136 

(0.336) 

0.190 

0.119 

(0.309) 

0.180 

0.120 

(0.300) 

0.200 

0.050 

(0.250) 

0.190 

0.042 

(0.232) 

0.180 

0.038 

(0.218) 


POINT 

DESIGN 

WEIGHT 

LB 

Ft2 

4.625 

4.574 


9.169 

10.032 

10.142 

6,318 

6.726 

6.905 
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substructure in the analysis resulted in a larger variation between the arrangements 
and provides a much clearer definition of the minimum weight arrangement. 

Panel Screening - A structural analysis was conducted on the two candidate monocoque 
panel concepts (honeycomb-core sandwich and truss-core sandmch) to define an accurate 
weight for each concept and select the most promising concept for fiirther study in 
the Detail Concept Analysis. This screening analysis was conducted at three point 
design regions using the related monocoque load/teraperature environment specified 
in Table 12-27. In addition, the metallic material used for these concepts was 
6A1-1 jV (am. ) titanium alloy and the panel proportions trere coimnensTirate with the 
findings of the aspect ratio study, i.e., multispar arrangement. For this arrange- 
ment variable spar spacinga of 20-inches, 30-inches, and i^O-inches were investigated 
for a constant rib spacing, 

Honeycomb-Core Sandwich - Since the material system and applied loads (point design 
environment) are identical to those used for the aspect ratio study, the panel 
sizing data calculated for the mxiltispar structural arrangement is also applicable 
for this analysis. Table 12-28 contains these results which included the basic cross 
section dimensions and weight data for each design. The total panel weights (com- 
bined weight of the basic panel and ^uminum braze) for the honeycomb core sand^riLch 
concept are presented in Table 12-33 and includes the braze wel^t as determined 
from Figure 12-30. 

Truss-Core Sandwich - The basic panel sizing results for the truss-core sandmch 
are presented in Table 12-34 and contains similar cross sectional properties and 
weight data as shown for the honeycomb core sandwich panels. With respect to this 
table, minimum panel weights are noted for I’egion 40322 where the weights ranged 
from a minimum of 1,32 lb/sq,ft, for the lower surface panel id.th 20-ineh spar 
spacing to a maximum of 2.70 Ib/sq, ft. for the upper surface 40-inch spar spacing 
design. For region 40536, the panel weight varied from approximately 3.2 Ib/sq.ft. 
to 4.5 Ib/sq.ft. Similarly, the weight range at point design region 41348 was 
approximately 2.0 Ib/sq.ft. to 3.2 Ib/sq.fb, In addition, this table indicates the 
critical Task I flight condition designing each region, see Section 11 for a 
description of the flight parameters. 
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TABI.E 12-33. COMPARISOU OF THE CANDIDATE MOHOCOQUE SURFACE 
PANEL T^IGHTS - IMITIAL SCREENING 


WT. 










ITEM 



SURFACE PANEL UNIT WEIGHT (LB./SQ. FT.) 



POINT DESIGN 
REGION 

40322 

40536 

41348 

SPAR SPACING (IN.) 

20 

30 

40 

20 

30 

40 

20 

30 

40 

HONEYCOMB CORE 
SANDWICH 










• UPPER SURFACE 

(1.14) 

(1.31) 

(1.61) 

(2.92) 

(3.49) 

(3.77) 

(2.02) 

(2.31) 

(2.47) 

PANEL 

0.92 

1.08 

1.29 

2.69 

3.02 

3.21 

1.88 

2.05 

2.21 

FAB. METHOD 
(BRAZE) 

0.22 

0.23 

0.32 

0.23 

0.47 

0.56 

0.14 

0.26 

0.26 

• LOWER SURFACE 

(0.98) 

(1.12) 

(1.44) 

(3.30) 

(3.38) 

(3.46) 

(2.24) 

(2.22) 

(2.29) 

PANEL 

0.87 

1.00 

1.18 

3.20 

3.28 

3.35 

2.12 

2.12 

2.18 

FAB. METHOD 
(BRAZE) 

0.11 

0.12 

0.26 

0.10 

0.10 

0.11 

0.12 

0.10 

0.11 

« TOTAL 'E 

(2.12) 

(2.43) 

(3.05) 

(6.22) 

(6.87) 

(7.23) 

(4.26) 

(4.53) 

(4.76) 

TRUSS-CORE 

SANDWICH 










UPPER SURFACE 

(1.61) 

(2.00) 

(2.70) 

(3.16) 

(3.73) 

(4.46) 

(2.15) 

(2.70) 

(3.25) 

PANEL 

1.61 

2.00 

2.70 * 

3.16 

3.73 

4.46 

2.15 

2.70 

3.23 

FAB. METHOD 
(DIFF. BOND.) 

— 

— 

— 

— 

— 

— 


— 

— 

LOWER SURFACE 

(1.32) 

(1.34) 

(1.95) 

(3.31) 

(3.47) 

(3.60) 

(2.00) 

(2.12) 

(2.19) 

PANEL 

1.32 

1.34 

1.95 

3.31 

3.47 

3.60 

2.00 

2.12 

2.19 

FAB. METHOD 
(DIFF. BOND) 

— 

— 

— 

1 

— 

— 

_ 

— 

— 

TOTAL 2 

(2.93) 

(3.34) 

(4.65) 

(6.47) 

(7.20) 

(8.06) 

(4.15) 

(4.82) 

(5.44) 
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TABLE 12~3h* EAHEL GEOMETRY AKD VIEIGHT FOR THE MULTISPAR DESIGN TRUSS 
CORE SANDWICH PANELS - INITIAL SCREEimSIG 


POINT DESIGN REGION 


SURFACE 

UPPER 

LOWER 

UPPER 

LOWER 


UPPER 


LOWER 

SPAR 

(ml 

0.51 

0.76 

1.02 

0.51 

0.76 

1.D2 

0.51 

0.76 

1,02 

0.51 

0.76 

1.02 

0^1 

0.76 

1.02 

0.51 

0.76 

1.02 

SPACING 

(in.) 

20 

30 

40 

20 

20 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

RIB 

(ml 

3.30 

3.30 

3,30 

3,30 

3.30 

3.30 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

132 

1.52 

1.52 

1.52 

1.52 

1.52 

SPACING 

(in.) 

130 

130 

130 

130 

130 

1 .-k' 

I to 
1 o 

1 

60 

60 

60 

60 

60 

60 

60 

60 

60 

60 

GO 

60 

ASPECT RATIO 

0.15 

0,23 

0.31 

0.15 

0.23 

0.31 

0.33 

0.50 

0.67 

0.33 

0.50 

0,67 

0.33 


0.67 

0.33 

0.50 

0.67 


DIMENSIONS: 

H I 




.137| 0.104 0.117 0.119 

0.041 0.04C 0.047 

0.089 0.086 0.084 

0.035 0.034 0.033 

0.025 0.0^ 0.028 

0.010 0.010 0.011 

1.697 1.737 2.090 3.053 3.485 2.624 

0.668 0.SS4 0.823 1.202 1.372 1.033 

1.788 2.441 3.109 1.656 2.062 1.750 

0.704 0.961 1.224 0.652 0.812 0.689 

1.077 1.208 1.229 0.396 0.564 0.724 

61.7 69.2 70.4 22.7 32.3 41.5 



MASS DATA: 

T (cm) 

(in.) 

W lkg-m-2) 

(lb-ft-2) 

W, (kg • m *2) 

® {lh-ft-2) 

n (kg - m -3) 

“ (Ih-ft^) 


CRITICAL CONDITION 


NOTE: (1) ASPECT RATIO = Lp x/Lp Y 

(2) PANELS HAVE SPANWISE'sTIFFENING 


15.511 


31 I 31 
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The diffusion bonded technique -vra,s employed for fahricatins the skin-to-core 
attachment. This process results in no discernahle weight penalty for the basic 
truss-core panel as summarized in Table 12-33. 

Monoooque Stirface Panel Results - The results of the panel sizing analysis conducted 
on the candidate monocoque concepts are presented in Table 12-33 and displayed 
graphically in Figure 12-33. With respect to Figure 12-33, the honeycomb core 
sandwich concept is the lightest-weight concept at each of the three regions investi- 
gated for this study. The exception being region Ul348, midspan wing tip location, 
where the truss-core and honeycomb-core concepts have approximately the same 
weight (4,2 Ib/sq.fb,) for the 20-lnch spar spacing design. The least-weight designs 
for each concept occur at spar spacing of 20-inches, For this spacing, the minimum- 
weight honeycomb sandwich concept has unit weights of 2.1 lb/sq,ffc., 4,2 Ib/sq. ft., 
and 6,2 Ib/sq, ft. for region 40322, 41348, and 40536, respectively. 

Similar to the chordwise and span^rise initial screening analyses, an additional 
weight-trend study was conducted where the candidate panel concepts were applied to 
representative wing box structure. For this analysis, the wing box weight at 
region 40536 was defined for each panel concept using typical substructure and 
panel close-out designs. Figure 12-34 contains the close-out designs for the two 
panel concepts. 

The detail iring weights for the two concepts are shoTO in Table 12-35 and presented 
graphically in Figure 12-35. Prom a review of 'table 12-35, the predominant weight 
component for each design are the surface panels with the spar webs and rib webs 
ranked a distant second and third, respectively. Similar to the panel study, the 
20-lnch spar spacing "vri-ng box design which incorporated the honeycomb core sandwich 
panels resulted in the least-weight design. Unit box weights ranging from 
8,3 Ib/sq. ft to 8.9 Ib/sq. ft. are noted for the 20-inch and 40-inch spar spacing 
designs, respectively. The corresponding box weights for the truss-core sfuadwich 
range from 8.6 Ib/sq. ft. to 9.9 Ib/sq. ft. for the same spar spacings. 

Based on the panel and ^ring box study results, the honeycomb core sand'srieh concept 
was selected for further valuation in the following Detail Concept Analysis. 
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Figure 12-33. Weight Comparison of the Candidate Surface Panel 
Concepts for Multispar Arrangement 
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Figure 12-3^* Panel Joining Methods for the Candidate Surface Panel Concepts 























































POINT DESIGN WING BOX MASS - kg ■ 




Figure 12-35- Wing Box V^elght Comparison of the Candidate - 
Monocoque Surface Panel Concepts - Initial Screening 



Monocoque Detail Concept Analysis 
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The most promising panel concept surviving the Initial Screening analysis was the 
honeycomb-core sandwich panel concept ^rith the general panel proportion commensurate 
with a multispar structural arrangement. In addition, only one material was con- 
sidered for this investigation, titanium alloy Ti-6Al-4v (ANN). 

For this analysis, representative wing box segments were subjected to a weight 
evaluation at the six study point design regions. These wing box segments included 
the wing panels, representative substructure, and the related non-optimum factors. 

In addition, unit wing box weights were calculated to reflect the specific method 
of attaching the panels to the substructure. 

Panel Analysis - In addition to the panel proportions defined for the initial 
screening analysis, the honeycomb sandwich panels were sized for three additional 
point design regions: 40236, U1036, and 4l3l6. These panels were analyzed for 

their most critical load/temperature environments (Reference Table 12-27) and the 
results are sxmanarized in Table 12-36. This table includes the specific panel cross 
sectional dimensions and related mass data for each of the new point design regions. 

Substructure Analysis - Typical substructure was investigated for application to the 
monocoque structural arrangement. This substructure included the follot-ring com- 
ponents: spar caps and webs, rib caps and webs, and the applicable non-optimum 

factors. The weight of the rib and spar caps varied with the specific type of 
panel-to-substructure attachment being considered; whereas, the remaining substructure 
components (rib and spar webs) were invariant with the attachment design. 

The three types of panel-to-substructure junctions considered in this analysis are 
sho\m in Figures 12-36, 12,-37> and 12-38, The first type (Figure 12-36) consists 
of embedding tubular inserts into the honeycomb panel at the rib and spar intersec- 
tions and mechanically fastening the structural components. Figure 12-37 presents 
the second type, which also uses a tubular insert that is welded into the panel, 
and to the rib and spar attachments. The last type of panel-to-substructure junction 
considered is shoTO in Figure 12-38 and is comprised of a densified core insert 
which is mechanically fastened to the substructure. 
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TABLE 12-36. PANEL GEOMETRY AID \-IEIGHT FOR THE MULTISPAR 
DESIGN HONEYCOMB SANDWICH PANELS 


vcJ S 

II 



ro 

I 


o 


POINTDESIGNREGION 

4023S 

41036 

41316 

SURFACE 

— 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

SPAR 

(m) 

0.51 

a?B 

1.02 

0.51 

a76 

1.02 

0.51 

0.76 

1.02 

0.51 

0,76 

1.02 

0.51 

0,76 

1.02 

0.51 

0,76 

1,02 

SPACING 

(in.) 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

20 

30 

40 

RIB 

Im) 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

1.52 

1,52 

1.52 

1.52 

1.52 

1.52 

1.52 

1,52 

1,52 

1.52 

1.52 

1,52 

SPACING 

(in.) 

60 

GO 

60 

GO 

60 

60 

60 

60 

60 

60 

60 

60 

60 

60 

60 

60 

60 

60 

ASPECT RATIO 

0.33 

0.50 

0.67 

0.33 

0.50 

0.B7 

0.33 

0,50 

0.67 

0,33 

0.50 

0.67 

0.33 

0,50 

0.67 

0,33 

0,50 

0.67 

DIMENSIONS 

: 



















H 

(cm) 

1.958 

2.883 

3.818 

1.059 

1.412 

Z3GQ 

1.760 

2.525 

3.254 

0.655 

0.348 

1.095 

1.834 

Z54S 

3,409 

0.488 

0.622 

0.808 


(in.1 

0.771 

1.135 

1.503 

0.417 

0.556 

0.926 

0.693 

0.994 

1.281 

0,258 

0.334 

0.431 

0.722 

1.002 

1.342 

0,192 

0.245 

0 : 31 8 

tl 

(cm) 

0.119 

0.122 

0.130 

0.234 

0.183 

0.147 

0.084 

0.G84 

0.091 

0.119 

0.127 

0.114 

0.132 

0.137 

0.145 

0,178 

0,173 

0,173 



0.047 

0.048 

0.051 

0.092 

0.074 

0.058 

0.033 

0.033 

0.035 

0.047 

0.050 

0.045 

0.052 

0.054 

0.057 

0.070 

0,068 

0,063 

*2 

(cm) 

0.124 

0.127 

0.130 

0.069 

0.117 

0.157 

0.084 

0.034 

0.094 

0.091 

0.081 

0.097 

0.135 

0,137 

0.135 

0.157 

0.163 

0,163 


(in.) 

0.049 

0.050 

0.051 

0.027 

0.046 

0.062 

0.033 

0.037 

0.037 

0.036 

0.032 

0.038 

0.053 

0,054 

0.053 

0.062 

0.064 

0.064 


(cm) 

0.005 

0.005 

0.005 

0.005 

0.005 

0.005 

0.005 

0.005 

0.0 05 

0.005 

0.Q05 

0.005 

0.005 

0.005 

0.005 

0.005 

0.005 

0.005 


(in.) 

0.002 

0.002 

0.002 

o.Qoa 

0.002 

0.002 

0.0D2 

0.002 

0.002 

0.002 

0.002 

0.002 

0.002 

0.002 

0,002 

0,002 

0.002 

0.002 

S 

(cm) 

0.947 

0.744 

0.729 

1.270 

1.270 

1.270 

0.747 

0.767 

0.7S2 

1.270 

1.270 

1.270 

0.925 

0.831 

0.72G 

1.270 

1.270 

1.270 


(in.) 

0.373 

0.293 

0.287 

0.500 

0.500 

0.000 

0.294 

0,302 

0.299 

0.500 

0.500 

0.500 

0.364 

0327 

0.286 

0.500 

0.500 

0.500 

MASS DATA: 






1 














t 

(cm) 

0.264 

0.284 

0.310 

0.310 

0.315 

0.323 

0.191 

0.208 

0,226 

0.213 

0.213 

0.218 : 

0.284 

0.302 

0.323 

0.335 

0,335 

0,338 


(in.) 

0.104 

0-112 

0.122 

0.122 

0.124 

0.127 

0.075 

0.032 

0.089 

0.084 

0.084 

0.086 

0.112 

0.119 

0.127 

0.132 

0,132 

0.133 

W 

(kg - m *2) 

11.674 

12.631 

13.715 

13J20 

13.964 

14.305 

8.393 

9.228 

9.939 

9.443 ' 

9,477 

9.623 

12597 

13.412 

14,252 

14.857 

14.891 

15.009 


(lb-ft-2> 

Z391 

Z587 

2.809 

2.810 

2,860 

2.930 

1,719 

1.890 

2.046 

1.934 

1.941 

1.971 

2.580 

Z747 

2.919 

3.043 

3.050 

3,074 

Wc 

(kg - m ' 2 ) 

0.815 

1.592 

2.192 

0.269 

0.391 

0.723 

0.962 

1-377 

1,836 

0.156 

0.225 ! 

0.312 

0.762 

1,230 

1,938 

0,054 

0,103 

0,166 


(Ib-ft-Z) 

0.167 

0.326 

0.449 

0.055 ' 

0.080 

0.143 

0.197 

0.282 

0.376 

0.032 

0.046 

0.064 

0.156 

0352 

0.397 

0,011 

0.021 

0.034 

Pc 

(kg - m - 3 ) 

47.687 

60.390 

61,655 

35.433 

35.433 

35,433 

60.277 

58.724 

59.861 

35.433 

35.433 

35.433 

48.616 

54,174 

61.959 

35.433 

35.433 

35,433 


(lb-fr3| 

2.977 

3.770 

3.849 

2,212 

2.212 

Z 212 

3.763 

3.666 

3.737 

2.212 

2.212 

2.212 

3.035 

3,382 

3.863 

2.212 

2.212 

Z 212 

CRITICAL CONDITION 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 

31 


NOTE: (II ASPECT RATIO = Lpx/LpY 

(2) BRAZE MATERIAL NOT INCLUDED 































• BULKHEAD JUWCTURE • INTERMEDIATE TRUSS JUNCTURE 


Fi/?-ire 12-.36. Mechanically Fastened - Tubular Insert 
Panel-to-Substructure Junctures 





• BULKHEAD JUNCTURE « INTERMEDIATE TRUSS JUNCTURE 


Fif;ure 12-37- VJelded — Tubular Insert Panel— to-Substructure Junctures 










For the vertical web designs, combinations of circular-arc and truss-ty^ie webs were 
used as dictated by the specific design requirements at each point design region. 

For example, at region !t0536 I'Thich is located in a fuel tanlt, circular-arc webs 
were used for the fuel tank bulkheads and truss webs for the intermediate spars and 
ribs. 

The weights of the substructure components are itemized in the detail weight state- 
ments for each of the wing structiiral arrangements. 

Monocoque Box V^eights - A detail weight statement and the optimum rib/spar spacings 
were determined for each of the raonocoque wing arrangements. These arrangements, as 
characterized by the type of panel-to -sub structure ^jxinction design, are all multi- 
spar arrangements and employ the honeycomb-core sandwich panel concept. 

Mechanically Fastened-Tubular Insert - A detail weight statement for this arrangement 
is sho^'H! in Table 12-37. This data reflects the weight /strength analysis conducted 
at point design regions lt0322, U0536 and 1*1348. In addition, this data includes a 
variable spar spacing of 20-inches, 30-inohes, and 40-inches iri.th a constant rib 
spacing. 

In addition to the detail weight tables these weights are presented graphically in 
Figures 12-39> 12-40, and 12-4l, for regions 40322, 40536, and 41348, respectively. 
The forvrard wing box region 40322, displayed in Figure 12-39, has an optimum design 
for a spar spacing between 25-inches and 30-inches mth a total wing box weight of 
approximately 4.4 Ib/sq.ft. For region 40536 (Figure 12-4o) no dlscernable optimum 
spar spacing is indicated for the positive sloping total weight curve. The least- 
weight design is for 20-inoh spar spacing, and weighs approximately 8.7 Ib/sq.ft. 

The total weight curve for region 41348 is shoi-na in Figure 12-4l. A minimum weight 
of 5.8 Ib/sq.ft. occurs for the smallest spar spacing investigated, 20-inches. 

Welded-Tubular Insert - Detail weight statements are sho\m in Tables 12-38 and 
12-39 for the six point design regions investigated. This data reflects a multispar 
arrangement with a constant rib spacing and variable spar spacings of 20-inches, 
30-inches, and 40-inches, For ease in interpretation, this weight data is shoi-m 
graphically in Figures 12-42 through 12-47, No dlscernable optimum design is 
noted for any of the regions with the exception of region 40322. The total weight 
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Figure 12-39 ♦ Optimum Spar Spacing for the Monocoque Mechanically 
Fastened - Tubular Insert Arrangement, Point Design Region U0322 
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■40. Optimum Spar Spacing for the Monocoque Mechanically 
- Tubular Insert Arrangement, Point Design Region 40536 
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Figure 12-Ul. Optimum Spar Spacing for the Monocoque Mechanically 
Fastened - Tubular Insert Arrangement, Point Design Region Ul3^*6 
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TABI,E 12-38. DETAIL WUJG 1-ffiIGHTS FOR THE MOIJOCOQUE VJELDED 
TUBULAR INSERT ARRANGEMENT 


POINT DESIGN 
REGION 


40322 


4131B 


41348 


SPARSPAC(IN) 20 30 40 20 30 40 20 I 30 40 


PANELS 


UPPER 

LOWER 


1.144 

0.980 

2.124) 


1.603 2.710 2.957 3.189 2.018 

1.445 3.143 3.150 3.174 2.241 

(3.053) (5.853) (6.107) (6.363) (4.259) 


RIB WEBS 
BULKHEAD 
TRUSS 

s 


SPAR WEBS 


BULKHEAD 

TRUSS 


0.241 1 0.241 
0.198 
(0.439) 


(0.187) (0.187) (0.187) (0.100) I (0.100) t (0.100) 


.355 0.343 I 0.352 0.289 0.229 0.190 0.401 0.301 0.251 

339 0*194 0.121— — — — — 

(o!694) (o!s37) (o!473) (0.289) (0.229) (0.190) (0.401) (0.301) (0.251) 


RIB GAPS 


UPPER 

LOWER 


0.114 0.134 0.158 

0.127 0.133 0.188 

(0.241) (0.267) (0.341) 


0.154 0.173 0.141 0.160 0.168 

0.129 0.117 0.113 0.123 0.127 

(0.283) (0.290) (0.254) (0.283) (0.295) 


SPARCAPS 


UPPER 

LOWER 

E 


NON-OPTIMUM 


MECH. FAST. 
WEB INTERS. 

E 


(0.568) I (0.767) | (0.629) | (0.435) (0.751) (0.558) 


8 0.091 0.048 0.042 0.035 0.050 0.040 0.035 

(0.113) i (0.098) (0.091) (0.048) (0.042) (0.035) (0.050) (0.040) (0.035) 


5 5.816 5.874 


4.354 

4.965 

7.373 

7.477 


























































TABLE l2-39« DETAIL lOTG VffilGHTS FOR THE MONOCOQUE \-JELDED 
TUBULAR INSERT ARRANGEMENT 


POINT DESIGN 
REGION 


, SPAR SPAC <1N} 


PANELS 


UPPER 
„ LOWER 

L 


RIB WEBS 


BULKHEAD 
^ TRUSS 


SPAR WEBS 


BULKHEAD 
^ TRUSS 


RIB CAPS 


UPPER 
„ LOWER 

E 


SPAR CAPS 


UPPER 


NON-OPTIMUM 


MECH. FAST. 
_ WEB INTERS. 
L-t 


40236 

20 

30 

40 

2.511 

2,910 

(5.421) 

2.817 

2,960 

(5.777) 

3.109 

3.030 

(6,139) 

0.329 

0.396 

(0.725) 

0.329 

0.396 

(0,725) 

0.329 

0.396 

(0.725) 

0.367 

0.877 

(1.244) 

0.422 

0.706 

(1.128) 

0.463 

0.514 

(0.977) 

0.127 

0.105 

(0,232) 

0.145 
0.115 : 
(0.260) 

0.157 

0.136 

(0.293) 

0.378 

0.313 

(0.691) 

0.273 

0-234 

(0.507) 

0.247 

0.209 

(0,456) 


40536 


4103B 


30 40 20 30 40 


2.918 3.489 3.772 

3.302 3.377 3.458 

(6.220) (6.866) (7.230) 


1.869 

1.944 

(3.813) 


(0.473) (0.473) 


0.245 

0.590 

(0.835) 


0.285 

0.389 

(0.674) 


244 
229 
(0.473) 


0.321 

0.326 

(0.647) 


0.126 

0.111 

(0.237) 


0.124 

0.099 

(0.223) 


2.246 

2.071 

(4.317) 


0.126 

0.111 

(0.237) 


(0.197) (0.185) (0.170) (0.131) 


0.188 

0.169 

(0.357) 


5 0.112 0.052 0.053 0.053 

(0.115) (0.112) I (0.052) (0.053) (0.053) 


POINT 
Z, DESIGN 
WEIGHT 


8.582 8.760 8.544 8.878 9.165 5.264 B.444 5.523 
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Figure 12-i) 2. Optimum Spar Spacing for the Monoeoque Welded - Tuhular 
Insert Arrangement, Point Design Region 40322 
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Figure 12-46, Optiuuiti Spar Spacing for the Monocoque Vfelded - 
Insert Arrangement , Point Design Region 4l3l6 
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curve for this region is shovm in Figure 12-^2 and indicate a minimum-weight design 
occurring for a spar spacing between 20- and 30-inches, 

Mechanically Fastened- Dens if led Core - The detail weight statements for this 
arrangement are presented in Tables 12-HO through 12-i+l, Similar to the other 
arrangements 3 the weight data for this arrangement are also shovm graphically in 
Figures 12-48 through 12-53. No readily discernable optimum designs are noted, 
but the total, weights curves for regions 40322, 40236, 4l3l6, and 4l-'4B indicate 
the likelihood of the lowest spar spacing design {20-inch) investigated being an 
inflection point. 

For summary purposes, the unit wing box weights for each of the candidate wing 
arrangements are presented in Table 12-42. This data represents the unit v;eights 
for the 20-inch spar spacing designs normalized to the weight of the least-weight 
arrangement. With reference to this table, the mechanically fastened-densified 
core arrangement is the minimum-weight monocoque arrangement with the i;elded-tubular 
arid mechanically fastened- tubular arrangements ranked second and third, respectively. 
Comparing the mechanically fastened-densified core arrangement (least-weight) to 
the welded- tubular arrangement, a minimum weight savings of 3-percent is noted for 
regions 40236 and 40536; while region 40322 affords a maximum weight saving of 
9-percent. Similarly, the least-weight arrangement indicates minimum and maximum 
weight savings of 4-percent and 13-percent, respectively, as compared to the 
heaviest -weight mechanicadly fastened - tubular arrangement. 

In conclusions, based on the results of the relatively extensive Task I analysis 
the mechanically fastened-densified core arrangement was selected as the most- 
promising monocoque arrangement, 

C0l:4P0SITE REINFORCED mm ARRANGEMENT - TASK I 

The Task I analysis included a relatively comprehensive study on the application of 
composite to the arrow-v/ing primary structure. This study was based on near-term 
technology and limited the use of composite to reinforcing the titanium primary 
structure on the chordwise vdng arrangement. Those structural components presenting 
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TABLE 12-Hl. DETAIL WING VffilGHTS FOR THE MONOCOQUE ffiCHANICALLY 
FASTENED - DENSIFIED CORE ARRANGEMENT 


POINT DESIGN 
REGION 

SPAR SPAC(IN) 


PANELS 

UPPER 

^LOWER 


RIB WEBS 
BULKHEAD 
^TRUSS 


SPAR WEBS 
BULKHEAD 
TRUSS 

RIB CAPS 
UPPER 
^ LOWER 

SPAR CAPS 
UPPER 
^LOWER 


NON-OPTIMUM 
MECH. FAST. 
^WEB INTERS. 


_ POINT 
V DESIGN -=^ 
^ WEIGHT Ft2 


40236 

20 

30 

40 

2.511 

2.910 

(5,421) 

2,817 

2.960 

(5.777) 

3.109 

3.030 

(6.139) 


(0.725) I (0.725) | (0.725) 


(1.128) (0.977) 


40536 


30 


41036 


30 40 


(6.866) I (7.230) | (3.813) ] (4.131) | (4.317) 


0.473) (0.237) (0.237) 


(0,674) I (0.647) | (0.284) | (0.297) | (0.295) 


0.073 0.073 0.075 0.071 0.083 0.090 0.076 0.079 0.080 

0.073 0.073 0.083 0.071 0.073 0.081 0.069 0.074 0.075 

(0.146) (0,146) (0,158) (0.142) (0.156) (0.171) (0.145) (0.153) (0.155) 


(0.482) I (0.328) | (0.256) 


0.344) (0.280) 0.471) (0.329) 


0.050 

0.131 

(0.181) 


(0.142) 0.102) (0.093) 


8.265 8.239 8.455 8.329 8.668 8.943 I 5.052 5.24 5.327 
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I, Optimum Spar Spacing for the Monocoq.ue Mechanically 
Denaified Core Arrangement, Point Design Region U0536 
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TABLE 12-42, 1-JEIGHT COMPARISON OF THE TASK I MONOCOQUE OTKG ARRANGEMENT 

UNIT WING BOX WEIGHTS 

MINIMUM -{'•J NORMALIZED VALUES(2) 


. MINIMUM WEIGHT ARRANGEMENT ~ MECHANICALLY FASTENED - DENSIFIED CORE 
. ALL VALUES NORMALIZED TO THE MINIMUM-WEIGHT ARRANGEMENT 
!. WEIGHT DATA NOT AVAILABLE {N.A.) 




the greatest weight-saving potential were the metallic surface panels and 
submerged spar caps. Figure lS-5^ shows these components and a typical iTing box 
segment for a chord>ri.se wing arrangement. 

The composite reinforced designs were analyzed for the same point design environ- 
ment as defined for the metallic chordv;ise wing arrangement. Table 12-2 contains 
the critical surface panel load-temperature environment. The composite reinforced 
concepts were subjected to the same combinations of load as the metallic concepts 
and sized for equal or greater strength. For the design loads the ultimate strength 
of the Gon 5 )osite and titanium elements v;ere not exceeded. For the tension condition, 
the ultimate tensile stress in the titanium substrate did not exceed the fatigue 
allowable. Under the application of the design loads the combir.ed structure 
experience neither general instability nor local instability failures. The effect 
of thermal curing stresses and thermal gradients on the strength of the reinforced 
element was also evaluated. 

The composite reinforced concepts were designed to have equal or greater stiffness 
than the representative metallic concepts used in the chordwise structural model. 

This criteria applies to both the shear stiffness (Gt) and axial stiffness (Et) of 
the section in the principal stiffness direction. 

The reinforced concepts were sized for the same panel proportion (rib /spar spacing) 
studied for the chordifise metallic panels and the resulting least-wei^t panel 
geometry and associated rib/spar spacing were defined. 

Composite Wing Surface Panels 

A systematic approach was used to evaluate the application of composite to the 
chordwise stiffened tring panels. The initial task involved screening the composite 
material system and selecting the moat promising material for a more in-depth study. 
Those materials considered were: Graphite/polyimide (Gr/Pl).. Boron/polyimide (B/PI) 

and Boron/alumimim (B/A1). Upon selecting the material system, a weight-strength 
analysis was conducted with variable spar spacing to define the panel proportions 
which exhibit the largest potential weight saving over the metallic design. Then 
using these panel proportions, the detail panel geometry was determined at each 
of the six point design regions. 
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Material System Trade-off Study - The three candidate composite material systems 
evaluated were MODMOR Il/Skyhond 703 Graphite /polyiraide (Gr/PI), Boron/Skybond 703 
(B/PI), and 5.6 Boron/llOn Aluminum with titanium interleaves (B/Al). The static 
material properties for these materials are presented in Section 7 and are based 
on currently published (1970-1972 technology) data which have minimal statistical 
basis . 

Con^jarative weight- strength studies were performed using the hat-stiffened concept 
to assess the relative wei^t of these candidate composite materials. This study 
included sizing both upper and lower surface panels for spar spacings of 20-, 30-, 
and 4o-inches. A sample of these results are presented in Figure 12-55 for the 
hat-stiffened concept reinforced with each of the candidate composite materials. 

This data is for 20-lnch spar spacing at point "design region U0536 with the least- 
weight metallic chordwise design, convex-beaded concept, included for comparison 
purposes. These panel wei^t results indicated the following ranking for the candi- 
date composite materials; (l) Graphite/polyimide, (2) Boron/polyimide, and 
(3) Boron/aluminum, The Graphite/polyimide reinforced design is the least-weight 
composite concept (3.21 lb/sq,.ft.) indicatirg approximately 3-percent and 11-percent 
weight savings over the Boron/polyimide and Boron/aluminum designs, respectively. 

The metallic design, \rtiich weighs 2.94 lb/sq,ft., is approximately 8-percent lighter 
than the minimum-weight (Gr/PI ) composite reinforced design. 

Based on the results of the material trade-off study the Graphite/polyimide material 
system was selected as the most promising composite material for application to the 
surface panels. 

Detail Panel Analysis - The Graphite/polyimide panel design was subjected to further 
analysis to ascertain the panel dimensions (rib/spar spacing) affording the greatest 
wei^t savings potential over the minimiom-v^eight metallic design. Table 12-43 
summarizes these results for point design regions 40536 and 41348 and includes the 
panel cross-section dimensions, unit weights, and critical design conditions for 
both upper and lower surface panels. The surface panel unit weight from this table 
ar.e graphically displayed in Figure 12-56 with the corresponding data for the light- 
est weight metallic concept (convex-beaded). With regard to this figure, the weight 
of the composite reinforced panels are almost invariant vrith respect to spar 
spacing e.g., only a six-percent weight increase is indicated when the spacing is 
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Figure lS-55. Weight Comparison of Candidate Composite Materials 
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Figure 12-56. Optimum Spar Spaaing for the Gr/PI 
Composite Reinforced Panel 
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increased from 20- inches to UO-inches at point design region Relative to 

the weight of the metallic panel designs, the composite reinforced panels are 
heavier for the 20-inch spar spacing designs, show no definitive v/eight trend for 
the 30-inch design, and indicate a decisive vreight advantage for the ItO-inch 
design. A weight savings of approximately 8-percent and l6-percent are noted for 
the UO-inch conqposite reinforced designs for regions 1*13^8 and U0536, respectively. 
Since the largest weight savings are indicated for the larger spar spacings, the 
panel cross-section dimensions and unit weights for the !40-lnch spar spring are 
sho'vm in Table 12-UU for all six wing point design regions. 

Composite Substructure 

Similar to the philosophy adopted for the composite surface par.el, the application 
of composites to the substructure was restricted to reinforcing metallic designs. 

The major weight conqjonents were reviewed and the component exhibiting the greatest 
potential weight saving was selected for investigation; namely, the submerged spar 
caps of the chordv/ise wing arrangement e.g,, the wei^t of the metallic spar caps 
for 20-inch spacing at region 40536 are approximately 60-peroent of the total box 
wei^t. 

For the Task I composite substructure analysis, only metallic spar caps with Boron/ 
polyimide reinforcement vrere considered. Methods used to conduct the analysis and 
the results of the analysis are presented in the following section. 

Methods - For the analysis of the composite reinforced metallic spar caps, allowable 
tension and compressive strength curves were defined. The basic material properties 
of the 6A1-4 v Titanium alloy and the Boron/polyimide reinforcement are presented in 
Section T, Table 7-3. The laminate (combined titanium and B/PI) tensile and com- 
pression stress-strain curves are presented in Figure 12-57 and 12-58 for various 
proportions (by cross-sectional area) of unidirectional Boron/polyimide, A curing 
thermal differential temperature of 300°F was assumed. 

Figure 12-59 presents the allowable laminate tensile stress developed from the 
tensile stress-strain curves at the fatigue cutoff strength of the titanium alloy, 
90,000 psi. For the allowable laminate compressive stress, the fiber failure point 
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TABLE 12-1^!+. PANEL GEOMETRY AND VIEIGHT FOR THE GR/PI 
COMPOSITE REINFORCED PANELS 



POINT DESIGN 
REGION 

40322 

40236 

40536 

41036 

41316 

41348 

SURFACE 

UP 

LOW 

UP 

LOW 

UP 

LOW 

UP 

LOW 

UP 

LOW 

UP 

LOW 

RIB SPACING 
(IN.) 

40 

40 

40 

40 

40 

40 

40 

40 

40 

40 

40 

40 

DIMENSIONS: 














(IN.) 

0.026 

0.031 

0.036 

0.048 

0.052 
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0.053 

0.046 

0.078 

0.096 

0.054 

0.045 


(IN.) 

1.500 

1.900 
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Z500 
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0.400 

0.400 

0.400 

0.400 

0.400 

0.400 
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0.015 

0.015 

0.015 

0.015 

0.015 

0.017 
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0,015 

0.015 

0.015 

0.015 

0.018 
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0.015 

0.015 

0.015 

0.015 
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defines the maxirauro compressive stress for each proportion of Boron/polyimlde. 

These stress levels are the terminiis point of the stress-strain curves shovm in 
Figure 12-58. These compressive allov^ahles are superposed on the same figure used 
to present the tension allowables. Figure 12-59. 

Composite Spar Cap Analysis - A sample of stress analysis performed on the B/PI 
reinforced spar caps at regions U0322, J+0536, and U13U8 are sho™ in Table l2-i+5- 
The same loads were used as for the metallic spar caps of the chordvrise wing 
arrangement. Using these design loads (Table 12-11), the area of the metal and 
Boron/polyiraide components were determined by using the alloi-rable curves on Fig- 
ure 12-59. Using a minimum design area for the titanium substrate, the percentage 
of B/PI (by cross-sectional area) was varied until the applied stress (f“»^ = Pugrti/Am) 
approached the allovrable stress (F*^»'^). The resulting margins of safety are 
included on Table 12-h^. 

From the gross area proportions determined from tne stress analysis, care was 
exercised in the distribution of this area into realistic dimensions to preclude 
any local or general instability failures. Tables 12-U6 and 12-1*7 contain the spar 
^cap dimensions for the six wing point design regions. In addition to presenting 
the area and dimensions, the equivalent surface panel unit vreights are shovm for 
each design, and the equations used for these calculations are presented in the 
footnotes of these tables. 

The results of the composite reinforced spar cap analysis are summarized in 
Table 12-1+8 for each of the wing point design regions. Included on this table 
are the corresponding weights of the metallic design caps and the percentage 
weight saving afforded by the application of composite reinforcement to the spar 
caps. In general, large weight saving are indicated for the composite reinforced 
designs in the highly loaded wing regions i.e. , aft box and wing tip. A minimum 
weight savin^jS of 52-percent is noted for the upper surface cap at point design 
region 41036 and a maximim. weight saving of 69-percent for the upper surface cap 
at region 41346. For the lightly loaded forvrard wing box region (40322), no 
appreciable weif^t saving over the all metal titanium design was noted for the 
20-lnch design caps; whereas, the composite reinforced designs for the 40-inch spar 
spacing offers a 28-percent and 44-percent weight saving over the corresponding 
upper and lower surface caps of the titanium design. 
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TABLE 12-45. COMPOSITE (B/PI) REINFORCED SPAR CAP ANALYSIS 


POINT 

DESIGN 

REGION 

SURFACE 

SPAR 

SPACING 

(IN.) 

APPLIED 

loadH) 

AREa(2) 

fC,T(3) 

(KSI) 

% 

COMPOSITE 

fc,t(4) 

(KSI) 

m.s.{5) 

COND. 

NO. 

PULT 

(KIPS) 

Am 

Ac 

At 

40322 

UPPER 

5*5 

9 

-27.4 




0.21 

-131.1 


-131.0 




40 

9 

-56.0 


0.16 

0.40 

-140.0 

40 

-151.0 

0,08 


LOWER 

20 

9 

27.4 


— 

0.30 

90.0 

— 

90.0 




40 

9 

56.0 


0.25 

0.49 

114.3 

51 


0.05 

40536 

UPPER 

20 

31 

-307.4 

0.45 

1.20 

1.65 

-186.3 

73 


0.04 

. 


40 

31 

-656.6 

0.45 

2.78 

3.23 

-203.3 

86 


0.02 


LOWER 

20 

31 

307.4 

0.45 

1.96 

2,41 

+127.6 

81 


0.06 



40 

31 

656.6 

0.45 

4.71 

5.16 

+127.2 

91 

141.0 

0.11 

41348 

UPPER 

20 

31 

-272.2 

0.45 

1.04 

1.49 

-182.7 

70 

-188.0 

0.03 



40 

31 

-632.0 

0.45 

2.60 

3.05 

-207.2 

85 

-207.0 



LOWER 

20 

31 

272.2 

0.45 

1.68 

2.13 

127.8 

79 

136.0 

0.06 



40 

31 

632.0 

0.45 

4.41 

4.86 

130.0 

91 

141.0 

0.08 


1. ULTIMATE LOADS PER TABLE 12-11. 


2. CAP AREAS: 

A|vi = METALLIC AREA 
Ac = COMPOSITE AREA 
At = TOTAL ARC 

3. APPLIED STRESS (ULT.) fC,T = PulT./^T 

4. ALLOWABLE STRESS PER FIGURE 12-59 

5. MARGIN OF SAFETY (M.S.} = (FC,T/fC,T) .i 
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TABLE 12-U6. GEOMETRY AND WIGHT OF THE COMPOSITE (B/Pl) 
REINFORCED SPAR CAPS 



POINT 

DESIGN 

REGION 

SURFACE 

SPACING 

(IN.) 

SPAR CAP DIMENSIONS 

AREAS 

UNIT 

WEIGHT 

h 

(IN.) 

b 

(IN.) 

H 

(IN.) 

W 

(IN.) 

L 

ti 

UN.) 

*2 

(IN.) 

Am 

(IN.2) 

Ac 

(IN.2) 

w 

(LB./SQ.FT.) 

40322 

UPPER 

20 

- 

I 

1 




_ 

. - — 

- 

- 

-1 


■» ' 

40 

o*os 

O.BO 

1,00 

1.50 

0,09 

0.11 

0.24 

0.16 

0.1 B 


LOWER 

■■ 

o 

— 

— 



— 

— 

— 

— 



■■ 


0.50 

1.00 

1,50 

0.09 

0.11 

0.24 

0.25 

0.20 

40536 

UPPER 

20 

M 

1,00 

lll 

H 

0,12 

0,13 

0.45 

1.20 

1.14 



40 


1.25 

IQI 


0,10 

0.13 

0.45 

2,78 

0.98 


LOWER 

20 

wm 

1.00 

1.20 

2.50 

0.12 

0.13 

0.45 

1,96 

1.53 



40 

iaa 

1.75 

1,20 


0.03 

0.13 

0.45 

4,71 

1.48 

41343 

UPPER 

■1 


Bi 

1.20 

IB 

m 

0.13 

Bi 

mm 

1,06 





mm 

1.20 

B9 


0.13 

■Ei 

^1 

0.94 


LOWER 

20 


Bi 

1.20 


BI 

IB 

IB 

1.68 

■B 



40 


m 

1.20 

IB 

^^1 

Bi 

Bi 

4,41 



w= EQUIVALENT UNIT SURFACE PANEL 
WEIGHT 

= IP|VlA|\/i+ PqAq) X 144/a ; LB./SQ.FT.) 
WHERE 

PiVi = WIETAL DENSITY (ti6A1-4V) 

= 0.16 LB./IN.3 

Am = METAL AREA 

= + Wt^;IN.2 

Pc = COMPOSITE DENSITY (B/Pl) 

= 0.072 LB./1N.3 

AC = COMPOSITE AREA = bxhx4;lN.2 
a = SPAR SPACING 
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TABLE 12-4T. geometry AND WEIGHT OP THE COMPOSITE (B/Pl) 
REINFORCED SPAR CAPS 


POINT 

DESIGN 

REGION 

SURFACE 

SPAR 

SPACING 

(IN.) 

SPAR CAP DIMENSIONS 

AREAS 

UNIT 

WEIGHT 

h 

(IN.) 

b 

(IN.) 

H 

(IN.) 

W 

(IN.) 

ti 

(IN.) 

^2 

(IN.) 

Am 

(IN.2) 

Ac 

(IN.2) 

w 

(LB/SQ. FT.) 

40236 

UPPER 

mm 


1.00 

1.20 


M 

0.13 

■1 

19 

1*24 



HH 


1*25 

1.20 

EH 


0.13 

^9 


1*07 


LOWER 

■■ 


Bi 

1.20 

wm 

0.12 

0.13 


2.36 

1.74 



■■ 


la 

1.20 

IH 

0.08 

0,13 


5.53 

1*70 

41036 

•UPPER 

20 

0.18 

1-00 

1.20 


M 

M 

0.45 

^^9 




40 

0.38 

1*25 

1.20 



Bi 

0*45 

IH 

0*75 


LOWER 

20 

0.29 

m 

■mi 


0.12 

0,13 

mm 

1.16 

1.12 



40 

0.45 

m 


111 

0.08 

0.13 

mm 

3.1S 

1.07 

41316 

UPPER 

20 

0.44 

1.00 

1.20 

mm 

0.12 

Bi 

mm 

1*76 

1.44 




0*87 

1.2B 

1.20 

EH 

0.10 

EH 

EH 

4.35 

1.38 


LOWER 

20 

0.74 

Hi 

1.20 

2.50 

wm 

0.13 

Bi 

Z96 

2.05 



40 

1.07 

Bi 

1.20 

4.00 


0,13 

n 

7.49 

2.20 


w= EQUIVALENT UNIT SURFACE PANEL 
WEIGHT 

= ( PmAivi + PcAq) X 144/a ; LB./SQ.FT. 
WHERE; 

PlVi = METAL DENSITY (TI6A1-4V) 

= 0.16 LB./IN.3 

A|vi = METAL AREA 

= {H-t-|)t2 + Wt-i;IN.2 

Pc = COMPOSITE DENSITY (B/Pl) 

= 0.072 LB./1N.3 

Ac = COMPOSITE AREA = bxhx4;lN.2 
a = SPAR SPACING 


12-1U5 



' r.""' 

















































TABLE 12-48. ^ffilGHT COMPARISOH OF THE METALLIC AED 
COMPOSITE REINFORCED SPAR CAPS 


POINT 

DESIGN 

REGION 

SURFACE 

SPAR 

SPACING 

ON.) 

SPAR CAP DESIGN 

SPAR CAP 
WEIGHT 
SAVING 
[PERCENT) 

COMPOSITE 

REINFORCED 

AL- 

METAL 

UNIT 
WEIGHT 
(LB./SQ. FT.) 

PERCENT 

COMPOSITE 

UNIT 
WEIGHT 
ILB./SQ, FT.) 

40322 

UPPER 

20 

__ 

_ 

0.24 




40 

0.18 

23 

0.25 

28 


LOWER 

WBM 

— 

— 


— 



■■ 

0*20 

32 


44 

40236 

UPPER 

■■ 


S3 

3.16 

61 



IHH 

■BhI 

78 

3.31 

68 


LOWER 

20 

1.74 

70 

mmgm 

63 



40 

1.70 

84 


66 

40536 

UPPER 

■■ 

1.14 

64 

2.71 

58 




0*98 

74 

2.89 

66 


LOWER 

20 

1.53 

41 

3.95 

52 



40 

1.48 

82 

4.19 

65 

41036 

UPPER 

20 

0.90 

41 

1.87 

52 



40 

0.75 

66 

2.08 

64 


LOWER 


1.12 

54 


59 



■■ 

1.07 

76 

wmBM 

64 

41316 

UPPER 

20 

1.44 

63 

3.92 

63 



40 

1.38 

82 

4.50 

69 


LOWER 


2.05 

75 

5.73 

64 



■■ 

Z20 

88 

6.55 

66 

41348 

UPPER 

20 

1.06 

51 


56 



40 

0.94 

72 


66 


LOWER 

20 

1.38 

63 

3.48 

60 



40 

1.41 

1 

81 

4.06 

65 






























































Composite V^ing Box 


Wing box weights for the chordv/^ise arrangement were investigated for the application 
of composite to both panels (Gr/Pl) and spar caps (B/Pl), and for spar caps only. 

For both applications the remaining structural weights corresponded to the metal 
designs as previously discussed for- the chordwise vring arrangement. 

A comparison of the box weights of the two composite arrangements with the least- 
weight metallic arrangement is presented in Figure 12-60 for point design region 
U 0536 . Both composite designs, composite reinforced panels and spar caps and the 
application of composites to the spar caps only, afforded weight saving of approxi- 
mately 35 percent over the all metallic designs for comparable spar spacings. 

With respect to the composite reinforced arrangements, the arrangement which in- 
corporated the composites reinforced spar caps was least-weight for the 20-inch spar 
spacing; whereas, the arrangement which incorporated both reinforced panels and spars 
afforded the least-weight design for the larger UO-inch spar spacing. Detail weight 
statements for these two composite reinforced arrangements are sho^m in Tables 12-U9 
and 12-50. The detail weights for the metallic components were as present in the 
chordwise arrangement analysis; vrhereas, the detail component weights for the com- 
posite reinforced structure were as presented in Tables 12-1+4 and 12-48, 


FUSELAGE STRUCTURAL ARRAWGEMdHT - TASK I 

The major fuselage structural components {panels anO frame) were subjected to point 
design analysis commensurate with the stages of design incorporated in the Task I 
analytical design studies, these stages were; 

• Initial Screening - A preliminary parametric frame spacing study to ascer- 
tain the spacing associated with minimum weight design; then using this 
spacing, a structural analysis was performed to screen the fuselage panel 
candidates to detemine the most promising concept or combination of concepts 
for further evaluation. 

• Detailed Concept Analysis - 1 detail analysis of the surviving concept(s) 
from the Initial Screening analysis. 
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TABLE 12-49. DETAIL WIFG WEIGHTS FOR .THE CHORDWISE ARRANGEMENT 
WITH COMPOSITE REINFORCED SPAR CAPS 


POINT DESIGN 
REGION 

40322 

40236 

40536 

41036 

41316 

41348 

SPAR SPAC (IN.) 

20 

20 

20 

20 

20 

20 

PANELS 

UPPER 

LOWER 

S 

0.825 

0.942 

(1.767) 

1.032 

1.279 

(2.311) 

1.609 

1.335 

(2.944) 

1.452 

1.320 

(2.772) 

2.571 

2.007 

(4.578) 

1.632 

1.366 

(2,998) 

RIB WEBS 

BULKHEAD 

TRUSS 

S 

0.298 

0.074 

(0.372) 

0.279 

0.237 

(0.516) 

0.238 

0.228 

(0.466) 

0.111 

0.060 

(0.171) 

0.270 

(0.270) 

0.106 

(0.106) 

SPAR WEBS 

BULKHEAD 

TRUSS 

S 

0.336 

0.301 

(0.637) 

0.361 

0.544 

(0.905) 

0.270 

0.490 

(0.760) 

0.109 

0.359 

(0.468) 

0.439 

(0.439) 

0.291 

(0.291) 

RIB CAPS 

UPPER 

LOWER 

E 

0.058 

0.065 

(0.123) 

0.070 

0.083 

(0.153) 

0.116 

0.086 

(0.202) 

0.093 

0.087 

(0.180) 

0.160 

0.126 

(0,286) 

0.103 

0.074 

(0.177) 

SPAR CAPS 

UPPER 

LOWER 

i; 

! 

0.241 

0.350 

(0.591) 

1.240 

1.740 

(2.980) 

1.140 

1.530 

(2.670) 

0.900 

1.120 

(2.020) 

1.440 

2.050 

(3.490) 

1.060 

1.380 

(2.440) 

NON-OPTIMUM 

MECH. FAST. 
WEB INTERS. 

s 

0.180 

0.120 

(0.300) 

0.200 

0.120 

(0.320) 

0.200 

0,120 

(0.320) 

0.200 

0.120 

(0.320) 

0.200 

0.120 

(0.320) 

0.200 

0.120 

(0.320) 

i: 

POINT 

DESIGN 

MASS 

LB 

FT2 

3.790 

7.180 

7.360 

5.930 

9.380 

6.330 
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TABLE 12-50. DETAIL T7IUG WEIGHTS FOR THE CHORDWISE ARRANGEMENT WITH 
COMPOSITE REINFORCED SURFACE PANELS AND SPAR CAP 


POINT DESIGN 
REGION 


SPAR SPAC (IN.) 


PANELS 

UPPER 

LOWER 

E 


RIB WEBS 

BULKHEAD 

TRUSS 

E 


SPAR WEBS 

BULKHEAD 

TRUSS 

E 


RIB CAPS 

UPPER 

LOWER 

E 


SPAR CAPS 

UPPER 

LOWER 

s 


NON-OPTIMUM 

MECH. FAST. 
WEB INTERS. 

S 


POINT , 

X; design ^ 

MASS 


40322 


40 


1.341 

1.497 

2.838) 


(0.372) 


40236 


40 


1.464 

1.829 

3.293) 


40536 


40 


1.958 

1.536 

(3.494) 


41316 

41348 

40 

40 

2.305 

2.120 

(4.425) 

■ 

0.270 

0.106 

(0.270) 

(0.106) 

1 

0.283 ■ 

0.192 

(0.288) 

(0.192) 


0.167 

0.141 

0.308} 


1.380 
2.200 
(1.820) I (3.580) 


4.510 7.840 7.650 6.280 9.150 


6.660 













































For these design studies, analyses were conducted on a point design basis at four 
discrete fuselage locations. These locations are shown in Figure 12-4 overlayed on 
a planforra view of the arrow-wing configuration and Included fuselage stations 750, 
2000, 2500, and 3000. 

The structural arrangements investigated in the Task I studies included conventional 
skin-stringer and frame designs. For the panels, zee-and hat-stiffened concepts 
were investigated, with both open and closed designs considered for the hat-stiffened 
concept. A floating frame with skin shear-ties was the only candidate considered 
for frame design. These candidate concepts were previously shown in Figure 12-2. 

Point design analyses were conducted for both the Initial Screening and Detailed 
Concept Analyses on the aforementioned structural concepts at the selected fuselage 
regions. The specific load/temperature environment, methods, and analysis are in- 
cluded in the discussion for each stage of design. 

As specified in the point design environment (Section ll) , since the Task I struc- 
tural model contained a coarse fuselage model, all Task I internal loads were based 
on existing loads from references h and 5. These external loads are presented in 
Figures 12-6l and 12-62 where the maximum point design values for FS 2000, FS 2500, 
and FS 3000 are: 


FS 

BENDING MOMENT ( IN-LBS ) 

SHEAR (LB) 

2000 

150 X 10^ 

300 X 10^ 

2500 

200 X 10^ 

350 X 10^ 

3000 

150 X 10^ 

300 X 10^ 


Internal loads were defined for each stage of the Ta.;k I analyses using the above 
applied loads and theoretical bending (MC/I) and shear (VQ/l) distributions. 

Frame Spacing Study 

A study was conducted to define the frame spacing associated mth minimum-weight 
fuselage design. For this study, a simplified weight-strength analysis was con- 
ducted on each of the three panel candidates to establish their vreif^t trend as a 
function of frame spacing. Tiae single frame design was included in this analysis 
and was invariant for all panel concepts. 
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Figure 12-6^* Fuselage Bending Moment Diagram - Task I 
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Panel Sizing - The panel inplane loads vfere determined using the applied bending 

moments and shears as previously specified in Figures 12-61 and 12-62 » Table 

contains a summary of the internal forces resulting using the theoretical Ilci/I and 

VQ/I distributions. A maximum axial load of 1T,600 lb/ in. occurs at the extreme 

fibers of FS 2500 where the* corresponding maximum shear flow on the side panel is 

2100 Ib/in* Discrete panels at each cross-section were analyzed for failure under 

combined compression (tension) and shear loadings. The maxinmm normal stresses (f ) 

n 

were calculated using the principal stress equation: 



where the axial stress {f^} and shear stress represents the stress intensity 

normal and parallel to nhe surface, respectively. 

The panel margins of safety were determined by comparing the stresses calculated by 
the above equation with the appropriate allowable stress. 

The allowable compressive stresses and corresponding panel geometry were determined 
by the theory defined by Emero and Spunt in Reference 2, i.e., wide column allowables. 


For fuselage bending material, the ultimate design gross area stress in tension was 
limited to 90,000 psi, see fuselage fatigue analysis. Section 13. For this tension 
condition, the principal stresses were calculated using the optimum panel cross- 
section geometry for compression design panels. An example of the results of this 
analysis ai-e shown in Table 12-52. This table summarizes the results of the hat- 
stiffened panel analysis at FS 2500, and includes the equivalent panel thicknesses 
for frame spacings of 10-, 20-, and 30-inches. For the maximum tension loads, upper 
location, a constant panel thickness of 0.196-inch is noted, v;hereas, for the maxi- 
mum compression loaded fibers the. thicknesses range from 0.155- to 0.l87-inch for 
the three frame spacings investigated. 

A comparison of the panel thicknesses for the candidate concepts at each of the 
three point design region are shown in Table 12-53* The hat-stiffened concepts 
(open and closed) have approximately the same weight which is lighter (approxi- 
mately five-percent) than the zee-stiffened designs all point design regions. 
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TABLE 12-51. FUSELAGE PANEL LOAD INTENSITIES 
FRAME SPACING STUDY - TASK I 



FUSELAGE PANEL LOAD INTENSITIES (ULT.), 

, LB/IN 

LOCATION 

DIRECTION 

FS 2000 

FS 2500 

FS 3000 


Nx 

13200 

17600 

13200 

UPPER PANEL 





Nxy 

170 

255 

170 


Nx 

0 

0 

0 

SIDE PANEL 

Nxy 

1400 

2100 

1400 

1 

Nx 

•13200 

-17600 

-13200 

LOWER PANEL 

Nxy 

170 

255 

170 


TABLE 12-52. RESULTS OF FUSELAGE PANEL ANALYSIS AT FS 2500 


APPLIED LOADS (ULT.) 


Nv 


POINT 

DESIGN 

REGION 

CIRCUM 

LOCATION 

FS 2500 

UPPER 
UP - 45° 
N.A. 

LOW - 45° 
LOWER 


•''X 

(LB./IN.) 


,600 

,000 

0 

,0 


17 600 


AVERAGE! 


LOCATION 


UPPER 


EQUIVALENT PANEL THICK. 
(IN.2/IN.) 

L “ 10 

L = 20 

L = 30 

(IN.) 

(IN.) 

(IN.) 

.196 

.196 

,196 

,129 

.129 

.129 

.051 

.072 

.089 

.092 

.121 

.150 

.155 

.158 

,187 

.112 

.125 

.140 


LOWER 


(LB.i^&.) 


2S5 

1,680 

2,100 

1,680 

255 


AVERAGE! = X Git/ X Gj 
i = 'i / i = l 

L = FRAME SPACING 

Nx = AXIAL LOAD 

Nxy = SHEAR LOAD 












































Frame Sdzing - The sizing of the frames for this parametric study were based on the 
theory derived by Shanley in Reference 6» which is premised on providing sufficient 
frame stiffness to preventing general instability of the shell in bending. Shanley *s 
expression for the required frame stiffness is: 


(El) = 

This expression relates the frame stiffness (El) to the applied shell bending mo- 
ment (M), shell diameter (D) and the frame spacing (l). In addition, the recom- 
mended value of l/l6 x 10'^ was used for the frame stiffness coefficient (C^). For 
this parametric study a constant thickness channel sectior frame 3.0 inches deep 
with constant width flanges of 1.0-lnch was evaluated. For this cross section, a 
simplified expression was determined which relates the frame area to the frame 
moment of inertia, A = 0.7^1. Using the above expression for frame stiffness 
with the assumed cross section relationship the required area, as e. function of 
frame spacing, was defined for each point design region. Table 12-5^ presents the 
results of this analysis conducted at FS 2500. For this point design region, the 
equivalent panel thickness of the frame ranged from 0.104-lnch for a spacing of 
10-inohes to a 0.012-inch thickness for the 30-lnch frame spacing. 

A comparison of frame equivalent panel thickness at each point design region is 
shown in Table 12-55. In general, the frame equivalent thicknesses for the 30-inch 
frame spacing are approximately 10— percent of the thickness values for the 10-inch 
spacing. The equivalent panel thickness for 20-inc;i frame spacing is ,020-inch at 
FS 2000 and FS 3000, and .026-inch at FS 2500. 

Results - The results of the panel and frame analyses were combined to indicate the 
fuselage weight trends at the three point design regions investigated. Figures 12-63 
and 12-64 present this data for FS 2500, and FS 2000 and 3000, respectively. These 
figures present the component weights (panel and frame) and total weight, expressed 
as equivalent panel thickness, of the fuselage as a function of frame spacing. 

Figure 12-63 indicates a minimum weight design of approximately .15-inch is attain- 
able for the hat-stiffened design at frame spacing between 20- to 25-inchea. The 
corresponding minimum weight design, hat-stiffened panel concept, at FS 2000 and 
FS 3000 is approximately .12-inch for frame spacings betvreen 20- and 30-inches. 


OBIGINAL 

OB POOB QUAIBES 
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TABLE 12-53. VJEIGHT COMPARISON OF THE CAITOIDATE FUSELAGE PANEL CONCEPTS 


POINT 

DESIGN 

REGION 

PANEL 

CONCEPT 

EQUIVALENT THICKNESS, t 

U=10 

L=20 

L-30 

FS 2000 

HAT-STIFF 

0.DG3 

0.099 

0.112 


ZEE-STIFF 

0.087 

0.103 

0.117 

FS 2500 

HAT-STIFF 

0,112 

0.125 

0.140 


ZEE-STIFF 

0.116 

0.130 

0.145 

FS 3000 1 

HAT-STIFF 

0.083 

0.099 

0.112 


ZEE-STIFF 

0.087 

0.103 

1 

0.117 


TABLE I 2 - 5 U. RESULTS OF FUSELAGE FRAME ANALYSIS AT FS 2500 


POINT 

DESIGN 

REGION 

FUSELAGE 
BENDING 
MOMENT 
M, (IN-LBS) 

SHELL 
DIAMETER 
D. (IN.) 

FRAME 
MODULUS 
E, (PSD 

FRAME 

STIFFNESS 

PARAMETER 

Cf 

FRAME 
SPACING 
L, (IN.) 

FRAME 
AREA 
A, (IN.) 

EQUIV. 
PANEL 
THICKNESS 
t, (m2/IN.) 

FS 2500 

200 X 10® 

134.0 

16X10® 

1/16000 

10 

1.04 

0.104 


200 XI 0® 

134.0 

16X10® 

1/16000 

15 

0.69 

0.046 


200 X 10® 

134.0 

16X10® 

1/16000 

20 

0.52 

0.026 


200 X 10® 

134.0 

16X10® 

1/16000 

25 

0.42 

0.017 


200 X 10® 

134.0 

16X10® 

1/16000 

30 

0.35 

0.012 


EQUATIONS: 


(El) = CfMD^/L 

FOR A/I = 0,74 (SEE ASSUMED CROSS SECTION) 
A - 0.74 (El) 


TABLE 12-55. FUSELAGE FRAME WEIGHTS, TASK I FRAME SPACING S'TUDY 


POINT 

DESIGN 

REGION 

BENDING 
MOMENT 
M, (IN-LB) 

SHELL 
DIAMETER 
D, (IN.) 

EQUIVALENT P.-f'cL THICKNESS (IN^/IN) 

L=1G 

L==^20 

L=^30 

FS 2000 

ISO X 10® 

134.0 

0.078 

0.020 

0.009 

FS 2500 

200X10® 

134.0 

0.104 

0.026 

0.012 

FS 3000 

150 X 10® 

134.0 

0.078 

0.020 

0.009 




.24 



10 20 30 


FRAME SPACING (L), in. 


Figure 12-63. Optimum Frame Spacing for the Candidate Fuselage 
Arrangements, Point Design Region FS 2500 



FRAME SPACING (U, In. 


Figixre 12-6^1^. Optimum Frame Spacing for the Candidate Fuselage 
Arrangements, Point Design Regions FS 2000 and FS 3000 
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The results of the frame spacing study indicated frame spacings between 20- and 
25-itiches offer minimum-weight design. When these results are reviewed in conjunc- 
tion with the results of the wing study, the lower bound value (20.0-inchf;s) appears 
to be the most realistic spacing. Table 12-56 contains a weight comparison of the 
zee-and hat-stiffened designs for 20-inch frame spacing. The minimtim-weight design 
hat-stiffened concept weighs 2.7^4 Ib/sq.ft. at FS 2000 and PS 3000, and 3.^8 Ib/sq.ft. 
at FS 2500. The corresponding values for the zee-stiffened concept are approxi- 
mately 3-percent higher. 


Fuselage Initial Screening 

To screen the fuselage panel concepts, a weight-strength analysis was conducted at 
the four point design region usiiij thi; results of the prior frame spacing study, 
i.e., minimum-vreight fuselage designs were Indicated for 20-inch frame spacing. 

Fuselage panel load intensities, axial load and shear flow, were calculated using 
the theoretical bending and shear distributions as previously discussed. For these 
calculations, the design loads (bending moment and shear) sho^m in Figures 12-6l 
and 12-62 were used in combination with the section properties defined in the frame 
spacing study. The point design environment included only the inplane load resulting 
from the fuselage bending and shear loads, internal pressure and temperatures were 
not considered for this screening investigation. Table 12-57 presents a smnmary of 
the fuselage panel load intensities at Fuselage Stations 2000, 2500, and 3000 for 
the maximum compression (lower panel), maximum shear (side panel), and the maximum 
tension (upper panel) panel locations. 

For the stress analyses, the initial step was obtaining the gross area section prop- 
erties and stresses, and the resulting load intensities. This data was adjusted 
until realistic stress levels were obtained. For example, when the tensile stress 
exceeded the fatigue allowable (90,000 psi), the equivalent panel thickness was in- 
creased until the stress level was equal to or lower than the allowable. These re- 
sulting load intensities were used for the detail stress analysis. For this analysis, 
the principal stress was calculated and compared to the applicable tension or com- 
pression allowable stress. 

For the tension condition, the principal stress was compared to a gross area fatigue 
allowable stress of 90,000 psi. Similarly, the principal compressive stress was 
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TABLE 12-56. \ffiIGHT COMPARISON OF THE CANDIDATE FUSELAGE ARRANGEMENTS, 

TASK I FRAME SPACING STUDY 



HAT-STIFF CONCEPTS 

ZEE-STIFF CONCEPT 

POINT 

DESIGN 

REGION 

FRAME 

SPACING 

(IN.) 

TOTAL 

S 

(IN.2/IN.) 

TOTAL 

W 

(LB/SQ. FT) 

FRAME 

SPACING 

(IN.) 

TOTAL 

t 

(IN.2/IN.) 

TOTAL 

W 

(LB/SQ. FT) 

FS 2000 

20.0 


2.74 


■■ 

2,83 

FS 2500 

20.0 

■liH 

3.48 



3.59 

FS3000 

20.0 

■■ 

2,74 

20.0 

0,123 

2,83 


1. t = EQUIVALENT PANEL THICKNESS; t {FRAME) + 1 (PANEL) 

2. W = EQUIVALENT PANEL WEIGHT; 23.04 X TOTAL? 


TABLE 12-57. FUSELAGE PANEL LOAD INTENSITIES, TASK I INITIAL SCREENING 


LOCATION 

FUSELAGE PANEL LOAD INTENSITIES (ULT.), LB/IN 

DIRECTION 

FS 2000, FS 3000 

FS 2500 







~LT 

_TL 


"l_T 

J~L 

"L 

UPPER PANEL 


11600 

11700 

11600 

15700 

14600 

15690 


Nxy 

412 

417 

413 

629 

597 

629 

SIDE PANEL 

Nx 

377 

406 

300 

422 

545 

416 


*^xy 

1361 

1357 

1330 

2025 

2000 

1998 

LOWER PANEL 

Nx 

-11700 

-11650 

-12000 

-16100 

-16800 

15900 


N^y 

^ 

41B 

412 

426 

645 

670 

633 


12-159 














I 



I 


compared to the most critical instability failure mode, i.e., either local or general 
instability. Figure 12-65 shows the allowable loads for a specific geometry hat- 
stiffened panel which has a constant stiffener geometry and thickness, and a variable 
skin thickness. 

Table 12-58 contains a sample of the stress analysis conducted at the fuselage aft- 
body region, FS 3000. This table presents the panel cross section geometry, the 
applied and allowable stresses, and the margin of safety. The footnotes contain a 
sketch showing the cirL-umferential location of the panels. A comparison of panel 
geometry is shotm in Table 12-59 for each of the panel concepts. This geometry and 
weight comparison is made on the uppermost circumferential panels at each point 
design region. 

The average panel weights for each fuselage region are sho-vm In Table 12-60. The 
zee-stiffened concept is the lightest weight concept at FS 750 ^rith an average weight 
of 1.31 Ib/sq.ft. For the higher loaded regions - FS 2000, 2500, and 3000, the re- 
sults of the analysis provided the following ranking of the panel concepts: closed 

hat-stiffened concept, open hat-stiffened concept and the zee-stiffened concept. 

This ranking was invariant at each of the regions with unit weights of 2.80 Ib/sq.ft . 
and 3.18 Ib/sq.ft. indicated for the least-weight closed hat-stiffened concept at 
FS 2000 and 3000, and FS 2500, respectively. 

The fuselage component weights, frames and panels, and total weights are presented 
in Table 12-61 for each of candidate panel concepts. This data reflects the minimum- 
weight frame spacing of 20-inches and the frame weights (Table 12-55) ascertained 
in the previously described frame spacing study. Since the frame weights were in- 
variant with each panel concept, the total weight (frame plus panel) reflects the 
same weight trend and hence have the same ranjcing as previously described irhen com- 
paring the panel weights. The least weight fuselage concept, closed-hat stiffened 
concept, has a total unit weight of 3*26, 3*78, and 3.26 Ib/sq.ft. at FS 2000, 2500, 
and 3000, respectively. The minimum total unit weight at FS 750 is 1.56 Ib/sq.ft. 
for the zee-stiffened concept. 

Fuselage Detailed Concept Analysis 

The most promising structural concepts surviving the initial screening analysis 
were subjected to a more detailed analysis to refine the weight of the major 
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ALLOWABLE LOAD, Ncr, kips/in 



THICKNESS, in. 





29T-3T 


POINT 

DESIGN 

REGION 


TABLE 12-58. RESULTS OF THE FUSELAGE PANEL ANALYSIS AT FS 3000, 

TASK I INITIAL SCREENING 


FUSELAGE PANEL DIMENSIONS 


PANEL 

CONCEPT 


LOCATION 


NSIOIMS 

APPLIED 

STRESS 

A 1 1 n^nr ATS 1 c 

(IN.) 

t 

(1N.2/IN.) 

(KSI) 

^xy 

(KSI) 

f \ L.L.uUV LiC 

STRESS 
F (KSI) 
















































TABLE 12-59. GEOMETRY COMPARISON OF THE CANDIlJATE FUSELAGE PANEL CONCEPTS 
AT SELECTIVE LOCATIONS, TASK I INITIAL SCREENING 


FUSEUAGE PANEL DIMENSION 


ts C f h tjt 

(IN.) (IN.) (IN.) (IN.) (IN.) 


POINT 

DESIGN 

REGION 

LOCATION 

PANEL 

CONCEPT 

FS 2000 
AND 
FS 3000 

TOP 

ZEE STIFF 
OPEN HAT 
CLOSED HAT 

FS 2500 

TOP 

ZEE STIFF 
OPEN HAT 
CLOSED HAT 

U__ h. l-l ; 


ZEE-STIFFENED 

CONCEPT 


HAT-STIFFENED (OPEN) 
CONCEPT 


HAT-STIFFENED (CLOSED) 
CONCEPT 


TABLE 12 - 60 . V/EIGHT COMPARISON OF THE CANDIDATE FUSELAGE PANEL 
CONCEPTS, TASK I INITIAL SCREENING 


POINT 

DESIGN 

REGION 


FS750 
FS 2000 
FS 2E00 
FS 3000 


AVERAGE PANEL WEIGHT (B/SQ. FT) 


_TL 


1_T 


NOTES; 

1. CONSTANT FRAME SPACING = 20.0 INCHES 
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components prior to estimating the total fuselage weight. Section 15* Those least 
weight concepts investigated were the zee-stiffened panel concept at FS T50 and the 
closed hat-stiffened concept at FS 2000, 2500, and 3000. All designs incorporated 
the floating frame design with skin shear clips and a minimum-weight frame spacing 
of 20-inches. In review, the point design locations are presented in Figure 12-h 
and the minimum-weight panel and frame concepts are displayed among the list of 
concepts shown in Figure 12-2. 

As with the prior fuselage studies , the shear .and bending moment diagrams shown in 
Figures 12-6l and 12-62 were the basis for defining the point design environment. 

The panel load intensities used for this analysis were the same theoretical distri- 
butions as calculated for the Initial Screening, Table 12-57* 

Unlike the previous fuselage analysis, the cabin pressure and thermal environment 
were included in the definition of the point design environments. Tables 12-62 
and 12-63 contain the detail data related to these components. A summary of the 
point design environment which includes the inplane loads, normal loads (pressure), 
and thermal components is presented in Table 12-6U for the start-of-cruise design 
condition. 

The fuselage shell was analyzed for its most critical flight condition, the ultimate 
load condition at start-of-cruise. For this analysis, the biaxial stress state 
was defined at each point design region by superposing the airload and pressure 
membrane stresses. The airload membrane forces (N and N ) are contained in the 
point design environment specified in Table 12-64, and the pressure forces (N 

A 

and Kq) are defined in Table 12-65* Using these biaxial forces and the initial panel 
geometry, the biaxial stress state and resulting “Tincipal stress are calculated and 
compared to the applicable allowable stress (tension or compression). This process 
is repeated until reasonable convergence is attained between the principal and allow- 
able stresses, i.e., positive margin of safety. Table 12-66 presents a summary of 
the stress levels obtained on the most critical panels at each point design region. 

In addition to the membrane analysis conducted on the shell, which is applicable for 
the shell structure at a reasonable distance from the frame attachment, a disconti- 
nuity analysis was conducted at the frame/shell interface to assess the total stress 
state for both shell and frame. This analysis was performed using the theory pre- 
sented by Flugge in Reference 7* For this analysis, the membrane stresses due to 
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TABLE 12-61, WEIGHT COMPARISON OF THE CAITOIDATE FUSELAGE ARRANGEMENTS, 

TASK I INITIAL SCREENING 



FRAME 
UNIT 
WEIGHT 
(LB/SQ FT) 

FUSELAGE UNIT WEIGHTS {LB/SQ FT) 

POINT 

rscc!/tSM 

OPEN-HAT 

CLOSED-HAT 

ZEE-STIFF 

UcoiolM 

REGION 

PANEL 

TOTAL 

PANEL 

TOTAL 

PANEL 

TOTAL 

FS750 

0.25 

• 

— 


... 

1.31 

1.B6 

FS 2000 

0.46 

2.98 

3.44 

2,80 

3,26 

3.01 

3.47 

FS2500 

0.60 

3.35 

3.95 

3.18 

3.78 

3.52 

4.12 

FS 3000 

0.46 

2.98 

3.44 

2.80 

3.26 

3.01 

3.47 


TABLE 12-62. 


FUSELAGE CABIN PRESSURES 


CONDITION 

WT. 

X 10*3 lbs 

MACH 

NO. 

LOAD 

FACTOR 

Vs 

Keas 

ALT. 

X 10*3 FT. 

cabinH) 

PRESSURE 

{PSD 

START-0 F-CRUISE 

660 

2.7 

2.5 

460 

61.5 

17.65 

TRANSONIC 
DESCENT AT 
Ml .2 

690 

1.2 

2.5 

372 

38.2 

17.55 


1. ULTIMATE p = 1.5 X LIMIT p 
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TABLE 12-63. TEMPERATURE AUD GRADIENTS FOR lUSELAGE 
SKIN PANELS - TASK I 


BOTTOM 


FS 750 
3000 


2-166 
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lABLE 12-6h, FUSELAGE POINT DESIGN ENVIRONMENT, DETAILED CONCEPT ANALYSIS 



START OF CRUISE; MACH NO. 2.7; n^«2.5 





FS 750 

FS 2000 

FS2500 

FS3000 

ITEM 

UNITS 

UPPER 

PANEL 

SIDE 

PANEL 

LOWER 

PANEL 

UPPER 

PANEL 

SIDE 

PANEL 

LOWER 

PANEL 

UPPER 

PANEL 

SIDE 

PANEL 

LOWER 

PANEL 

UPPER 

PANEL 

SIDE 

PANEL 

LOWER 

PANEL 

Nx 

LB/IN 

1580 

200 

-1E80 

11630 

1230 

— 

15730 

1230 

- 

11630 

1230 

-11670 

Nxy 

LB/IN 

50 

250 

50 

412 

1350 

- 

629 

2025 

— 

412 

1360 

415 

INTERNAL 

PRESSURE 

PSI 

17.55 

17.55 

17.55 

17.55 

17.55 

- 

17.55 

17.55 

- 

17.55 

17,55 

17,55 

”*'avg 

Op 

342 

332 

333 

295 

324 

- 

281 

311 


292 

301 

278 

AT 

Op 

-105 

-106 

-106 

-175 

: -157 

- 

-186 

-171 

- 

-174 

-147 

-177 



POINT 

DESIGN 

REGION 

R 

in. 

A 

in.2 

C 

in. 

UNIT 

Nx 

(Ib/in.) 

DESIGN (2) 
PRESSURE 
P 

(PSi) 

TOTAL 

Nx 

(Ib/in.) 

HOOP 

N^ 

(ib/in.) 

750 

72.0 

11,761 

411 

28.6 

17.55 

502 

HI 

2000 

60.0 

10,787 

394 

27.4 

17.55 

480 


2500 

68.0 

10,787 

394 

27.4 

17.55 

480 

■fgS 

3000 

61.0 

11,690 

i 

383 

30.5 

17.55 

535 

1070 


1. NOMENCLATURE 2. 

R = SHELL RADIUS, in. 

A = ENCLOSED PRESSURIZED AREA, in.^ 

C= SHELL CIRCUMFERENCE, in. 

UNIT Nx = A/C, Ib/in. per psi 3. 


ULTIMATE DESIGN PRESSURE 
FOR START-0 F-CRUISE FLIGHT 
CONDITION 

PRESSURIZED REGION 



FS 750 


FS 2000 


FS2SOO 


FS 3000 
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TABLE 12-66. SUM-IARY OF FUSELAGE SHELL STRESS LEVELS 


LOAD INTENSITY (ULT.), LB./IN. 


PANEL 

GEOMETRYtS) 


STRESS LEVEL (ULT.), PSI^S) 


prjtMT 


AXIAL LOAD, 

-Nx 

unnD 

A D 







rLJUu J 

DESIGN 

REGION 

PANEL 

LOCATION 

AIR 

LOAD 

PRESS. 

LOAD 

TOTAL 

LOAD 

tiULir 

LOAD 

W0 

onti/^n 

FLOW 

Nxy 

t 

IN.2/1N. 

IN. 

^x 

% 

^xy 


FS750 

UPPER 

1,580 

502 

2,082 

1,264 

50 

0.056 

0.036 

37,200 

35,100 

1,400 

37,900 


SIDE 

200 

502 

702 

1,264 

250 

0,056 

0.036 

12,500 

35,100 

6,900 

37,000 


LOWER 

-1,580 

502 

-1,078 

1,264 

50 

0.056 

0,036 

-19,300 

35,100 

1,400 

35,100 

FS 2000 

UPPER 

11,600 

480 

12,080 

1,193 

412 

0.145 

0.080 

83,300 

14,900 

5,200 

83,700 


SIDE 

377 

480 

857 

1,193 

1,361 

0.099 

0.063 

8,700 

18,900 

21,600 

36,000 

FS 2500 

UPPER 

15,700 

480 

16,180 

1,193 

629 

0.184 

0.100 

87,900 

11,900 

6,300 

88,400 


SIDE 

422 

480 

902 

1,193 

2,025 

0.109 

, 0,063 

8,300 

18,900 

32,100 

45,800 

FS3Q00 

UPPER 

11,600 

535 

12,135 

1,070 

412 

0.145 

0.080 

83,700 

13.400 

5,200 

84,100 


SIDE 

377 

535 

912 

1,070 

1,361 

o.ogg 

0,063 

9,200 

17,000 

21.600 

35,000 


LOWER 

-11,700 

535 

-11,165 

1,070 

415 1 

0,177 

0.090 i 

‘63,100 

11,900 

4,600 1 

-63,400 


1. LOAD INTENSITIES PER POINT DESIGN ENVIRONMENT 
AND PRESSURE FORCE TABLES 

2. PANEL GEOMETRY: 

F= EQUIVALENT PANEL THICKNESS 
= SKIN THICKNESS 

3. STRESS LEVEL: 

fx =* Nx{TOTAL)/t 
fe= N0/ts 


4. SIGN CONVENTION: 

POSITIVE = TENSION 
NEGATIVE = COMPRESSION 









the airload and internal pressure are superposed upon the discontinuity stresses 
("bending and shear stresses) caused by the pressure and thermal gradients between 
the shell and frame. Typical results of this analysis are shown in Figures 12-66 
and 12-67 • These f ig^ures display the shell hoop stresses and the stringer bending 
moment caused by the pressure and thermal environment during the operating condi- 
tion (mid-cruise, limit one-g condition). The hoop stresses shown in Figure 12-66 
are compared to the operating fatigue allowable of 25s 000 psi* 

As a result of the preceding analyses , the fuselage shell and frames were sized for 
their critical failure mode at each point design region. Table 12-67 shows the 
fuselage shell geometry at the most critical circumferential locations for each 
region; whereas, Table 12-68 displays the circumferential variation in the panel 
geometry at one point design region, FS 2500. Similarly, the frame equivalent thick- 
nesses are shown in Table 12-69 and includes the component (frame and shear tie) 
and total thicknesses requirements at specific circumferential locations, and the 
average equivalent panel thickness for the frame at each point design region. 

In conclusion, Table 12-70 summarizes the component thicknesses, total equivalent 
thickness for each point design region, and the corresponding unit weights. A maxi- 
mum weight of 3.53 Ib/sq.ft. is indicated for the maximum fuselage bending region 
at FS 2500 ; whereas, the corresponding panel at the lightly loaded forebody region 
(FS 750 ) has a weight that is approximately 45-percent lighter, i.e., 1.5^ Ib/sq.ft. 
Unit weights of 3*27 Ib/sq.ft*. and 3.^3 Ib/sq.ft. are indicated for FS 2000 and 
FS 3000, respectively. These unit weights are used as the basis for predicting the 
total weight of the fuselage. The Mass Section of this report (Section 15) describes 
the methods and results obtained from extrapolating these weights to total fuselage 
weight. 


CHORDWISE STIFFENED WING ARRANGEMENT - TASK IIA 

Modification of the Task I Baseline airplane was required prior to commencing the 
Task IX detailed engineering studies. These modifications encompassed shortening 
the fuselage forebody, changing the sweep-angle on. the wing tip leading edge and 
relocating some of the fuel tanks. A more detailed description of these changes 
are presented in Section 2. 
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iOOH QtlALHY 


SHELL HOOP STRESS (ksi) 


PRESSURE 



1 





FRAME 


MID-BAY 


x/X 


Figure 12-67 . Stringer Bending Moments due to Discontinuity 
Forces, Point Design Region FS 750 








3F FUSELAGE PANEL GEOMETRY - 
raEPT ANALYSIS 
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FUSELAGE PANEL DIMENSIO 

IN 1 


ts 

c 

f 

h 

^st 

t 


(IN.) 

(IN.) 

(IN.) 

(IN.) 

ON.) 

(IN.) 


.036 

.55 

.75 

1.00 

.036 



.036 

.55 

.75 

1.00 

.036 



.036 

.55 

.75 

1.00 

.036 



.080 

1.5 

.80 

1.25 

,070 

.145 


.063 

1.5 

.75 

1.25 

.040 

,099 


.100 

1.5 

.80 

1.25 


.184 


.063 

1.5 

.75 

1.25 

.050 

.109 


mm 

■»| 

.80 

1,25 


.145 


■H 


.75 

1.25 

nil 

.099 


11 

191 

.90 

1.25 

19 

.177 



bs— 

-^c-*j 

1 


L/ 

s 

) 

^ 1 
h 

1 




i 




HAT-STfFFElSIED CONCEPT 





















POINT 

DESIGN 

REGION 


PANEL 

CONCEPT 


CIRCUM. 

LOCATION 


(IN) 

























POINT 

DESIGN 

REGION 


FS 750 
FS 2000 

FS 2500 

FS 3000 


TABLE 12 - 69 . FUSELAGE FRAME WEIGHTS, DETAILED CONCEPT ANALYSIS 


EQUIVALENT PANEL THICKNESS It), IN.2/IN. 


CIRCUM. 

LOCATION 


UPPER 

SIDE 

UPPER 

SIDE 

UPPER 

SIDE 

LOWER 


FRAME 

SPACING 

(IN.) 


FRAME GEOMETRY 


SHEAR 

TIE 


— ►! .75 


FRAME 


7 


SHEAR 

TIE 


TOTAL 


11 


AVERAGE 


(. 011 ) 

(.023) 


t(TOTAL) = t(FRAME + t(SHEAR TIE) 


TABLE 12 - 70 . FUSELAGE WEIGHT SUMMARY, DETAILED CONCEPT ANALYSIS 


EQUtV. PANEL THICKNESS (IN.%N.) 


POINT 

DESIGN 

REGION 

PANEL 

CONCEPT 

FS750 
FS2000 
FS 2500 
FS3000 

ZEE-STIFF. 

HAT-STIFF. 

HAT-STIFF. 

HAT-STIFF. 


FR^E 

t 


PANEL 

T 


TOTAL 

t 
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To assess the results of these modifications on structural weight, an investigation 
was conducted using the Task I chordwise finite-element 2-D model and included; 

• Obtaining the structural influence coefficients (SIC) with the revised fuse- 
lage and wing tip. The wing and fuselage flexibilities (section properties) 
were held constant for this solution. 

• Modifying the net aeroelastic loads for a critical Task I load condition to 
reflect the changes in the aerodynamic and inertia load components. 

• Conducting a design loads run to obtain new internal loads using the stiff- 
ness of the modified structural model and the revised net aeroelastic loads. 

• Performing a weight-strength analysis on the major wing structural components 
at selective locations using the revised load intensities and comparing 
these results with those of the Task I analysis. 

Point Design Environment 

As the basis for the structural analysis the point design environment was defined 
for a critical flight condition at several wing point design regions. The regions 
selected for analysis were the forward wing hox region 40322 and the aft wing box 
region 40536. The flight condition selected was the flutter critical Mach 0.9 sub- 
sohic flight condition and included the following load factors; positive 1.0-g, a 
positive 2.5-g steady-state maneuver, a positive 2.5-g transient maneuver, and a 
negative 1.0-g flight attitude. 

Using this load condition, the In-plane loads were determined by performing a 
BASTRAK static solution with the modified 2-D structural model, A summary of these 
wing surface load intensities results are presented in Table 12-Tl along with the 
results of the Task I analysis for comparison purposes. 

The point design environment at regions 40322 and 40536 were defined using the new 
surface panel load intensities resulting from the BASTRAB solution, with the same 
pressure and temperature components derived during the Task I analysis. A compari- 
son of the TasK I and Task IIA point design environment at regions 40322 and 40536 
are shown in Tables 12-T2 and 12-73. The critical Task I and Task IIA design 
conditions are presented in the footnotes of these tables. 
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TABIE 12-^71. COMPARISOH OF TASK I AND TASK IIA WING LOAD 
INTENSITIES, MACH 0.90 LOAD CONDITION 




♦LOAD INTENSITY (ULTIMATE), LBS/IN. 

PANEL IDENTIFICATION 


TASK! 

. JIA 

REGION 

NUMBER 

DIRECTION 

CHORDWISE 

SPANWISE 

MONOCOQUE 

CHORDWISE 

WING- 

40322 

Nx 

- 10 

- 148 

- 199 

- '819 

FORWARD 


Ny 

-1145 

-1155 

-595 

•^1120 



Nxy 

201 

275 

211 

143 


40236 

Nx 

188 

122 

- 925 

/■-•377 



Ny 

-10846 

-12181 

-8102 

-11474 



Nxy 

418 

1181 

858 


WING- 

40536 

Nx 

85 

- 132 

-1483 

s 471 

AFT BOX 


Ny 

-10680 

-12318 

-8763 

: -11207 



Nxy 

1118 

2288 

2521 

1409 


41036 

Nx 

- 274 

- 36 

-1094 

^ 567 



Ny 

-6570 

-6876 

-4544 

:: -7040 



Nxy 

1369 

2027 

1949 

1581 

WING- 

41316 

Nx 

701 

298 

-932 

■ 

TIP 


Ny 

-11655 

-12546 

-8268 

-12145 



Nxy 

3492 

3240 

2528 

3773 


41348 

Nx 

- 719 

- 574 

-605 

^ 1068 



Ny 

- 6293 

- 5886 

-4731 

-6402 



Nxy 

1535 

1797 

2132 

1990 


♦LOAD CONDITIONS: 

TASK I CONDITION 12: MACH 0.90, nz = 2.5, W = 700,000 LB, Ve = 325 KEAS 
TASK IIA CONDITION 9: MACH 0.90, nz = 2.5, W = 700,000 LB, Ve - 325 KEAS 



TilBLE 12-72. TASK II A WING POINT DESIGN ENVIRONMENT, 
MACH 0.90 LOAD COimiTIONS 


SYMMETRICAL FLIGHT, STEADY MANEUVER AT MACH O.SD (V^) 


ULTIMATE 

DESIGN 

LOADS 

ITEM 

UNITS 

POINT DESIGN REGION 

40322 

40536 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

AIR LOADS 

NX 

LB/IN 

-1207 

1207 

■471 

471 

Ny 

LB/ IN 

•1081 

1081 

-11207 

11207 

Nxy 

LB/IN 

176 

176 

T40S 

1409 

THERMAL 

STRAIN 

ex 

IN/IN 

— 

— 

— 

- 

cy 

IN/IN 



— 

— 

exy 

IN/IN 

- 

- 


— 

PRESSURE 

AERO 

PSI 

-1.40 

-0.30 

-1.35 

-0.49 

FUEL 

PSI 

-6.74 

-8,96 

-S.63 

•7.91 

NET 

PSI 

•8.14 

-9.26 

-G.98 

•8.40 

TEMPERATURE 

Tav 

'■f 

50 

53 

52 

64 

At 

“F 

132 

38 

29 

32 


NOTES: (1) A 1.25 FACTOR HAS BEEN APPLIED TO ’HE THERMAL STRAIN WHEN THE SIGN IS SAME AS THE AIRLOAD 

SIGN, OTHERWISE NO FACTOR APPLIED. 

(2) PRESSURE SIGN CONVENTION: NEGATIVE - SUCTION 

(3) DESIGN CONDITIONS: REGION 40322 ‘COND. 10, REGION 4053S-COND. 9 


TABLE 12-73. TASK I WING POINT DESIGN ENVIRONMENT, 
MACH 0.90 LOAD CONDITION 


SYMMETRICAL FLIGHT, STEADY MANEUVER AT MACH 0,9 |V^) 


ULTIMATE 

DESIGN 

LOADS 

ITEM 

UNITS 

POINT DESIGN REGION 

40322 

40536 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

lAR LOADS 

Nx 

LB/IN 

-531 

531 

85 

-271 

Ny 

LB/IN 

-1115 

1115 

10680 

9777 

Nxy 

LB/IN 

-236 

236 

1118 

778 

THERMAL 

STRAIN 

ex 

IN/IN 


— 

- 

- 

ey 

IN/IN 


— 


— 

exy 

IN/IN 

— 


- 

- 

PRESSURE 

AERO 

PSI 

-1.40 

■0.30 

-1.35 

•0.49 

FUEL 

PSI 

-G.74 

•8.96 

•5.63 

-7.91 

NET 

PSI 

■8.14 

-9.26 

-6.98 1 

■8.40 

TEMPERATURE 

^AV 

"F 

50 

53 

52 

54 

At 

°F 

132 

38 

29 1 

32 


NOTES: (1) A1-25 FACTOR HAS BEEN APPLIED TO THE THERMAL STRAIN WHEN THESIGN ISSAME ASTHE AIRLOADS 

SIGN, OTHERWISE NO FACTOR APPLIED. 

(2) PRESSUBESIGN CONVENTION: NEGATIVE “SUCTION 

|3) DESIGN CONDITIONS: REGION 40322 AND LOWER SURFACE AT40S36 -COND. 13, UPPER SURFACE AT 
REGION 4053S> COND, 12 
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Weiglit /strength Analysis 


J 




To assess the results cf the airplane configuration modification on structural weight, 
the major weight components of the chordwise wing arrangement were analyzed for the 
modified Task IIA point design environments. For comparison purposes, the same 
components were reanalyzed using the Task I load/temperature environment correspond- 
ing to the single flight condition investigated for Task IIA. These components in- 
cluded the upper and lower surface panels (circular arc convex headed concept) and 
spar caps. A comparison of the Task I and Task IIA panel results at regions U0322 
and 1^0536 are shown in Table 12-7^^ and includes the panel cross-sectional dimensions 
and weight data for the 20-inch spar spacing designs. In general for these two 
regions, the Task IIA panel designs are heavier than the corresponding Task I de- 
signs with a maximum weight increase of 23-percent noted for the Task IIA upper 
surface panel at region 40322. The exception being the Task IIA lower surface panel 
at region 40322 which is approximately 3-percent lighter than the Task I design. 

A comparison of the panel weight /strength analysis resiilts are presented in 
Table 12-75 and includes the unit weights for the surface panels and the panel 
relative weight factor, i.e. , weight of the Task IIA panel divided by the weight 
of the Task I panel. 

For the chordwise wing arrangement the spar caps are major weight components, these 
spar caps are uniaxially loaded by the spanwise bending loads •, hence, the cap weights 
are directly proportional to the spanwise surface load intensities. Table 12-76 con- 
tains a comparison of the spanxd.se load intensities (W ) for the two point design 

y 

regions and the relative weight factor of the Task IIA spar caps. 

The results of this analysis reflect the strength-sizing of the major chordwise wing 
components for a flutter critical flight condition (^fe.chl9 symmetric flight condition). 
Since the resulting panel and spar cap weights do not necessarily reflect the most 
critical static strength condition, the relative weight of the components were used 
for comparing unit box weights. 

A comparison of the Task I and Task IIA unit box weights for regions 40322 and 40536 
are shown in Table 12-77* The Task I values reflect the results of the previously 
conducted analysis on the chordwise wing arrangement (sized for the most critical 
flight condition); whereas, the Task IIA values reflect the Task I weights multi- 
plied by the relative weight factors presented in Tables 12-75 and 12-76, With 
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OIABItE 12-74. COMPARISON OF TASK I AND TASK IIA NING 
PANEL GEOMETRY AND NEIGHT 


POINT DESIGN 
REGION 


TASK 


SURFACE 


SPAR SPACING 
(IN.) 


DIMENSIONS ; 
tjg (IN.) 

tu (IN.) 

R£ (IN.) 

0 (DEG.) 

b (IN.) 


40322 


40536 


MASS DATA: 

t (IN.) 

w (LB./FT.2) 



.015 

.015 

.900 

87.000 

.750 


CRITICAL 

CONDITION 


PANEL CONCEPT: 


CIRCULAR ARC - CONVEX 
BEADED SKIN (h/c = 0.10) 


1 

lA 

UPPER 

LOWER 

20 

20 



1 

lA 

UPPER 

LOWER 

20 

20 









































TABLE 12-75. COMPAHISON OF TASK I AHD TASK IIA 
SURFACE PANEL WEIGHTS 


TASK NO. 

1 

IIA 

RELATIVE 

WEIGHT 

FACTOR 

POINT 

DESIGN 

REGION 

SURFACE 

PANEL WEIGHT 
(LB/SQ. FT) 

40322 

UPPER 

0.825 

1.018 

1.23 


LOWER 

0.875 

0.851 

0.97 

40536 1 

UPPER 

1.031 

1.187 

1.15 


LOWER 

1.000 

1.055 

1.06 


TABLE 12 - 76 . COMPARISON OF TASK I AND TASK IIA 
SPAR CAP LOADS 


TASK NO. 

1 

IIA 

RELATIVE 

WEIGHT 

FACTOR 

POINT 

DESIGN 

REGION 

SURFACE 

SPANWISE LOAD 
INTENSITY (LB/IN.) 

40322 

UPPER 


-1,081 

0.97 


LOWER 


1,081 

0.97 

40536 

UPPER 


-11,207 

1.05 


LOWER 

10,680 

11,207 

1,05 
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TABLE 12-77. COMPARISON OF THE DETAIL WING T^JEIGHTS FOR THE TASK I aND 
TASK IIA CHORDWISE STIFFENED WING ARRANGEMENTS 


POINT DESIGN 
REGION 

40322 

40536 

TASK NO. 

1 

IIA 

RELATIVE 

WEIGHT 

1 

llA 

RELATIVE 

WEIGHT 

SPAR SPAC (IN.) 

20 

20 

20 

20 

PANELS 

UPPER 

LOWER 

s 

0.825 

0.942 

(1.767) 

1.015 

0.914 

(1.929) 

■ 

1.609 

1.335 

(2.944) 

■ 

1.15 

1.06 

(1.11) 

RIB WEBS 

BULKHEAD 

TRUSS 

E 

0.298 

0.074 

(0.372) 

0.298 

0.074 

(0.372) 

1.00 

1.00 

(1.00) 

0.238 

0.228 

(0.466) 

0.238 

0.228 

(0.466) 

1.00 

1.00 

(1.00) 

SPAR WEBS 

BULKHEAD 

TRUSS 

E 

0.336 

0.301 

(0.637) 

0.336 

0.301 

(0.637) 

1.00 

1.00 

(1.00) 


0,270 

0.490 

(0.760) 

■ 

RIB CAPS 
UPPER 

LOWER 1 

E 

0.058 

0.065 

(0.123) 

0.058 

0.065 

(0.123) 

1.00 

1.00 

{1.00} 

0.116 

0.086 

(0.202) 

0.116 

0.086 

(0.203) 

1.00 

1.00 

(1.00) 

— i 

SPAR CAPS 

UPPER 

LOWER 

s 

0.241 

0.350 

(0.591) 

0.234 

0.340 

(0.574) 


2.710 

3.950 

(6.660) 

2.846 

4.148 

(6.994) 

1.05 

1.05 

(1.05) 

NON-OPTIMUM 

MECH. FAST. 
WEB INTERS. 

E 

0.180 

0.120 

(0.300) 

0.180 

0.120 

(0.300) 

1.00 

1.00 

(1.00) 



1.00 

1.00 

(1.00) 

S 

POINT 

DESIGN 

MASS 

LB 

FT2 

3.790 

3.935 

1.04 

11.352 

12,007 

1.06 





















respect to Table 12-77, the detail weight statements includes the surface panels, 
rib webs, spar webs, rib caps, spar caps, and the non-optimum weights. Only the 
weights of the Task IIA panels and spar caps were altered, the remaining components 
were taken directly from the Task I analysis. In addition to the components weij^t, 
the relative weight factors are shown. Region H0322 indicates the Task IIA config- 
uration has heavier panels (approximately 9“percent), lighter spar caps (approxi- 
mately 3-percent), and a unit weight that is 4-percent heavier. For region 40536, 
the Task IIA panels are 11 percent heavier, spar caps are 5-percent heavier, and 
the unit weight is 6 percent heavier. 

WING STRUCTURAL ARRANGEMENT - TASK IIB 

The wing structural arrangement selected for evaluation in the Task II Detailed 
Engineering Study was comprised of the most promising structural -material concepts 
surviving the Task I Analytical Design Studies. In review, the Task I ‘analysis 
resulted in the selection of the least-weight arrangements from each basic "bype of 
wing load-carrying structure (ehordwise, spanwise, and monocoq,ue). Those five 
arrangements selected for the final Task I detail evaluation with respect to weight, 
cost, performance, and risk included: 

• The two ehordwise arrangements corresponding to the least-weight metallic 
and composite reinforced designs. Both designs incorporated the least- 
weight metallic panel concept (circular-arc convex-beaded design). For 
the substructure the metallic design employs all titanium alloy spar caps, 
and the composite reinforced design employs a titanium alloy spar cap 
reinforced with unidirectional Boron/polyimide (B/PI), 

• The least-weight spanwise arrangement, metallic hat-stiffened skin panels 
with representative substructure, 

• The two monocoque arrangements, which are characterized by their respective 
panel-to-substructure attachment design, tubular insert-welded and 
densified core - mechanically fastened. Both concepts incorporated alumi- 
num brazed honeycomb-core sandwich panels. 

The complete results of this detail evaluation are described in the section entitled 
Concept Evaluation and Selection, Section 17, For summary purposes, the results of 
the weight evaluation are repeated in Table 12-78 which lists the variable and fixed 
weights for each arrangement. Furthermore, the variable weight is defined for the 
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STRUCTURAL ARRANGEMENT 


WING 

WEIGHT AND 
SEGMENT 


CHORDWISE 


WELD BOND 


SPANWiSE MONOCOQUE 


WELD BOND ALUM BRAZED 


MONOCOQUE CHORDWISE 


ALUM BRAZED COMP. RE INF. 



VARIABLE WEIGHT 

• FWD. BOX 

• AFT BOX 

• TIP 

FIXED WEIGHT 


MECH. FASTEN. 
64,658 
(22,090) 
(29,016) 
(13,552) 
41,352 


r<IECH. FASTEN. 
63,482 
(25,364) 
(25,242) 
(12,876) 
41,352 


MECH. FASTEN. 
50,978 
(21,982) 
(19,692) 
(9,304) 
41,352 


WELDED 

53,794 

(24,057) 

(20,153) 

(9,584) 

41,352 


SPARS ONLY 
48,082 
(20,580) 
(17,384) 
(10,118) 
41,352 


2 TOTAL~LB 


106,010 


104,834 


92,330. 


95,146 


89,434 


































major wing areas, i.e., forward "box, aft "box, and wing tip. From a review of these 
variahle weights, it can he seen that a structural arrangement composed of the 
lowest-weight designs for each area would afford the minimura-weighc overall design. 
Based on this premise, the structural, approach selected for further evaluation in 
the Task II Detail Engineering Studies was a hybrid structural arrangement consist- 
ing of a combination of the chordwise-stiffened and monocoque arrangements as shown 
in Figure 12-68. 


Point Design Environment 

Similar to the Task I analyses, the hybrid wing structural arrangement was subjected 
to point design analysis at discrete wing locations (regions). These wing locations, 
point design regions, are shown in Figure 12-3. The structural definition at each 
of these regions is in agreement with the combination of structural concepts 
included in the overall wing structural arrangement, with the load/ten^erature 
environment based on the internal load resulting from the NASTRAN static solution 
using a 3-D finite-element model. 

These point design environments were defined for the hybrid wing structural arrange- 
ment for both the strength design and strength/ stiffness design phases. Examples 
of these environments are contained in the following text within the discussion for 
each specific design phase. 

Strength Design 

The strength design airframe, as characterized by the element properties contained 
in the finite- element structural model, was developed for the hybrid wing structural 
arrangement using the results of the Task I analysis. More specifically, the section 
properties resulting for the Task I strength analysis conducted on the selected 
chordwise and monocoque concepts were combined to define the total wing stiffness 
for the finite element model. 

Using this strength design model, an internal load solution was obtained using the 
static aeroelastic loads. These internal loads, in combination with the pressure 
and temperature components defined in Task I, were used to define the specific point 
design environments for the structural analysis. Table 12-79 contains the wing 
point design environment for the symmetrical flight conditions at Mach O.90 and 

Mach 1 . 25 . 
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AFT BOX 

• CHORDWISE STIFFENED 

• CONVEX BEADED PANELS 
Ti 6A1-4V WITH 

• B/PI REINF. SPAR CAPS 



-FORWARD BOX 

• CHORDWISE STIFFENED 

• CONVEX BEADED PANELS 
Ti 6A1-4V (WELD BONDED) 

• B/Pl REINF. SPAR CAPS (LOCAL) 


TIP 


• MONOCOQUE 

• ALUMINUM BRAZED HONEYCOMB 
CORE SANDWICH PANELS 


Figure 12-68. Structural Approach for Task II 
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TABLE 12-79. VrCWG POI3JT DSSIGW EIJVIRONIJEHT , STRENGTH DESIGN - 
TASK IIB, S4ACH O. 9 O (V^) AND 1.25 (Vg) LOAD CONDITIONS 


CONOITKM WEIGHT - 7CW.000 La; MACH 0 . 30 ; li - 30.000 FT.; 325 km 


ULTIMATE 

DESIGN 

loads 

ITEM 

UNITS 

POINT DESIGN REGION | 

4aZ3€ 

40536 

41036 

40332 

41316 

<1346 1 

UPPER 

SURFACE 

LO<;f,=R 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SUR^^CE 

LOWER 

SURFACE 

AIR LOADS 

Nx 

lb/jn 

+ 179 

* 750 

** 458 

+ 532 

-1,052 

606 

- 129 

♦ 64g 

-1,226 

-1,004 

- 877 

♦ 989 

Ny 

lb/in 

-13,779 


-12* 630 

12*871 

-3,522 

.3,071* 

- 1,109 

♦1,350 


-B,5b6 

- 5 , 11*8 

+ 4.867 

Nxy 

LB/IN 

- 271 

32 

- 1*060 

+ 1*256 

♦1,583 

♦1,542 

+ 112 

♦ 233 

♦3,686 

-3,06S 

+2,290 

ES!^9H 

THERMAL 

STRAIN 

Cx 

IN/IN 

-i 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 



IN/IN 

. 0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 


IN/IN 

0 

0 

C 

0 

0 

0 

0 

0 

0 

0 

0 

0 

PRESSURE 

AERO 

PSI 

0*99 

oM 

1*35 

0*49 

2.10 

3*36 

1.40 

0.30 

- 6.75 

3.76 

- 3.68 

0.30 

FUEL 

PSI 

5*01 

%2h 

4*50 

4*50 

0 

0 

4.91 

8.70 

0 

0 

0 

0 

NET 

PSI 

6*00 

- 9*6^ 

5*35 

J*.99 

2.10 

0.36 

6.31 

9-00 

- 6.75 

- 3.76 

- 3*68 

0.30 

TEMPERATURE 

"^AV 

“F 

1*7 

53 

45 

45 

4B 

41 

47 

52 

48 

41 

44 ' 

33 

AT 

Op 

♦ 37 

> LO 

+ 30 

+ 3& 

+ 27 

+ 15 

+ 37 

+ 4i 

+ 97 

+ 15 

+ 20 ; 

+ 8 


CONDlnOM WEHSHT-S9a,OOOLa;MACH1.2S;b'4at«QaFr.;V,«2943luu 


ULTIMATE 

DESIGN 

LOADS 

ITEM 

UNITS 

1 POINT DESIGN REGION 1 

40236 

46536 

41036 

40322 

41316 

41344 1 

UPPER 

SURFACE 

lower 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

upr.ri 

surface 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

AIR LOADS 

Nx 

LB/iN 

67 

*■ 246 

- 1,073 

♦ 1,099 

-1,612 

+1,297 

- 151 

♦ 597 

- 1 , 6 ^ 

BEBm 

-1,207 

+ 1.379 

Ny 

LB/IN 

-X4,650 

+15,197 

-il*,303 

♦14,014 


*3,587 

- 1,106 

+1,400 

-J2,4d7 

♦ 11,188 

-6,897 

♦6,657 

Nxy 

LB/IH 

- 1*53 

+ 367 

- 1,I>95 

^ 1,599 

- 2.106 

♦ 1,909 

♦ 130 

♦ 215 



+2,264 

-2,2Bl 

thermal 

STRAIN 

Cx 

IN/IN 

0 

0 

0 

0 

0 

0 

0 

0 

0 


0 

0 


IN/IH 

0 

0 

Q 

Q 

0 

0 

0 

0 

0 

0 

0 

0 

cxy 

in;in 

0 

a 

0 

0 

D 

0 

0 

0 

0 

0 

0 

0 

PRESSURE 

AERO 

PSI 

3*03 

1.20 

1.27 

.26 

1*27 

.u 

1*47 

.06 

4.93 

.26 

5-07 

.96 

FUEL 

PSI 

5.03 

9*31 

- 4*50 

4.50 . 

0 

0 

8,97 

- 8.89 

0 

0 

0 

0 

NET 

PSI 

B.n 

10.51 

5*77 

4*76 

1.27 

.u 

- 6-44 

- 8 .B 3 

4*93 

*26 

5*07 

*96 

TEP4PERATURE 

^AV 

Op 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

AT 

®F 

0 

0 

0 

■ 0 

0 

0 

0 

0 

0 

0 

0 

0 


NOTCSi U> A 1-25 FACTOfl HAS BEEN APPLIED TO THE THERMAL STRAIN WHEN tHE SIGN IS SAME AS THE AIRLOAD 
SIGH, otherwise HO FACTOR APf LIED- 
n\ PRESSURE SIGN CONVENTION: NEGATIVE - SUCTION 
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A strength sizing analysis was conducted on hoth panels and substructure to assess 
the weight trends and verify the airframe stiffnesses contained in structural model. 
VJhile this analysis was "being conducted, the vibration and flutter analysis was 
initiated using the mass and stiffness matrices associated with the strength design 
airframe. The results of these analyses (flatter and strength) are combined to 
develop the strength/ stiffness airframe design which is discussed in the next 
section. The results of the strength analysis are discussed in the following text. 

F finel Analysis - The panel concepts and their applicable point design regions are 
shown in Table 12-80 for the hybrid arrangement. These panels were analyzed using 
the computerized methods previously discussed in Task I and the new point design 
environment based on the NASTRAK static solution using the 3-D structural model. 

The results of this strength analysis are shown in Tables 12-81 and 12-82 for the 
chordwise and monocoque panel concepts, respectively. 

With reference to the chordwise panels, circular-arc convex beaded concept, 

Table 12-81 indicates the foreign object damage (F.O.D.) constraint on the exposed 
surface bead was active for each point design region with the exception of upper 
surface panel at Region U0536 (t^ <0.015). The unit weights ranged from a minimum 
weight of 0.76 Ib/sq.ft for the upper surface panel at Region U0322 to a maximum 
weight of 1.34 Tb/sq. ft for the upper siirface panel at Region U0536. 

The results of the strength analysis conducted on the honeycomb sandwich panels are 
shown in Table 12-82 for Regions U1036, 4l3l6, and Ul3U8. Wo thickness constraints 
were active for the face sheets of these designs which indicated a minimum-weight of 
1.20 lb/sq.ft occurring at Region U1036 for both upper and lo\«er surface panels, 

TABLE 12-80. SURFACE PANEL CONCEPTS FOR TASK II 


STRUCTURAL 

ARRANGEMENT 

POINT DESIGN 
REGIONS 

PANEL CONCEPT 

GEOMETRY 

CHORDWISE 

STIFFENED 

40322,40236, 

40536 

CIRCULAR-ARC/CONVEX 
BEADED SKIN 

- 0 -^ 

MONOCOQUE 

j 

41036,41316, 

41348 

HONEYCOMB SANDWICH - 
ALUMINUM BRAZED 
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TABLE 12-81* PAUEL GEOMETRY AHD WEIGHT FOR THE CHORDWIBE STIFFEHED PAUELS - TASK IIB 


DESIGN DATA 

POINT DESIGN REGIONS 

40322 

40236 

405SB 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

SPACING, m. 







RIB 

60.0 

60.0 

60.0 

60.0 

60.0 

60.0 

SPAR 

22.7 

22.7 

21.2 

21.2 

21.2 

21.2 

DIMENSIONS 







tu, in. 

.013 

.015 

.015 

.020 

.023 

,019 

ty.in. 

.015 

.020 

.015 

.020 

.026 

.020 

Rl* in. 

.80 

1.00 

.80 

1.00 

.90 

.70 

6, degrees 

87 

87 

87 

87 

87 

87 

fa, in. 

.75 

.75 

.75 

.75 

.75 

.75 

pitch, in. 

2.35 

2.75 

2.35 

2.75 

2.55 

2.15 

WEIGHT DATA 







t, in. 

.033 

.041 

.036 

.048 

.058 

.046 

W, Ifa./sq.ft 

.760 

.945 

.829 

i.n 

1.34 

1.05 

CRITICAL DESIGN COND. 

12 

20 

16 

16 

12 

12 


DIMENSIONS; 
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TABLE 12-82. PAUEL GEOMETRY Am WEIGHT FOR THE MOHOCOQUE PAI'JELS - TASK IIB 


DESIGN DATA 

POINT DESIGN REGIONS 

41036 

41316 

41348 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

SPACING, in. 







RIB 

60.0 

60.0 

40.0 

40.0 

40.0 

40.0 

SPAR 

21.2 

21.2 

40.0 

40.0 

30.0 

30.0 

DIMENSIONS 







H, in. 

.642 

.202 

1.243 

.485 

.967 

.216 

ti, in. 

.026 

.023 

.056 

.062 

.037 

.042 

t2,in. 

.018 

.028 

.053 

.068 

.027 

.039 

V >"• 

.002 

.002 

.002 

.002 

.002 

.002 

S, in. 

.275 

. .500 

.298 

.500 

.326 

.500 

WEIGHT DATA 







t,in. 

.052 

.052 

.124 

.133 

.075 

.082 

W, Ib/sq. ft 

1.20 

1.20 

2.850 

3.070 

1.73 

1.89 

CRITICAL DESIGN COND. 

12 

12 

12 

12 

12 

12 


^2 

EXTERIOR SURFACE 1 


S= CELL SIZE 
t-= CORE FOIL 
THICKNESS 


T 


DIMENSIONS 


H 











I 


I 

t 


f 


Conversely, a maximum-weight of 3.0T lb/sq,ft was noted for the lower surface panel 
at Region ^Jl3l6. In addition to the panel geometry and weight data, the critical 
design condition is also specified for each of the point design regions. 

Substructure Analysis - The results of the Task I substructure analysis conducted 
on the chordwise and monocoque arrangements were incorporated into the element defi- 
nition of the strength design structuraJ. model. This data represented typical sub- 
structiire for each arrangement and included spar caps, spar webs, rib caps, and rib 
webs. For the chordwise substructure, the spar caps and truss webs are primarily 
the only load dependent components with the bulkhead webs predominately designed by 
fuel pressure and the rib caps are minimum design caps. For the monocoque sub- 
structure, almost al3, components were based on minimum design geometry with the 
exception of the inboard region of the wing tip were the high load intensities 
dictated greater web thicknesses and cap areas. 

No discrete point design weights were defined for the strength designed substructure, 
but a relatively comprehensive stress analysis was conducted at the model element 
level using the internal stresses from the strength design run with conservative 
gross area allowables. 


Btrength/Stiffness Design 

The results of the vibration and flutter anlysis of the strength sized airplane 
indicated a deficiency in flutter speed for the Mach 0.9 flight condition. This 
condition is displayed in Figure 12-69 where a flutter speed of 310 KEAS was 
obtained as compared to the 1.2 Vp criteria of 468 KEAS, Because of this deficiency, 
a flutter optimization analysis (described in the analytical method section of 
section 10) was conducted which was focused on incrementing the stiffness of the 
most efficient wing tip regions. Figure 12-70 presents the five wing tip regions 
used for the flutter optimization analysis overlayed on the wing tip of the 
structural model. 

The wing tip panel thicknesses used in the definition of the strength design finite 
element model are shown in Figure 12-71 and represent the thicknesses for both upper 
and lower surface panels, and the front and rear beam webs. The corresponding wing 
tip thicknesses resulting from the flutter optimization process (flutter speed 
equivalent to 1.2 Vp) are shown in Figure 12-72. From a comparison of these two 
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Figure 12-69. Flutter Speeds for Symmetric Bending and Torsion Mode - 

Task II Strength Design 



Figure 12-70. Flutter Optimization Design Regions 
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figures, it can lie seen that the outermost regions (Regions 1, 2, end 3 of 
Figure 12-70) reqixire the greatest change in thickness with Region 1 requiring the 
maximum change, i.e., an approxinate 400-percent increase in surface panel thiclmess. 

Since these flutter optimization results, added wing tip stiffnesses, were generated 
by incrementing the stiffness matrix from the strength design model, an update in the 
model section properties was required to obta,in a new base stiffness matrix and 
verify the finding of the flutter optimization process. Thus, the element properties 
of the 3-D finite element model were revised to rfiflect the stiffnesses dictated by 
the flutter analysis with a more favorable material distribution from a design and 
fabrication standpoint. This task was accomplished by using the basic geometric 
data (number of elements and their corresponding coordinates) contained in the 3-D 
structural model, adjusting the section properties of these elements, and calculating 
the cross-sectional properties (area, center of gravity, and moments of inertia). 

This process was repeated until the cross sectional properties were equivalent to 
those required by the flutter optimization analysis. The wing tip panel thicknesses 
that correspond to the equivalent cross sections are shown in Figure 12-73 and 
reflect a more favorable material distribution from a design and fabrication 
standpoint. 

A comparison of the panel thicknesses required for the strength, stiffness, and 
final designs are shown in Figure 12-74 for a wing tip cross section at Region 2 
(see Figure 12-70 for location). With reference to this figure, the final design 
panel thicknesses reflect a uniform distribution of material with the most forward 
panel on the upper surface indicating a 400-percent increase over the strength 
design. Similarly, a Tm'nlTmim ^'.^yrease of approximately 200-percent is noted for 
the lower surface most aftward located panel. The stiffness design reflects a non- 
uniform material distribution consistent with the methods employed in the flutter 
optimization process, i.e., incrementing the stiffness matrix of the strength 
design airplane. 

A comparison of the wing tip cross sectional properties for the three designs are 
shown in Figure 12-75 through 12-78. Figure 12-75 contains a comparison of the 
eentroidal distances along the X-axis, and Figures 12-76 and 12-77 display a com- 
parison of the bending stiffnesses (El) about the X- and Z-axes, respectively. The 
final figure (Figure 12-78) presents a comparison of the wing tip torsional stiffness 
(GJ) for the three designs. 
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Figure 12-75* Comparison of Wing Tip Center of Gravity 



A 

8L 

470 


SPANWISE DISTANCE ALONG REAR BEAMJn 


A 

WING 

TIP 


Figure 12-76* Comparison of Wing Tip Bending Stiffness (El). 
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Point Design Environment - Since the basis for the definition of the loads/ 
temperature environment is the internal loads resulting from the NASTRAM static 
solution, the section properties for the 3-D structural model vere revised to 
reflect the final design stiffnesses and rerun to obtain the corresponding internal 
loads. A comparison of the wing surfaces load intensities for the strength and 
final design airplanes are shown in Table 12-83 for the six wing point design 
regions. These results are for a symmetrical flight condition at Mach 1.25 and 
correspond to the static aeroelastic loads analysis conducted using each of the 
structural models. In addition, the reader should review this table with the 
specific structural arrangement incorporated in the Task II baseline airplane in 
mind, i.e., the chordwise stiffened panel concept employed at point design regions 
it0322, li0236, and 40536, and the honeycomb sandwich concept at regions 41036, 

41316, and 41348. 

Tn general, the chordwise panel inplane load intensities (Nx and Nxy) are greater 
for the strength design than those of the final design; whereas, the final design 
airplane experiences the higher spar cap loads (Ny). For the regions which 
incorporate the honeycomb sandwich surface panels, the combined loads (Nx, Ny, and 
Nxy) are generally higher for the final design with the exception of slightly lower 
shear values experienced by the inboard panels (41036 and 4l3l6). 

The point design environments (airloads, thermal strains, pressures, and tempera- 
tures) for the final design airplane were identical to those reported for the 
strength design except for the airloads which reflected the additional NASTRAN 
internal load run. An example of this environment is presented in Table 12-84 for 
the symmetrical flight conditions at Mach 0.90 and Mach 1.25. A detail description 
of the point design environments for the final design airplane is contained in 
Section 11 of this report. 

Panel Analysis - The wing panel geometry calculated for the strength sized airplane 
were reviewed with respect to the results of the flutter optimization study and the 
en su-i ng internal loads run. The results of this review indicated the chordwise 
panel concepts (circular-arc convex-headed concept), which are predominately 
designed by normal pressure, experienced a relatively slight decrease in inplane 
loads due to the change in airframe stiffness; thus, it was felt no additional 
analysis was warranted and the strength-size panel geometry was incorporated into 
the final design airplane. 
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TABLE 12-83. COMPARISON OF VrENG SURFACE LOAD INTENSITIES - 
TASK IIB, MACH 1.25 LOAD CONDITION 




♦LOAD INTENSITY (ULTIMATE), LBS/IN 

. 




HYBRID 

HYBRID 

PANEL IDENTIFICATION 


(STRENGTH) 

(FINAL) 

REGION 

NUMBER 

DIRECTION 

UPPER 

LOWER 

UPPER 

LOWER 

WING- 

40322 

Nx 

■151 

597 

-242 

434 

FORWARD 


Ny 

•1106 

1400 

-1032 

1425 



Nxy 

130 

215 

102 

166 


40236 

Nx 

-67 

246 

-183 

62 



Ny 

-14650 

15196 

•16456 

16622 



Nxy 

453 

367 

491 

781 

WING- 
AFT BOX 

40536 

Nx 

Ny 

-1073 

-143('3 

1099 

14014 

•831 

-16372 

699 

15508 



Nxy 

1495 

1599 

1615 

1646 


41036 

Nx 

-1812 

1297 

-2464 

1898 



Ny 

-4220 

3588 

-5645 

4697 



Nxy 

2106 

1909 

1915 

1812 


41316 

Nx 

-1638 

1405 

-1931 

1656 



Ny 

-12407 

11188 

-13240 

11333 

WING TIP 


Nxy 

4009 

2990 

4072 

2739 

41348 

Nx 

-1207 

1379 

-1200 

1431 




Ny 

-6897 

6657 

-9006 

8090 



Nxy 

2284 

2281 

2666 

2556 


♦LOAD CONDITIONS: 

TASK ll-B CONDITION 12: MACH 1,25, nz = 2.5, W = 690,000 LB, Ve = 294 KEAS 



TABLE 12-84. WING POINT DESIGN ENVIRONMENT, FINAL DESIGN 
TASK IIB, MACH 0.90 (V^,) AND 1.25 (Vg) LOAD CONDITIONS 


9 g 
o g 

O 



ro 

I 

ro 

o 

o 


COffOtTlON ^ SVMMETRI CAL FLIGHT^ STEADY MANEUVER AT MACH D.90 n^*2JS 


ULTIMATE 

DESIGN 

LOADS 

ITEM 

UNITS 

POINT DESIGN REGION 

40322 

41316 

41346 

40236 

40S36 j 

41Q3G 1 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

AIR LOADS 

Nx 

LB/JN 

- 219 


- 1A73 

*1.237 

- 556 

*1,028 

* 15 

* 1*51 

- 315 

279 

- 1,562 

'*'1.003 i 

Ny 

LB /IN 

R9BSHI 


- 10,106 


*fc.59S 

*5.562 

-lit, 311 

-14.762 

-14.410 

*14.CS5 

-4,725 


Nxv 

LB/lN 


166 



2.608 

2.6U1 

a?? 

370 

1.159 

1.300 


■ISIIH 

THERMAL 

STRAIN 

c» 

IM/JN 

0 

0 



0 

0 

0 

0 

0 

0 

Q 

Q 


IN /IN 

0 

0 

0 

0 

0 

0 

0 

0 

0 

.0 

0 

Q 

Cxy 

JM/IN 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

PRESSURE 

AERO 

PSI 

- l.k: 

0,30 

- 6.75 

3.76 

- 3.63 

0,30 


0.44 



2.10 

0,36 

FUEL 

PSI 

h^9fl 

8,70 

0 

0 

0 

0 

5.01 

9.24 

4.50 

4,50 

:: 


NET 

PSI 


9.00 

6.75 

3*76 

- 3.68 

0.30 

c.OO 

9*68 

5.65 

11 . 99 I 

2.10 


temperature 

^AV 


i*7 

52 

hS 

hi 

lilt 

33 

1*7 

53 ! 

45 

45 

48 

4l 

OT 

®F i 

* 3^ 

* 1*1 

- -?7 

* 15 

20 : 

A 

37 

h'j 

♦ 30 

36 

* 27 

* 15 


CONOmOM @ SYMMETRICAL FLIGHT. STEADY MANEUVER AT MACH 1.25 «* 2.5 





POINT DESIGN REGION | 

ULTIMATE 

DESIGN 

LOADS 

ITEM 

UNITS 

40322 

4131B 

4T346 

4C236 

40530 

41036 1 


UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

surface 

UPPER 

SURFACE 

LOY/ER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 


Nx 

LB/IN 

- 24? 

+ 434 

- 1,931 

* l.t57 

-1,200 

‘1,431 

- 163 

* 6? 

- B31 


-2.464 

+1.093 

AIR LOADS 

wp 

LB/IN 

- 1,032 

-*1,4^5 

-13,24j 

*U,333 

- 9,006 

*5,090 

-16,45b 

*16,622 

-16,372 


-5.645 



Hxy 

LB/IN 

10? 

166 

4*D72 

2.T33 

2,666 

2.55t 

491 

761 , 

1,615 

1,646 


1.6IP 

THERMAL 

STRAIN 

Cx 

IN/|N 

0 

Q 

0 

0 

0 

a 

0 

0 

0 

0 

_J2 

0 

€Y 

iNiiN 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

£xy 

IN/IN 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

_s 

ft. 


AERO 

PSI 

1.47 ■ 

' 0*06 

4.9a 

- 

5 . 0 ? 

0.96 i 

- 3.03 

1.20 

1-27 

0,2c 

1.27 

* o.n 

PRESSURE 

FUEL 

PSI 

4.97 

BHS!^ 


0 

- 

3 : 


9*31 

4,50 

BHH 9 SI 

0 



NET 

PSI 

6.44 

8,B3 


o.?c__ 

5.07 

,.96 

s.n 

10.51 

5.77 i 


1*57- 


TEMPERATURE 

^AV 

“F 

B:T 

KT 

RT 


37 

■ ^7 

ET 

E7 

“7 

?a 

BT . 

SI 

AT 

“F 

0 

0 

rj 

•2 



0 

0 

0 : 

0 

0 

0 


NOTES: m A 1.25 FACTOR HAS BEEN APPLIED TO THE THERMALSTRA1N WHEN THE SIGN IS SAME AS.THE AIRLOAD 

SIGH. OTHERWISE MO FACTOR APPLIED. 
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The point design regions utilizing the honeycomb sandwich concept (regions U1036, 
U1316, and 1 i 1348) e:iq)erienced relatively large changes in inplane loads due to the 
modification of the airframe stiffness. For regions 4l3l6 and i^l3^8 the increased 
panel thickness required to meet the flutter speed was much greater than the 
corresponding change in internal loads due to the aeroelastic effect, e.g. , for the 
upper surface at region lH3l^8, the thickness increased 112-percent while the 
inplane loads, as characterized by the spanwise load (iTy) , increased only 
30-percent, Hence the surface panels at regions l»13l6 and 413^8 are stiffness 
designed and their panel geometry and weight data are presented in Table 12-85. For 
the honeycomb sandwich panel at s;«gion 41036, located inboard of the wing tip, the 
fail-safe criteria required major changes in the panel proportions, i.e., 50- and 
6l-percent changes in face sheet thickness over the strength design for the upper and 
lower panels, respectively. Section 13 presents the analysis and required panel 
geometry for this region. 

Substructure Analysis - Typical substructure was investigated for application to the 
structxjral arrangement of the final design airplanes. This substructure included: 
rib caps, rib webs, spar caps, and spar webs. In addition, nonoptimum factors 
applicable to each concept were added. The strength design geometry and weights 
were used for those substructure components experiencing slight or no change in 
applied load. 

The major weight components for the . substructure are the spar caps and these results 
are presented in this section. As with the strength design, the chordwise point 
design regions (40322, 40236, and 40536) incorporate submerged metallic spar caps 
with B/PI reinforcement; whereas, the monocoque regions (41036, 4l3l6, and 41348) 
use an all metal design incorporating a densified core insert with mechanical 
fasteners for attachment to the surface panels. 

For the composite reinforced spar caps, the maximum spanwise tension and compression 
loads intensities are shown in Table 12-86. In addition, the total load on the caps 
(Ny times b) are defined at each point design region. The stress analysis was con- 
ducted using the same methods and allowables as defined for the Task I composite 
substructure analysis and is shown in Table 12-87. Figure 12-59 pj^esented the 
allowable axial stress (tension or compression) for the B/PI reinforced caps. As 
a result of the stress analysis, the spar cap geometry and corresponding weight are 
shown in Table 12-88, The weight of the composite reinforced spar caps ranged from 
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TABLE 12-85. PAHEL GEOMETRY AMD \^EIGHT DATA FOR THE FINAL DESIGN MONOCOQUE PANELS - TASK IIB 


POINT DESIGN REGIONS 


41348 


LOWER 
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TABLE 12-86. SPAR CAP APPLIED LOADS FOR THE BASIC WING REGIONS, TASK IIB 


POINT 


DESIGN 

REGION 

WING 

SURFACE 

40322 

UPPER 

LOWER 

40230 

UPPER 

LOWER 

40536 

UPPER 

LOWER 

41036 

UPPER 

LOWER 


SPAR 
SPACING 
b, (in.) 


MAXIIVIUIVI SPANWISeCJI 
TENSION LOAD 


IWAXIWIUM SPANWISE^IJ 
COMPRESSION LOAD 


) COND. (Ib/in.) (ktps)2 COND. (Ib/in.) (kip 


-1,100 -25.0 

•600 -13.6 


-348.9 

-164.4 


-347.1 

-140.2 


-119.7 

-42.9 


1. CONDITION DESCRIPTION AND LOAD INTENSITIES PER SECTION 11 

2. CAP LOAD (Py) = NyXb 

3. CORRECTION FACTOR TO ACCOUNT FOR SUBMERGED CAPS 

4. Pj = MAXIMUM TENSILE LOAD 

Pc = MAXIMUM COMPRESSIVE LOAD 


DESIGN LOADS (ULT.) 
FACTOR13) 
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TABLE 12-87. SPAR CAP STRESS ANALYSIS FOR THE BASIC WING REGIONS, TASK IIB 


POINT 

DESIGN 

REGION 


SPAR 

SPACING 

(in.) 

DESIGN LOAD 


AREA 



% 

COMPOSITE 

(Ac/Aj) 


R/IA D/^IM 

SURFACE 

COND. 

NO, 

PULT 
( (kips) 

Am 

(in.2) 

Ac 

(in.2) 

At 

(in.2) 

,0,T 

Lit 

(ksl) 

iVlAnoUM 

OF 

SAFETY 


UPPER 

22,7 

15 

-27.5 

0.24 


0.24 

-114.6 


-131.0 

0,14 

40322 




0.40 





90.0 

0.03 

LOWER 

22.7 

12 

35.0 

— 

0.40 

87,5 

— 


UPPER 

21,2 

12 

-3S7.3 

0.45 

1.51 

1,96 

-197.6 

77 

-198.0 

0.00 

40236 











LOWER 

21.2 

12 

391.2 

0.45 

2.50 

2.95 

132.6 

85 

139.0 

0.05 


UPPER 

21.2 

12 

•385.3 

0.45 

1,50 

1.95 

-197.6 

77 

-198.0 

0.00 

40536 










138.0 

0.04 

LOWER ’ 

21.2 

12 

364.9 

0.^ 

2.30 

2.75 

13.7 

84 


UPPER 

21,2 

12 

-138.8 

0.45 

0.41 

0.86 

-161.4 

48 

-162.0 

0.00 

41036 

I 1 










122.0 


LOWER 1 

21,2 

12 

115.5 

0.45 

0.50 

0.95 

121.6 

53 

0.00 


NOTES: 


• 1- V “PuLT^Aj 

2. ALLOWABLE STRESSES (Fy'^) PER FIGURE 12-59 

C T C T 

3. MARGIN OF SAFETY = (Fy v fy' ) - 1.0 


POINT 

DESIGN 

REGION 

SPAR 

SPACING 

(inj 



SPAR CAP DIMENSIONS 


AREA 

UNIT 

WEIGHT 

h 

(in.) 

b 

{in.} 

H 

(in.) 

W 

(in.) 

*1 

(in.) 

m 

Am 

(in.2) 

Ac 

(in.2) 

w 

(lb/sq.ft) 

40322 

UPPER 

22.7 




1.50 

.16 


0.24 


0.24 

LOWER 

22.7 

— 

- ■ 

- 

1.50 

.27 


0.40 


0.41 

40236 







■B 


m 

BB 

UPPER 

21.2 

.38 

1.00 

1.20 

Z50 



0.45 



LOWER 

21.2 

.62 

1.00 

1.20 

2.50 

H9 

IB 

0.45 


■■ 

40536 




■i 



B 

B 


WM 

UPPER 

21.2 

.38 

1.00 


Z50 

■H 





LOWER 

21.2 

.58 

1.00 

Hi 

2.50 

B 

B 

■B 


H^l 

41036 

UPPER 

21.2 

.10 

1.00 

1.20 

2.50 

B 

B 

B 



LOWER 

21.2 

.12 

1.00 

1.20 

2,50 

B 

B 

B 




w = EQUIVALENT UNIT PANEL WEIGHT, Ib/sq.ft 
= (Pm X Am + Pc X Ag) x 144/SPAR SPACING 

WHERE: 

Pm = TITANIUM DENSITY = 0.160 Ib/in 3 
Am = TITANIUM AREA =- (H -t-|)t2 + Wxti 
Pq = BORON/POLYIMIDE DENSITY = 0,072 lb/in.3 
Ac - BORON/POLYIMIDE AREA = 4xbxh 



6AL -4V lANN.) TITANIUM 














































a minimum of 0.02ii lb/sq,ft for the upper cap at region U0322 to a maximum of 
1.23 Ih/sq. ft for the corresponding cap at region 40236. 

The spar cap geometry and weight for the honeycomb sandwich panels at regions hl3l6 
and 413^8 are shown in Table 12-89 an<i a sketch of this design was previously pre- 
sented in Figure 12-38. Thir* table displays the cross-sectional area of each of 
the spar cap components (doublers, densified core, and web attachment) as well as 
the total weight. A minimum w^eight of 0.12 Ib/sq.ft is indicated for the spar caps 
at region 4l3l6 with a maximum weight of 0.l6 Ib/sq.ft noted for the upper spar 
caps at region 41348. 

A summary table of wing spar cap results is shown in Table 12-90 for the six wing 
point design regions. This table summarizes the material system, panel dimensions, 
cap areas, and unit weights for each regions. 

In addition to the primary Boron/polyimide (B/PI) material system used in the 
design of the chordwise spar caps an alteniate Boron /aluminum (B/A1) design ms 
evaluated for back-up purposes. The jipars at region 4o5S6 were selected for this 
investigatio" due to the relatively high spanwise loading. 

The results of the welght/strength analysis conducted on the B/Al spar caps are 
shown in Table 12-91 and includes the corresponding B/PI design data for comparison 

2 

purposes. Similar to the B/PI design, a minimum area titanium substrate of 0.45 in. 
was considered in the stress analysis. The B/Al allowable stresses (tension and 
compression), and the modulus and density are presented in Figure 12-79 as a func- 
tion of the Boron/ Aluminum fraction of total area. With reference to the tension 
allowable, no pertinent fatigue data was found concerning the fatigue life of the 
combined B/Al and titanium material system. Thus, the tension cut-off stress for 
the combined system was based on the fatigue allowable of the Boron/Aluminum mate- 
rial obtained from data published in References 8 and 9- The B/Al tension cutoff 
stress used for this investigation corresponding to a stress ratio (R) of 0.4. 

In conclusion, the B/Al design for the upper spar caps show a 7-percent wight sav- 
ings over the B/PI design. Conversely, the B/Al material is the heaviest design for 
the lower surface caps indicating a weight penalty of 30-percent. Combining this 
data results in an overall weight penalty of approximately l4-percent for the alter- 
nate B/Al spar cap design. 
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TABLE 12-89. SPAR CAP GEOI 


SPAR DOUBLER 

POINT SPACING 1 1 

DESIGN WING b tjo tdj Ad 

REGION SURFACE (in.) (in.) (in.) (in.2) 



FOR THE (TENG TIP REGIONS, TACK IIB 



WEB ATTACH 

CORE 



Ab 

— 

Ai 

Aw 

h 

11 

Sd 

Sp 


T 

w 

(in.2) 

(in.2) 

(in.2) 

(in.) 


(in.) 

(in.) 

aa 


(ib/sq.ft.) 

,08 

,08 

,08 

,853 

.002 

*12 

,50 


— 

■1 

,08 

.oS 

,08 

,326 

,002 

•12 

.50 


■1 

BB 

-08 

.08 

.08 

.841 

.002 


,50 


WM 

B 

,08 

.08 

.08 

.341 

.002 

H 

.50 

H 

IH 

■■ 


• DENSIFIED CORE INSERT 

AA = 4.0 hA(te/S) 
h = CORE HEIGHT 
tc = CORE FOIL THICK 
S = CELL SIZE 

(tg/S = INSERT tyS)- PANEL (ys) 

• EQUIVALENT PANEL VALUES 

t = 1/b(A[3 + A)nf + AA) 

W = 23.q4xt 
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TABLE 12-90. SUMMARY OF WING SPAS CAP RESULTS, TASK IIB 


POINT 

CAP 

LOCATION 


SPAR 

SPACING 


CAP AREA (in.2) 

CAP 

WEIGHT. 

DESIGN 

REGION 

CAP DESIGN 

b 

(In.) 

Ac 

Am 

Atotal 

VV 

(Ib./sq.ft.) 

40322 

UPPER 

ALL METAL 

22.7 

— 

0.24 

0.24 

0.24 


LOWER 

6AI-4VTI 

CAP 

22.7 

— 

0.40 

0.40 

0.41 

40236 

UPPER 

6AN4V Ti CAP 

21.2 

1,51 

0.45 

1.96 

1.23 


LOWER 

WITH B/PI REINF 

21.2 

2.50 

0.45 

2.95 

1.71 

4Q536 

UPPER 

6A1-4V Ti CAP 

21.2 

1.50 

0.45 

1.95 

1.22 


LOWER 

WITH B/Pl REINF. 

21.2 

2.30 

0.45 

2.75 

1.61 

41036 

UPPER 

6AI-4VTI CAP 

21.2 

0,41 

0.45 

0.86 

0,69 


LOWER 

WITH B&PI 
REINFORCEMENT 

21.2 

0.50 

0.4S 

0.95 

0,73 

41316 

UPPER 

ALL METAL 

40.0 

— 

0.21 

0.21 

0.12 


LOWER 

6AI-4VTiCAP 

40.0 

- 

0.18 



41348 

UPPER 

ALL METAL 



0.21 


MSM 


LOWER 

6Al-4VTiCAP 

■■ 

H 

0.18 


■■ 


NOTES: 

Ac = COMPOSITE AREA Pc = COMPOSITE {B/PI) DENSITY;. 072 Ib/in.^ 

Ajvi = METAL AREA P,yi = METAU6AI-4V) DENSITY; .160 Ib/in.^ 

AyoTAL ~ ^M ^ ~ ACING 

W = EQUIVALENT SURFACE PANEL WEIGHT, 

Ib/sq.ft; 144(AcPc + A]yjP|\/|)/b 














TABLE 12-91. WEIGHT COMPAKESOK OF THE ALTERNATE COMPOSITE REINFORCED SPAR CAP DESIGN, TASK IIB 


POINT 

DESIGN 

REGION 

SURFACE 

40536 

UPPER 

LOWER 


UPPER 

LOWER 


DESIGN 

LOADS 


AREA 


SPACING SPAR COND. Pult Ac At 

(In.) , DESIGN NO. (kips) (fn.2) {in.2) (|n.2) 


COMPOSITE 


UNIT 

MARGIN WEIGHT 
OF w 

SAFETY (lb./sq.ft) 



B/PI 

REINF. 


B/AI 

REINF. 


B/PI OR B/AL COMPOSITE 
REINFORCEMENT 


6AL.4V lANN.) TITANIUM 


5 

1.50 

1.95 

5 

Z30 

2.75 

S 

0.95 

1.40 

5 

2.38 

2.83 


-275.0 

129.0 


w = EQUIVALENT SURFACE PANEL UNIT WEIGHT, Ib./sq.ft 
= tPcAc mAm) X 144/SPAR SPACING 

WHERE: 

Pc = COMPOSITE DENSITY = .099 Ib./in.%/AI) 

= .072 lb,/in.3(B/Pl) 

PjV; = TITANIUM DENSITY = .160 lb./in.3 
A(\zi,Aq = AREA, in.2 









































STRENGTH ~ 10^ PSl; MODULUS ~ 10® PSI; DENSITY ~ 10' PCI 


DOvsiry" 




b/aA 


T^jiSoECOTOFFl^ 


2 .3 .4 .5 -o '• 

BORON/ALUMINUM FRACTION OF TOTAL AREA 

Figure 12-T9« Strength, Stiffness and Density of Titam.um 
Reinforced with Boron-Aluminum 


Wing Box Unit Weights - A compilation of the component and total mng "box unit 
weights are shown in Table 12-92 for the Task II hybrid structural arrangement. 

These weights reflect the results of the iterative design cycle conducted on the 
strength and strength/ stiff ness designs. The weight penalties associated with the 
remaining disciplines included in the structural analysis (fail-safe, sonic fatigue, 
ct’. ) are reported in their respective sections and are not reflected in the detail 
weights of Table 12-92. 

For the chordwise design regions (1 j 0322, 40236, and 1+0536), a minimum-weight of 
3.8 o Ib/sq.ft occurs at region 1+0322 and a maximum-weight of 6.99 lb/sq,ft is 
noted at region 1+0536, The remaining chordid.se region at 40236 has a unit weight 
of 6.79 Ib/sq.ft. 

With respect to the regions which incorporate the monocoque design (41036, 4l3l6, 
and 41348) , region 41036 is the minimum-weight region with a unit weight of 
1 .60 Ib/sq. ft followed by regions 4l3l6 and 41348 which nave weights of 7.37 lb/ 
sq.ft and 7.44 Ib/sq.ft, respectively. 


FUSELAGE STRUCTURAL ARRARGEMEKT - TASK IIB 

The Task II fuselage analysis was conducted using the most promising fuselage con- 
cepts surviving the Task I Analytical Design Studies. These concepts included both 
the zee-stiffened and closed hat-stiffened panel configurations. The zee-stiffened 
configuration is applicable in the lightly loaded forebody region and the hat- 
stiffened concept is used for the higher loaded midboay and aftboay regions. Float- 
ing zee-shaped frames with skin shear ties were the frame concept considered. These 
structui*al concepts are shown in Figure 12-80. In addition, the panel configurations 
were investigated for hoth metallic and composite reinforced material systems. 

Similar to Task I, the analysis was conducted at four fuselage point design regions 
using the internai loads resulting from the 3-D structural model redundant analysis. 
Section 9 contains a detail description of the model, model innut data, and the 
resultant load intensities. 
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TABLE 12-92. DETAIL WING WEIGHTS FOR THE TASK II HYBRID STRUCTURAL ARRAWGpiENT 


POINT DESIGN 
REGION 



RIB CAPS 


SPAR CAPS 


UPPER 


NON-OPTIMUM 



POINT 

DESIGN 

WEIGHT 
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PANEL STRUCTURAL CONCEPTS 



ZEE STIFFENED 
(FOREBODY) 



CLOSED-HAT 

(CENTERBODY AND AFTBODY) 


FRAME STRUCTURAL CONCEPT* 



FLOATING ZEE 
W/SKIN SHEAR TIE 


Figure 12-80, Fuselage Structural Approach For Task II 



For the near-term conventional design, titanium alloy Ti-6A1-4V (annealed) material 
was used for the fuselage structural arrangement, i.e., panel and frame concepts. 

In addition to the conventional design, the potential weight savings associated 
with using composite reinforced panels was investigated. For this study Graphite/ 
polyimide. Boron/poly imide, and Boron/aluminum material systems were investigated 
for reinforcing the crown of the metallic hat-stiffened panel concept. 

Fuselage Point Design Regions 

The four, point design regions selected for analysis were FS 900, FS 1910, FS 2525, 
and FS 2900. These regions which are representative of the three general regions 
of a fuselage are shown in Figure 12-8l and includes one region on the fuselage 
forehody, two regions on the fuselage midhody (wing/fuselage interface) , and an 
aftbody region. 

In. addition to the planform view, Figure 12-81 contains cross-sections indicative 
of the modeling technique employed to represent the frames in the 3-D structural 
model. The panel and frame element identification for these regions are shown in 
Figure 12-82, This identification system is used throughout the panel and frame 
analyses and is identical to that used to specify the elements in the 3-D structxirnl 
model. 

Fuselage Panel Analysis 

The fuselage panel concepts were analyzed using "both the conventional and composite 
reinforced material systems. This analysis was conducted at the four point design 
regions using the most critical point design environment for each region. 

The results of this analysis are presented in the folloiri.ng text and included: 

(l) a section describing the methods of analysis, (2) the results of the metallic 
panel analysis, and (3) the results of the composite reinforced panel analysis. 

Fuselage Panel Method - The fuselage panels were analyzed to deteimine the minimum 
wei^t design for each of the structural-material concepts and are discussed in the 
following paragraphs entitled: (l) panel loading, (2) stress analysis, and 

i 

(3) allowables stress levels. 
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Panel Loading - The total inplane loads acting on the stiffened panels were defined 
by the point design environment and includes: 


N = U + N 

X ^^x.air ^\,thr 


N = N . + K . . 

xy xyjair xy,thr 




where W ^ . is equal to the hoop pressure force (Wf, = pr) , and K . , N , 

Jr j all* o x^air 

N . j and K . , are the air load and thermal load intensities as derived from 
xy^air* xy,thr 

the NASTRM redimdant Structural Analysis using the structural model,. The 
meridional pressure force vas conservatively neglected when the air load 
component (m ) was compression. 

The Point Design Environment for all the flight conditions investigated are defined 
in Section 11 with the loads for the most critical flight condition repeated in 
Table 12-93. 

Stress Analysis - The applied stresses on the panel are: 


^ ^ 
X “ T 


f = ^ 
^xy t 


f 

y t 


■Where t is the extensional thickness of the panel in tne X-direction and t is the 
effective shear and membrane thickness. 
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TABLE 12-93. FUSELAGE POINT DESIGN ENVIROJIMENT - TASK IIB 
MACH 2.7 STAET-OF-CRUISE CONDITION 


^ a 

si 


& vt3 







CONDITION SYMMETRIC MANEUVER AT MACH 2.70 (START-OF^CRUISEl, WEIGHT- 660.000 LB.. n^*2JS 


FS 900 (23XXXX) 


N 


N^y 


Nx.TH 


Nxt. 


AERO PRESS. 


INTERNAL PRESS. 


NET PRESS. 




AT 


LB/IN -56 


LB/IN 


3302 3303 3304 3305 3306 3307 


-37 


LB/IN -22 


LB/IN 


FS 1910 (23XXXX) 


4102 4103 4104 4105 41D5 


-6284 ^779 -1885 -B50 +611 


+890 +1110 +1136 +1088 +1025 


•n -255 -498 -738 -23 


•32 -40 -42 -37 -27 

































































































































































































































































































The comhined stresses were calculated using the following equations. For comp- 
ression, the Octahedral Shear Stress Theory was used to calculate the equivalent 
stress 


whereas, 

of: 


eq\^x xy y xy/ 


1/2 


the comhined tensile stresses were calculated using an equivalent stress 


f 

eq 



f f 
X y 




1/2 


Allowable Stresses - For the compression stress state both column buckling and 
crippling were considered. For a simply supported beam, the wide col’umn theory for 
con5>ressive buckling 


N = TT ^2 
x,cr — 

zr 


where 

Dg = iT E T 
in which 

“H - plasticity correction factor 
I = area moment of inertia per unit width 


The crippling strength of the stiffener and effective skin were determined using 
the theory and method presented in Reference 10. In this reference, the crippling 
stress is calculated for the stiffener (hat-section) by dividing the shape into its 
component flat and curved elements. Using these elements the crinpling strength 
for each element is obtained and the average crippling strength of the section is 
determined. 
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For the tension condition, the ultimate design gross area stress is limited to 
90,000 psi for symmetrical flight and grotind conditions. Section 13 contains the 
fatigue analyses conducted to establish this design stress level. 

Using the theory previously discussed, allowable curves were generated to facilitate 
the fuselage structural analyses. An example of the fuselage allowable loads are 
presented in Figure 12-83. 

Metallic Panels - Hie conventional fuselage panels, Ti6Al-4v (ann.) material, were 
analyzed using the internal loads shown in Table 12-93 with the methods previously 
discussed. Table 12-94 contains the results of this analysis at each of the four 
point design regions. 

The forward point design region at FS 900 is design by the operating condition, 
i.e., applied 1-g stresses at the mid-cruise condition compared to an operating 
design allowable stress of 25,000 psi. This condition resulted in a 0.036-inch 
thick zee-stiffener and skin being the least-weight concept. 

The remaining three point design regions are designed for the design ultimate loads 

for the start-of-cruise condition. The closed hat-stiffened concept was analyzed 

keeping a constant 6.0 inch pitch, a crown width of 1.5 inches, and a height of 

1.25 inches. Fixing these dimensions facilitates splicing and allovra the use of a 

standard shear tie with onljr the thickness variable. The results of the analysis 

using these constraints are shown in Table 12-94 with the panel locations being 

defined in Fi^ire 12-82. With reference to point design region FS 19IO, the skin 

thickness t varied from 0.04- to O.OT-inch with the stringer thickness ranging 
s 

from 0.03- to 0.06-inch. The equivalent panel thickness t ranged from a minimum 
of 0.069-inch on the side panel (234104) to a maximum thickness of 0.129-inch for 
the upper panel. Region FS 2525 has skin thicknesses ranging from 0,04-inch to 
O.OT-inch and stringer thicknesses varying from 0.03-inch to 0.08 inch. A maximum 
t of 0.l49-inch occurs at the uppermost panel at FS 2525 and at the lowest panel 
at point design region FS 2900. For these four regions, the thicknesses ranged 
ftpom 0,04-inch to 0.07-inch and from 0. 03-inch to O.OB-inch for the skins and 
stringers, respectively. 
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Figure 12-83 ♦ Fuselage Panel Allowable 
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THICKNESS 




i 


POINT 

DESIGN 

REGION 

FS900 


FS1910 


TABLE 12-94. FUSELAGE PAEEL GEOMETRY - TASK II 


FUSELAGE PANEL DIMENSIONS 


FS 2525 


FS 2900 


PANEL 

CONCEPT 

CIRCUMF. 

LOCATION 

ZEE- 

STIFFENED 

233301- 

233307 

HAT- 

STIFFENED 

234101 

234102 

234103 

234104 

234105 

234106 

HAT- 

STIFFENED 

234801 

234802 

234803 

234804 

234805 

234806 

HAT- 

STIFFENED 

235101 

235102 

235103 

235104 

235105 

235106 

235107 

235108 

235109 


On.) (in.) (in.) (in.) (in.) 


4.0 .036 .55 0.75 1.00 .036 .056 


PANEL DIMENSIONS: 



ZEE-STIFFENED CONCEPT 


HAT-STIFFENED CONCEPT 
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The average panel thickness (t) and unit weight (w) were calculated at each of the 
four point design regions. An example of the technique used to calculate these 
average thicknesses is shown in Table 12-95 for FS 2565. These results are sum- 
marized in Table 12-96 for each of the regions. 

A maximum value of approximately 2.5 lb/sq,ft is noted for regions FS 2565 and 
FS 2900 j with the fbrebody region (FS 900) have a minimum-weight of approximately 
1.3 Ib/sq.ft. A value of 2,h0 Ib/sq. ft is noted for region FS I9IO. 

Composite Reinforced Panels - An initial trade-off study was performed to assess 
the merits of reinforcing the cro™ of the hat-stiffener with Graphite/polyimide , 
Boron/polyimide , and Boron/aluminum composites. This study was conducted on the 
uppermost panels (maximum compressive loaded panel) at FS I9IO, FS 2525, and 
FS 2900. The crown reinforcement and the metal hat were optimized for the applied 
compressive loads except for the constraint of a 6.0 inch stringer pitch. Skin 
failure was limited to the initial buckling strer.gth. 

The results of this study are shown in Table 12-97 and indicate for these high 
compressive loaded panels the Boron/polyimide reinforcement affords the least-weight 
design at each of the three point design regions. In general, the Graphite/polyimide 
and Boron/aluminum designs had almost equal weights which are approximately 
0,05 Ib/sq.ft heavier than the least-weight Boron/polyimide design. The Boron/ 
polyimide design at FS 2525 exhibits the largest percentage weight savings over the 
homogeneous metal design, approximately l6-percent. 

The second step in the composite reinforced study was a more detailed investigation 
of the lightest-weight reinforcement (Boron/polyimide) determined from the initial 
trade-off study. Table 12-98 summarizes the results of this investigation. This 
analysis was conducted at FS 2900 using Boron/polyimide reinforced stringers at each 
circumferential panel locations and included both constrained and non-constrained 
geometries. For the non-constrained geometry designs, only the pitch was held con- 
stant at 6.0-inches, the average unit weight of the panels at FS 2900 was 2,21 lb/ 
sq.ft. The corresponding weight for the constrained Boron/polyimide reinforced hat- 
stiffened panel was 2.35 Ib/sq.ft. These weights when compared to the all titanium 
design, unit weight of 2.56 Ib/sq.ft, indicate a weight savings of approximately 
8-percent and lU-peroent for the constrained and unconstrained Boron/poiyimide 
reinforced design, respectively. 
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TABLE 12 - 95 . AVERAGE PANEL THICKNESS FOR FS2565 - TASK lIB 


POINT 

DESIGN 

REGION 

PANEL 

CONCEPT 

PANEL 

ELEMENT 

7j 

(in.2/in.) 

(in.) 

FS 2565 

HAT- 

234801 

0.149 

39.64 


STIFFENED 

234802 

0.119 

29,72 



234803 

0.099 

23.68 



234804 

0.069 

17.S6 



234805 


11.82 



234806 


11.90 


AVQ. VALUES 

t * .1098 ln.2/In.; W » 2.53 lb,/sq.ft. 


6 6 

t = 2 2 ci 

i=1 i-1 


W = 23.04 xt 


TABLE 12-96. FUSELAGE PANEL WEIGHTS - TASK IIB 


POINT 

DESIGN 

REGION 

PANEL 

CONCEPT 

t 

(In.2/ln,) 

w 

(Ib./sq.ft) 

FS900 

ZEE- 

STIFFENED 

0.056 

1.29. 

FS1910 

HAT- 

STIFFENED 

0.104 

2.40 

FS 2565 

HAT. 

STIFFENED 

0.110 

2.53 

FS 2900 

HAT- 

STIFFENED 

0.111 

2,56 

t « AVERAGE EQUIVALENT PANEL THICKNESS 
w = AVERAGE PANEL UNIT WEIGHT 
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EABLE 12-97. WEIGHT COMPABISON OF COMPOSITE BEINFORCED PANEL CONCEPTS 


POINT 

DESIGN 

REGION 

UNIT WEIGHT (w), Ib/sq.ft. 

AND PERCENTAGE WEIGHT SAVING(D 

STRINGER REINFORCEMENT MAT'L 

NONE 

(ALL TITANIUM} 

gr/pi 

B/Pl 

B/AI 

FS1910 

2.97 

2.80 

2.73 

2.77 


— 

5.7% 

8.1% 

7.2% 

FS 2525 

3.44 

2.94 

2.90 

2.96 


- 

14.5% 

15.7% 

13.9% 

FS2900 

3.20 

2.83 

2.77 

2.83 


- 

11.6% 

13.4% 

11.6% 


NOTE: 


1. PERCENTAQE WT. SAVING OVER THE AUL METALLIC 
DESIGN. 


TABLE 12-98- WEIGHT COMPARISON OF B/PI REINFORCED PANEL CONCEPTS 






UNIT WEIGHT (2), lb./sq.ft 

POINT 

DESIGN 


PANEL 

STRINGER DESIGN 

PANEL 


WIDTH 

ALL TITANIUM 

B/PI REINF, 

B/PI REINF. 

REGION 

CONCEPT 

ID 

(in.) 

(CONSTRAINED) 

(OPTIMUM) 

(CONSTRAINED) 

FS 2900 

HAT- 

235101 

39.70 

3,20 

2.77 

2.78 


STIFFENED 

235102 

28,36 

2.51 

2.13 

2.46 



235103 

22.70 

2.05 

1.86 

2.01 



235104 

17.00 

1.59 

1.42 

1.S3 



235105 

11,36 

1.59 

1.42 

1.53 



235106 

11.32 

1.59 

1.42 

1.53 



235107 

17.04 

2.05 

1,86 

2.01 



235108 

17.00 

2.51 

2.19 

2.36 



235109 

39.71 

3.43 

2.85 

2.98 

AVG. w, lb./sq.ft. = Cjw 

/t ■=. ■ 

1 

2.56 

2.21 

2.35 


i=1 

/•i=i 





AVG. %WT. SAVING 

— 

13.7 

8.20 
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Fuselage Frame Analysis 


> 


The fuselage circvuaferential frame elements at each point dwSign region were 
analyzed to define the frame weight-strength relationship. The typical frame con- 
struction is shown in Figure 12-84 and includes views of the frame construction 
between panel stiffeners and at the stiffeners. The typical frame is of sheet 
metal construction and is 4.0 inches deep with a flange width of 0.75 inch. The 
frames are constructed to allow a 1.25-inch opening for the stringer run-through 
with skin shear ties provided between stiffeners. 

The methods used for analyzing the frames are outlined in Figure 12-85. This figure 
presents the approach which includes the frame section properties, applied stress 
equation, and the frame allowable stresses. The applied frame loads (axial force, 
transverse shear, and bending moment) were obtained from the results of the NASTRAN 
redundant structure analysis solution using the 3-D structxu'al model. An example 
of these model frame loads are presented in Fiptires 12-86 and 12-87 ^‘or point design 
region FS 2525. These model frame loads reflect the maximum frame bending moments 
and corresponding axial loads for the positive and negative gust conditions, condi- 
tions 23 and 24, respectively. 

Since the stmcture model reflect lumped section properties (i.e., one model frame 
represents more than one actual frame) the model loads have to be reduced to reflect 
a tmit frame. Figure 12-88 presents the relationship between actual frames and 
model frames with the model frame at FS 3000 having the highest ratio (ten-to-one) 
of the foiir point design regions. The midbody regions (FS 1955 &nd FS 2565) and 
the forebcJy regions (FS 1000) have ratios of four-to-one and seven-to-one , respec- 
tively. Generally the actual frames Imped into any specific model frame represent 
a small enough region to conclude that each frame has approximately equal axial and 
bending stiffness and a linear delumping of model loads (model loads divided by 
number of actual frames) can be conducted without significant error. Frame stress 
analyses were conducted at each of the four point design regions using the method 
outlined in Figure 12-85 and the applied loads determined from the 3-D structural 
model. An example of this analysis is presented in Table 12-99 for point design 
region FS 2565. With reference to this table, the frane element identification 
ntunber coincides with the identification system used for the 3-D structural model. 

In addition, the number of actual frames lumped into the model frame are specified. 
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SKIN SHEAR TIE 



SECTION A-A 

(AT STIFFENERS) 



SECTION B-B 

(BETWEEN STIFFENERS) 


Figure 12-8U* Fuselage Frame Geometry 



FIGURE 12-85a 
FRAME CROSS SECTION 



FIGURE 12-85b FRAME LOADS 


• SECTION PROPERTIES PER FIGURE 12-85a 

A= 5.50t in 2; C = 2.00 in.; I = 11.33tin.4 

• APPLIED STRESSES: 

f = 0.176 (y)± 0.182 

WHERE: i 

P= FRAME AXiAL LOAD PER NASTRAN STATIC 

M= FRAME BENDING MOMENT ! SOLUTION, FIGURE 12-85b 

• ALLOWABLE STRESSES PER FIGURE 12-85c 

COMPRESSION - LOCAL CRIPPLING 

TENSION - FATIGUE CUT-OFF STRESS {90.000 psi) 

FIGURE 12-85a 



FIGURE 12-850 ALLOWABLES 


Figure 12-85. Fuselage Frame Method of Analysis 





AXIAL LOAD 
FIGURE 12-86a 


BENDING MOMENT 
FIGURE 12-86b 


Figure 12—86. Model Frame Loads for FS 2565* Condition 23, 
Static Gust (Positive) at Mach 0.90 












BENDING I\40MENT 
FIGURE 12-87b 


Figure 12-8T- Model Frame Loads for FS 2565, Condition 24, 
Static Gust (Negative) at Macli O.90 
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1. NOMENCLATURE 

Ml, = MODEL LUMPED MOMENT 
M = MOMENT PER FRAME = Ml(AVG)/ii 
P t, = MODEL LUMPED AXIAL LOAD 
P =“ AXIAL LOAD PER FRAME >=■ PJa 
Nj “ FLANGE LOAD INTENSITY llb/in.) 
t; - REQUIRED FLANGE THICKNESS 


N; = 0.182 P+0.176M 
= Nj/F 

F = ALLOWABLE TENSION/COMPRESSION 
n = NUMBER OF ACTUAL FRAMES 


2. SIGN CONVENTION: 



MOMENT AXIAL LOAD 




















































































The identification system and frame lumping ratios are shown in ITigures 12-82 and 
12-88. Ends A and B refer to the ends of the bar element used in modeling the frame. 

As a result of the redimdant structural analysis the model frame loads are available 
for all flight conditions. These frame loads (axial load* transverse shear, and 
bending moment) are scanned to define the most critical loads for each frame circum- 
ferential element at the point design regions. For design region FS 2525 the maxi- 



are listed for the critical flight conditions. These loads occur for the positive 
and negative gust flight conditions, conditions 23 and 2h, respectively. In addi- 
tion, the average moment of each element, •vdiich is used in the analysis, is dis- 
played in parenthesis on the referenced table. The unit frame loads (M and P) are 
determined by dividing the model loads (M, and P, ) by the number of actual frames. 

Jj Xj 

For the specified frame shown in Figtire l2-85a the maximum fiber load intensities 
are calculated for the inner and outer flanges using the equation specified in 
Figure 12-85. The required frame thicknesses (t^^ and are calculated for the 

tension and compression conditions using allowable curve similar to those specified 
in Figure 12-85. Having obtained these thicknesses, the maximum values noted on 
Table 12-99> define the final frame thickness. 

The results of the point design stress analysis are used to calculate the equivalent 
panel thickness (t) and unit weight (w) of the frames which are shorn in 
Tables 12-100 and 12-101 for the four point design regions. These tables contain 
the individual frame element properties as well as the average equivalent panel 
thickness and unit weight. The nomenclature and equations for calculating these 
values are defined in the footnotes. For clarity, the results of these calculations 
are sxmimarized in Table 12-102, A maximum unit weight of 0 . 5 I Ib/sq.ft is noted 
for point design region FS 2525 with regions FS 9 OO and FS 2900 having approximately 
equal values of 0.20 Ib/sq.ft. A value of 0,lf6 Ih/sq.ft is indicated for FS 1910. 

Fuselage Results 

The' results of the panel and frame analyses were combined to establish the weight 
trends of the major fuselage components. These values (sum of panel and frame 
weight) are used as the basis for extrapolating to the total fuselage weight as 
explained in the Mass Section, Section 15- 


TABLE 12-100. FRAME Gi 


POINT 

DESIGN 

REGION 

FRAME 

ELEMENT 

FS300 

223401 


223402 


223403 


223404 


223405 


223406 


223407 


223408 


223408 


223410 


AVG. VALUES 

FS1910 

224201 


224202 


224203 


224204 


224205 


224206 


AVG. VALUES 


FRAME DIMENSIONS; 



FUSELAGE FRAME PROPERTIES 


t 

(in.) 

A 

(in.2) 

b 

(in.) 

tj 

(In.2/ln.l 


.039 

.214 


.0101 

39.19 


.165 



31.35 

.047 

.258 

21.21 

■BH 

25.09 

.038 

.214 

21.21 

.0101 

18.84 

.030 

.165 

21.21 

.0078 

12.55 

.045 

.248 

21.21 

.0117 

12.55 

.041 

.226 

21,21 

.0106 

16.91 


.165 

21.21 

.0078 

16.91 

.032 

.176 

21.21 

.0083 

21.12 

.030 

.165 

21.21 

.0078 

43.95 

t = .0093 In.2/in.f W 

“ 0.21 lb./sq.ft. 


.088 

.484 

23.23 

.0208 

39.64 

.065 

.358 

23.23 


29.72 

.086 

.528 

23.23 


23.68 

.080 

.495 

23.23 


17.86 


.352 

23.23 

.0152 

11.82 


.627 

23.23 

.0270 

11.90 


t = .020 in.2/in.; W = 0.46 lb./sq.ft. 


t = FRAME THICKNESS 
A « FRAME AREA; 5.50 xt 
b = FRAME SPACING 
tj = A/b 

Cj = FRAME CIRCUMFERENCE 
n /n 

tiAVG.) = 2 Cj 

i=1 / i=1 


W(AVG.) == 23.04 xt(AVG.) 





























TABLE 12-101. 


FRAME GEOMETRY AND TOIGHT DATA FOR POINT DESIGN 
REGIONS FS2525 AND FS2900 


POINT 

DESIGN 

REGION 

FRAME 

ELEMENT 

FUSELAGE FRAME PROPERTIES 

t 

(in.) 

A 

(in.2) 

b 

(in.) 

ti 

(in.2/m.) 


PS 2525 

224901 


.402 

21,25 

.0189 

39.64 


224902 


.358 

21.25 

.0168 

29.72 


224903 

.096 

.528 

21,25 

.0248 

23,68 


224304 

.090 

.495 


.0233 

17,86 


224905 

,092 

,506 


.0238 

11.82 


224906 

•153 

,842 

21.25 

,0396 

11.90 


AVG. VALUES 

t = .0223 in.2/in.; w = 

0.51 Ib./sq.ft. 


FS 2900 

225201 


.192 

21.00 

.0092 

39.70 


225202 


,192 

21.00 

.0092 

23.36 


225203 

,033 

.182 

21.00 

.0086 

22,70 


225204 

,030 

.165 

21.00 

.0079 

17.00 


225205 

,030 

.165 

21.00 

.0079 

11.36 


225206 

.030 

.165 

21,00 

.0079 

11.32 


225207 

.030 

.165 

21.00 

.0079 

17.04 


22520S 

,035 

.192 

21.00 

.0092 

17.00 


225209 

,030 

.165 

21.00 

.0079 

39.71 


AVG. VALUES 

t = .0085 in.2/in.; w = 

= 0.20 lb./sq.ft. 



FRAME DIMENSIONS: 



t = FRAME THICKNESS 
A = FRAME AREA; 5.50 X t 
b = FRAME SPACING 
Tj = A/b 

Cj = FRAME CIRCUMFERENCE 
n / n 

KAVG.) =2 Cj 

1=1 / i«1 

w{AVG.) = 2.304 xKAVG.) 
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The unit weights of the metallic fuselage design are summarized in Table 12-103. 

This table lists the unit weight of each component (panel and frame), and the com- 
bined total weight at each point design region. The heaviest-weight region is 
FS 2525 which has a total unit weight of 3.0U Ib/sq, ft iTith the panel and frame 
components weighing 2.53 Ib/sq.ft and 0.51 Ib/sq.ft, respectively. Conversely, 

FS 900 has the least unit weight, I.5I Ib/sq. ft , which is composed of 1.29 lb/sq,ft. 
for the panel and 0.22 Ib/sq.ft for the frame. 
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TABLE 12-102. SUMMARY OF FRAME GEOMETRY AND WEIGHT 




FUSELAGE FRAW 

)n PROPERTIES 


POINT 

DESIGN 

REGION 

FRAME 
SPACING, b 
On.) 

AREA, A 
(ln.2) 

t 

(in.2/in.) 

w 

(Ib./sq.ft.) 

FS900 

21.21 

0.197 

.0093 

.21 

FS 1910 

23.23 

0.465 

.0200 

.46 

FS 2525 

21.25 

0.474 

.0223 

.51 

FS 2900 

21.00 

0.178 

.0085 

.20 


A = AVERAGE FRAWIE AREA, in^. 
n /n 

= 2 CiAi/S Ci 

i~l / Fl 


t EQUIVALENT SURFACE PANEL AREA, in.2/in. 

= A/b 

w - EQUIVALENT SURFACE PANEL WEIGHT, Ib./sq. ft 
= 23.04 xt 


TABLE 12-103. DETAIL FUSELAGE WEIGHTS FOR THE TASK II STRUCTURAL ARRANGEMEET 


POINT 

FUSELAGE UNIT WEIGHTS (lb./sq.ft.) 

DESIGN 

REGION 

PANEL 

WEIGHT 

FRAME 

WEIGHT 

TOTAL 

WEIGHT 

FS 900 

1.29 

0.22 

1.61 

FS1910 

2.40 

0.46 

Z86 

FS 2520 

2.53 

0.51 

3.04 

FS 2900 

2.56 

0.20 

2.76 
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APPENDIX A 

HONEYCOMB SANDWICH FUSELAGE ASSESSMENT 
INTRODUCTION 

Preliminary structural analysis was performed to determine the applicahility of a 
honeycorah sandwich shell to a near-term Mach 2.7 supersonic cruise aircraft fuse- 
lage design. This investigation included sizing of the honeycorah shell ab discrete 
regions for the design tending moments and shears, and also for the discontinuity 
stresses caused hy the pressure and temperature differential between shell and 
frame at the operational condition. The resulting weight trends of the sandwich 
shell were identified and compared to the conventional skin-stringer construction. 

POINT DESIGN REGIONS 

For the structural-material investigation of the honeycomb sandwich fuselage design, 
selective regions of the airplane were chosen for analysis and definition of the 
load-temperature environment. Four point design regions were selected and are 
shown in Figure A-1 superimposed on the airplane configuration. Those regions se- 
lected were located at fuselage stations 750, 2000, 2500 and 3000 were consid- 
ered as typical of the critical design regions on the fuselage and, in general, 
classified as follows: 

• Fuselage Forehody (FS 750 ) - Generally characterized as fatigue-designed 
structure with low load intensities due to fuselage bending. 

• Fuselage Centerbody (FS 2000 and 2500) - ¥ing/fuselage regions subjected 
to maximum body bending and wing spanwise loads. 

• FuseDage Aftbody (FS 3000) - High body bending and torsion loads with 
regions subjected \o a high acoustic environment. 


PRECEDING PAGE BLANK NOT FILMED 
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Figure A-1. Definition of Fuselage Point Design Regions 


POINT DESIGN ENVIRONMENT 


The load-temperature environment was defined at each of the aforementioned point 
design regions to provide the foundation for the structural analysis and included 


• The load intensities due to the applied fuselage shear and "bending 
moments. 

• The normal loads acting on the shell due to internal pressure. 

• The average component temperatures and gradients associated with the 
sandtd.ch design. 


The internal loads due to the fuselage shear and "bending moments were calculated 
using the external loads reported in Reference A-1. These external loads are 
presented in Figures A-2 and A-3, with the following maximum point design values 
for FS 2000, FS 2500 and FS 3000. 


















Ultimate 



Bending 

Ultimate 

^selage 

Moment 

Shear 

Station 

(in- lbs) 

(lb) 

2000 

150 X 10^ 

300 X 10^ 

2500 

200 X 10^ 

450 X 10^ 

3000 

150 X 10^ 

300 X 10^ 


The corresponding internal loads were defined using the above applied loads and 
theoretical bending (MC/l) and shear (VQ/l) distribution. 

Pressurized cabin loads criteria for design differential pressures comply with 
PAR 25.365 and were taken from Reference A-2. Design pressures are based on pro- 
viding a 6000 ft, cabin altitude at a flight altitude of 70,000 feet. These con- 
ditions prodxice a nominal cabin pressure of 11.8 psia, which combined with the 
ambient pressure at 70,000 ft. altitude of 0.6 psia results in a nominal differen- 
tial pressure of 11.2 psi. 

Maximum design differential pressure includes a tolerance which accounts for vari- 
ations in static reference, a regulator valve tolerance, and relief valve toler- 
ances as illustrated in Figure k-k. 

An envelope of differential pressure values used to determine loads on the pressur- 
ized cabin is shown on Figure A-5* The limits for structural design range from 
-O.lj psi to 11.7 psi, with intermediate values between sea level and 38*000 feet. 
The variation is established by considering a cabin pressure equal to sea level 
pressure as a limiting value. 

A differential pressure varying from -O.U psi to the appropriate maximum differen- 
tial pressure for a particular altitude, consistent with the design envelope shown 
on Figure A-5* is combined with the external air loads and other appropriate struc- 
tural loads due to maneuvers or gusts. For the operational condition (cruise), a 
nominal differential pressure of 11.7 psi was used in combination with the thermal 
environment for evaluating the fatigue strength. The meixiraum fuselage shell mem- 
brane forces (ultimate) due to the internal pressurization are shown in Table A-1. 
This table contains both the meridional and hoop forces for each of the point de- 
sign regions . 
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TABLE A-1. FUSELAGE SHELL MEMBRAME FORCES DUE TO INTERNAL PRESSURIZATION 


POINT 

DESIGN 

REGION 

R 

in. 

750 

72.0 

2000 

6B.0 

2500 

68.0 

3000 

61.0 


UNIT 

Nx 

(Ib/in.) 

DESIGN (2) 
PRESSURE 
P 

(PSD 

TOTAL 

Nx 

(Ib/in.) 

HOOP 

N0 

(Ib/in.) 

28.6 

17.55 

502 


27.4 

17,55 

480 

■19 

27.4 

17.55 

480 


30.5 

17.55 

535 

1070 


NOMENCLATURE 

R = SHELL RADIUS, in. 

A = ENCLOSED PRESSURIZED AREA, in.^ 
C = SHELL CIRCUMFERENCE, in. 

UNIT Nx = A/C, Ib/in. per psi 

TOTAL Nx = pxfUNIT Nx); Ib/in. 



NOSE 

GEAR 

WHEEL 

WELL 




ULTIMATE DESIGN PRESSURE 
FOR START-OF-CRUISE FLIGHT 
CONDITION 

PRESSURIZED REGION 


■WING BOX 




FS3000 


FS 2000 


FS 2500 
















Temperature variations through the sandwich shell and frames were calculated using 
the mission profiles defined in Reference A-2, These data are shown in Table A-2 
for the maximum heating climb and maximum cooling descent condition for various 
core thicknesses. 

A summary of the point design environment which includes the inplane loads* normal 
pressure, and temperatures is presented in Table A-3 for the start-of-cruise 
condition. 


TABLE A-2. FUSELAGE TEMPERATURES, HONEYCOMB SANDWICH DESIGN 



1.0-in. CORE: 1.0 X 0.0015 X 3/16 HEX, tf = 0.04-in. 

1.5-in. CORE: 1.5 X 0.002 X 3/16 HEX, = 0,03-in. 



MAX. HEATING CLIMB 
MAX.® FEND OF CLIMB 

MAX. COOLING DESCENT 
MAX. °F DURING DESCENT 

iCATiON 

■^core “ 

1.0 

1.5 

= 0*5 

'‘Core 

1.0 

1.5 

Tl 

425 

440 

438 

-31 

.28 

-27 

T2 

408 

341 

324 

*21 

22 

33 

Til 

370 

414 

407 




Ti2 

336 

264 

239 




Ti4 

86 

80 

80 





7 
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TABLE A-3. FUSELAGE POIHT DESIGN ENVIHOHMEHT, HONEYCOMB SANDWICH DESIGN 


START OF CRUISE; MACH NO. 2.7; 




FS750 

FS 2000 

FS 2500 

FS 3000 

ITEM 

UNITS 

UPPER 

PANEL 

srpE 

PANEL 

LOWER 

PANEL 

UPPER 

PANEL 

SIDE 

PANEL 

LOWER 

PANEL 

UPPER 

PANEL 

SIDE 

PANEL 

LOWER 

PANEL 

UPPER 

PANEL 

SIDE 

PANEL 

LOWER 

PANEL 

Nx 

LB/IN 

1580 

200 

-1580 

11630 

1230 

- 

15730 

1230 

- 

11630 

1230 

-11670 

Nxy 

LB/IN 

50 

250 

50 

412 

1360 

- 

629 

2025 

- 

412 

1360 

415 

INTERNAL 

PRESSURE 

PSI 

17.55 

17,55 

1 

17.55 

17.55 

17,55 

- 

17.55 

17.55 

— 

17.55 

17.55 

17.55 

T 

*AVG 

11 

416 

! 

416 

416 

390 

390 

- 

390 

390 

- 

390 

390 

390 

^j(2) 

m 

20 

20 

20 

100 

100 


100 

100 

- 

100 

100 

100 


NOTES: 

1. AVERAGE FACE SHEET TEMPERATURE ATMFDBAY 

2. TEMPERATURE DIFFERENCE BETWEEN FACE SHEETS AT MIDBAY 



4 



DESIGN ALLOWABLES 

The tension allowables established to meet the fatigue and fail-safe requirements 
of Reference A-2 were used for this structural investigation# These requirements 
were achieved by limiting the gross-area tension stresses for both the ultimate 
and operational design conditions. For fuselage bending material, the ultimate 
design gross area tension stress was limited to 90,000 psi, whereas, for the opera- 
tional condition, the gross area tension stresses were limited to 25,000 psi for 
the fuselage shell and 35 j 000 psi for the substructure. 

The tension and shear stresses were combined using the principal stress equation 
and compared to the appropriate gross area tension allowable. The principal stress 
equation is 



where the biaxial stress state is defined by the tension stresses in the axial (f^^.) 
and hoop direction (fg), and the shear stress f . 

Allowable stresses were calculated for both the bending and shear general insta- 
bility failure modes. The buckling equations and curves defined in Reference A-3 
were used to predict the allowable load of the sandwich shell in bending. For the 
torsional buckling allowable. Reference k-k was used to define the allowable shear 
flow. 

The interaction formula used to combine the compression and shear loads was the 
conservative straight-line equation 

where the quantities R^ and R^ are, respectively the bending and torsion load 
ratios. 
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FUSELAGE ^JEIGHT COMPAEISOKS 

Weight comparisons are shown for the honeycomb sandwich fuselage design and the 
conventional skin/stringer design. Both were sized using a common design criteria. 

Honeycomb Sandwich Design - A summary of the shell geometry and panel data for this 
design is shown in Table A- 4 with the panel data reflecting the upper shell require- 
ments. Face sheet thickness ranged from a minimum of 0.020 inches at FS 750 to a 
maximum of 0.092 inches at FS 2500. Identical face sheet thicknesses of 0.070 are 
noted for PS 2000 and FS 3000. At the centerbody and aft body regions, core height and 
cell size were held constant at values of 0.75 inches and 0.25 inches, respectively. 

At the forebody region, FS 750, a core height of 0.500 inches and a cell size of 
0.187 inches were used for the design. 

A weight summary of the complete panel at each station are shown in Table A-5 and 
contains the weight attributed to the core, brazing material, and the basic face 


TABLE A-4; FUSELAGE PAIfEL GEOMETRY, HONEYCOMB SANDWICH DESIOJ 


POINT DESIGN REGION 

FS750 

FS 2000 

PS 2500 

FS3000 

SHELL GEOMETRY 





RADIUS (In.) 

72-0 

68.0 

68.0 

61.0 

FRAME SPACING (in.) 

40*0 

40.0 

40.0 

40,0 

PANEL DATA 





HEIGHT, h (in.) 

0.500 

0.75 

0.7B 

0.75 

FACESHT.THK.,t(in.) 

0.020 

0.070 

0,092 

0.070 

CELL SIZE (in.) 

0.187 

0.250 

0.250 

0.250 




TABLE A-5. SUMMARX OF FUSELAGE PANEL W 



EQUIVALENT PANEL THICKNESSES 



BRAZE WEIGHT, Ib/ft2 

CORE DENSITY, Ib/ft^ 

FACE SHEET MATERIAL DENSITY, Ib/in^ 
SANDWICH HEIGHT, in. 

FACE SHEET THK., in. 
















> 


i 


\ 

\ 

J 


sheets. The weight data for the 3003 aluminvm hraze alloy used for panel 
fabrication was obtained from empirical data reported in Reference A-5« A core 
density of 8.2 Ib/ft was maintained for aH panel designs to preclude any local 
failure modes (intracell buckling, face wrinkling) or an interaction of these modes 
with the cylinder-buckling mode. This core density meets the core design criterion, 
6S.03, recommended in Reference A-3j where. Sis the ratio of core density to face 
sheet density. 

With reference to the panel weights displayed in Table A-5, the formulas used for 
computing the equivalent thicknesses (t) and unit weights are shown in the 
footnotes. 

The frame weights for the honeycomb sandwich design are shown in Table A-6 and re- 
flects the equivalent panel thicknesses of the frames for a spacing of UO.O inches. 

Conventional Fuselage Design - The conventional fuselage design was subjected to 
point design analysis at the same regions using the identical design criteria as 
used in the sandwich fuselage investigation. 

Table A-7 snows the structural concept and corresponding panel dimension for shell 
design at the most critical circumferential location for each point design region. 
Equivalent panel thicknesses ranged from O.056 inches for the zee-stiffened design 
at FS 750 to 0.184 inches for the hat-stiffened concept at FS 2500. Similarly, the 
frame equivalent thicknesses are shown in Table A-8 and includes the component 
(frame and shear-tie) and total thicknesses required at each station. 

Table A-9 summarizes the component thicknesses, the total equivalent thickness for 
each point design region, and the corresponding unit weights for the conventional 
fuselage design. A maximum weight of 4.75 Ib/sq. ft. is indicated for the upper 
panel at FS 2500; whereas, the similarly located panel at FS 750 weighs 1.54 lb/ 
sq. ft. 

Design Comparisons - Table A-10 summarizes the panel and total weight, frame and 
panel, for both designs. The honeycomb design is heavier than the conventional 
design at all fuselage stations investigated, with a maximum weight increase of 
6-percent noted at FS 250O. This weight increment is attributed directly to the 
panel weight as the weight of the frame for the conventional design are heavier 
than those used in the sandwich fuselage design. It is further noted from a 
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TABLE A-6. fuselage FRAME T-ffilGHTS, HONEYCOMB SANDWICH DESIGN 


POINT 

DESIGN 

REGION 

CIRCUM. 

LOCATION 

FRAME 
SPACING 
L, On.) 

FRAME 
AREA 
A, (ln.2) 

EQUIVALENT 
PANEL THICKNESS 
t.0n.) 

FS 750 

UPPER 

FIBERS 

40.0 

0.20 

0.005 

FS 2000 

UPPER 

FIBERS 

40.0 

0.20 

0.005 

FS 2S00 

UPPER 

FIBERS 

40.0 

0.20 

0.005 

FS 3000 

UPPER 

FIBERS 

40.0 

0.20 

0.005 


comparison of the basic panel data for each design. Tables A-5 and A-7 , that the 
sum of the face sheets thicknesses for the sandwich design are equal to or less than 
the corresponding equivalent thicknesses of the skin-stringer design. Hence the 
parasitic weight of the core and braze alloy overcome any strength/weight advantage 
of sandwich design, e.g., at PS 2500 equal thickness designs are noted prior to 
inclusion of the parasitic weight to the sandwich design; whereas, after these 
items are added to the sandwich design an increase of approximately l6-percent is 
noted. 
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TABLE A-T. FUSELAGE PANEL GEOMETRY - CONVENTIONAL DESIGN 












































TABLE A-8 


FUSELAGE FRAME EIGHTS, CONVENTIOKAL DESIGN 



POINT 


FRAME 

EQUIVALENT PANEL THICKNESS (t), IN.^/IN. 

DESIGN 

CIRCUWI, 

SPACING 


SHEAR 



REGION 

LOCATION 

ON.) 

FRAME 

TIE 

TOTAL 

AVERAGE 

FS 750 

ALL 

20,0 

.007 

.004 

,011 

(.011) 

FS 2000 

UPPER 

20*0 

.018 

.006 

,024 

(.023) 


SIDE 

20,0 

.016 

.006 

.022 

FS 2500 

UPPER 

20.0 

.016 

.006 

.022 

(.022) 


SIDE 

20.0 

.016 

.006 

.022 

FS 3000 

UPPER 

20.0 

.018 

.006 

.024 



SIDE 

20.0 

.015 

.006 

.021 

(.023) 


LOWER 

20.0 

.019 

.007 

.026 



FRAME GEOMETRY 



— 


t(TOTAL) = t(FRAME + t(SHEAR TIE) 


TABLE A-9. FUSELAGE ^■JEIGHT SUMMARY, CONVENTIONAL DESIGN 


POINT 

DESIGN 

REGION 

PANEL 

CONCEPT 

EQUIV. PANEL THICKNESS (IN.^/IN.) 

UNIT 

WEIGHT 

W 

(LB/SQ. FT) 

FRAME 

t 

PANEL 

t 

TOTAL 

t 

FS7B0 

ZEE-STIFF. 

0.011 

0.056 

fi.xi 

1.54 

FS20D0 

HAT-STIFF. 

0.024 

0.145 

0,169 

3.89 

FS2500 

HAT-STIFF. 

0.022 

0.184 

0.2Q6 

4.75 

FS 3000 

1 

HAT-STIFF. 

0.024 

0.145 

0.169 

3.89 


NOTE: THICKNESS AT UPPER CIRCUMFERENTIAL LOCATION SHOWN 


W= 144X/>Xt(lb/ft2) 


WHERE: U.170 Ib/Ln.^ 
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SECTION 13 


FATIGUE AMD FAIL-SAEB ANALYSIS 
INTRODUCTION 

Analyses were conducted to establish design stress levels for fatigue and fail-safe 
evaluation of structural design concepts for an arrow-wing supersonic cruise air- 
craft configuration. The primary struct\ire was evaluated to meet the specific ser- 
vice life of 50 j 000 flight hours and to support the fail-safe design load of 100 per- 
cent limit load. Related design criteria as specified in the Federal Aviation Agency 
FAR 25 , Airworthiness Standards and the supplemental tentative Airworthiness 
Standard for Supersonic Transports were used as the "basis for this evaluation. 

A description of design criteria, and the results of the fatigue, crack growth, and 
fail-safe analyses are presented in the following text. 


DESIGN CRITERIA 

All commercial aircraft must "be designed to meet Federal Aviation Agency FAR 25, 
Airworthiness Standards: Transport Category Airplanes. For an advanced supersonic 

transport, additional special provisions, similar to the tentative Airworthiness 
Standards for the Supersonic Transport, will be specified prior to the design of 
such an aircraft. These criteria specify that the flight structure whose failure 
could result in catastrophic failure of the airplane must be evaluated to meet either 
the fatigue strength requirement. Section 25* 571(b), or the fail-safe strength 
requirement, Section 25.572(c). The wing, fuselage and empennage structure of all 
commercial aircraft are generally designed to comply with Section 25*57l(c) and 
therefore fatigue substantiation according to Section 25.571(b) is not required. 
However, the structure is designed and generally fatigue tested to demonstrate to 
the customers (airlines) that no major fatigue problems will occur during the service 
life of the aircraft. Therefore, in this study the various design concepts were 
sized to meet both fatigue and fail-safe strength requirements. 
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Ko requirements are currently specified for crack groirth. However, crack growth 
analyses were conducted to shov: that small cracks that are likely to be missed on 
a given inspection vriLU not grow to catastrophic failure before the next inspection 
period which is of the order of 8,000-12,000 flight hours. 


Fatigue Design Criteria 

The basic fatigue design criteria for this program is to provide a structure that 
vri.ll be good for a service life of 50^000 flight hours. Appropriate multipl2''ing 
factors are applied to the design life for use in establishing allovrable design 
stresses as discussed in Section 4. For structure subjected to spectra loading, 
the allowables are selected using a factor of 2 times the service life of 
50,000 hours. For areas of the fuselage structure subjected to constant amplitude 
loading the allowable stresses are selected for 200,000 flight hours (50,000 x U). 
A larger factor is applied to constant amplitude loading because the scatter in 
fatigue test data is larger for this type of loading. 


Fail-Safe Design Criteria 

Fail-safe designs are employed for the wing and fuselage structures which must be 
capable of supporting the fail-safe design load of 100 percent Limit Load, as 
defined in the tentative Airworthiness Standards for SST, for the damage cases 
summarized below. 

General 

• Any single member completely severed. For fail-safe purposes, a single 
member is any redundant structural member, or that part of any member, of 
several elements where the remaining part can be shovm. to have a high 
probability of remaining intact in the event of the assumed failure. It 
must be demonstrated that the damage to the assumed severed part can be 
discoverable by nonnal inspection methods. 

• Extensive structure severed betvreen the boundaries of effective crack 
barriers. A mechanical splice (not vrelded) or major structural members 
(frame, fail-safe straps or stringers) vrhich are mechanically 
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fastened to the skin are considered to be effective crack barriers. Testa 
must be conducted to demonstrate that bonded or brazed reinforcements are 
effective crack barriers. 

• In extensively stiffened skin structure, a major structural member, attached 
directly and continuously to the skin, fractured, together with the skin 
between adjacent crack barriers. 

• For skin surfaces vri.th no effective crack barriers (splices, stringers, 
fail-safe straps, etc.), the structure must be capable of supporting the 
fail-safe load with a 20 inch skin crack using ”B Basis" fracture toughness 
allowables for appropriate temperatures, grain direction and material 
thickness . 

• Welded and laminated skin structure must be considered monolithic for the 
purpose of fail-safe design. Vlelded joints cannot be considered as crack 
stoppers . 

• All fail-safe joints and skin splices shall be designed to have sufficient 
shear lag to distribute loads from the failed section. This can be 
achieved by; 

(a) Designing the joint to be bearing critical. 

(b) Providing sufficient margin in fastener shear strength so that 
progressive failure of the fasteners will not occur prior to 
skin and reinforcement failure. 

Wing Structure - The wing structure is designed to meet 100 percent Limit Load 
requirements in the presence of the damage conditions specified below; 

• Completely failed shear web of a rib, a spar or a bulkhead. 

• Any single member of a truss. 

o Failed rib cap or any other element of the rib. 

• Failed spar cap. 

• For stiffened skin construction the follov/ing damage conditions shall apply 

(a) One to three failed stringers together iri-th a skin crack between 
adjacent intact stringers. The number of failed stringers depends 
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on the stringer spacing. Skin crack sizes should be of the order 
of 6-10 inches long. 

(b) A spar cap or other spanvrilse reinforcing member, attached directly 
and continuously to the skin, completely severed vriLth a chordi-ri.se 
skin crack between adjacent stringers, 

(c) A chordwise reinforcing member, attached directly and continuously 
to the skin, failed along vri.th a 20 inch spanwise skin crack using 
"B“Basis" allowables for the skin material. Members with flexible 
attachments to the skin (through clip) need not be considered broken 
with a skin crack. 

• For sandwich- type construction (monocoque) the following shall apply: 

(a) A major reinforcing element (fall-safe strap, stringer, etc.) 

attached directly and continuously to a sandwich skin surface, failed, 
together with skin cracks in both skins between intact adjacent barriers. 

Fuselage Structures - Fail-safe requirements for the fuselage structure are met 
using normal relief valve pressure setting plus external air loads and fail-safe 
limit design load for the foUoiiring damage conditions: 

• Any of the applicable General or Wing Structure conditions described above. 

o For stiffened skin construction: 

(a) A typical frame broken together with a longitudinal skin crack 
between adjacent fail-safe straps. 

(b) A fail-safe strap broken togethei' with a longitudinal skin crack 
between adjacent intact frames. 

(c) A single stringer fai.led along \-ri.th a circumferential skin crack 
between intact stringers. 


• A main frame completely severed. 


FATIGUE AEALYSIS 


Wing Structure 

Preliminary fatigue lives were calculated for spanwlse 'bending loads acting on the 
wing structxire. These lives are plotted on Figure 13-1 as a function of ultimate 
design gross sirea stress and fatigue quality index. The ciirves on this figure are 
developed using the concept of linearly cumulative damage with an average flight of 
two and a half hours; a once-per-flight peak-to-peak ground-air-ground cycle; the 
climb, cruise, descent and taxi loading of Spectra "C" (see Section U); and the 
standardized constant-life diagrams for axial loading of Ti 6A1-4'V sheet and plate 
shown on Figures 13-2 through 13-5. 

The calculated lives shown on Figure 13-1 led to the selection of an ultimate design 
gross area stress level of 90 ksi and a design fatigue quality index of K = 5. 

This selection is somewhat more conservative than specified in Section ‘U, since the 
calculated life equals or exceeds 1^5*000 flights or 112,500 flight hours rather than 
100,000 flight hours as specified in Section 4. Curves showing xaltimate design stress 
versus fatigue quality are shoim on Figure 13-6 and the fatigue quality and design 
allowable stresses for the various design concepts are summarized on Table 13-1. 

The ultimate design stresses shown on Figure 13-6 are applicable for general wing 
structure subjected to spanwise bending and fuselage bending material. 


Fuselage Structure 

Figure 13-7 presents the relationship between fuselage circumferential design stress 
and fatigue quality for 50,000 hours of service based on an average of two and a half 
hours, one pressure cycle per flight and a life reduction factor or 4 which is 
applicable for constant amplitude loading. In Figure 13-T, the maximum design ten- 
sion stress corresponds to twice the value of the variable stress for a once-per- 
flight peak ground-air-ground cycle, ^yapy(oPFP GAG)* M=100,000 cycles 

to failure on S-N diagrams for Ti 6A1-4 v (mill annealed) sheet and plate with 
^tu " 135-155 ksi. 

The operational design gross-area tension stresses shown on Figure 13-7 commensurate 
with a fatigue quality index (Kq) of 5 "were used for the fuselage analysis, i.e., 

25 ksi for fuselage skin circumferential stresses and 35 ksi for the substructure 
(frame) stresses. 
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Figure 13-5* Constant Life Diagram - titanium Alloy (K^ = 5) 
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Figure 13-6. Variation in Wing Ultimate Design Stress with Fatigue Quality 
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TABIS 13-1. SUMMARY OF FATIGUE ALLOWABLES FOE WBIG STRUCTUBE 


Kq 

CHORDWISE STIFFENED 

• PANELS WELD BOND 4 

• JOINT -BOND 

FEATHER EDGE OUTER SHT. 7 

■ y - ■ y - I (LOCALLY) 

BOND— ^ — 015 MIN. 

• SUBSTRUCTURE 5 

• SPARS 5 

SPANWISE STIFFENED 

• CLEAN AREAS 4 

MONOCOQUE 

• CLEAN PAN EL AREA 4 

• LOCAL MECH JOINT 5 


ULTIMATE DESIGN 
STRESS, PSI 


97.000 

75.000 


90,000 

90.000 

97.000 

97.000 

90.000 
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4 
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Figure 13-7* Variation in Fuselage Circiunferential 
Design Stress vith Fatigue Quality 
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Figure 13"8, Interaction Curve for Combined Loading 
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The allowable hoop stress for the skin is approximately 28-percent lower than the 
frame allowable since the skin is scObjected to biaxial stresses due to pressure and 
thermal loads, whereas, the frames are primarily uniaxially loaded. 

For fuselage bending material, the ultimate design gross area stress is limited to 
90,000 ksi for a fatigue quality index of 5. This value is shown on Figure 13-1 
and is applicable to both wing lifting surfaces and fuselage bending materiel. 


Interaction Equations 

For shell structure and other areas of the airframe subjected to biaxial and/or 

shear loads, the Octahedral Shear Stress Theory is used to calculate the applied 

stress level for fatigue analysis. In this theory, the equivalent axial stress 

(S ) for a biaxial stress field in terms of the x and y stress components is as 
eq 

follows ; 


S = 
eq 


(S^ + S^ 
X y 



1/2 


where are the direct stresses in the x and y directions, respectively and S is 

X y xy 

the shear stress in the x-y plane. 


Or the equivalent stress may be stated in terms of the principal biaxial stresses 


3 = (S^.sl-SiSj) 


1/2 


eq 


where the principal stresses (S^ and S^) are given by: 


1,2 


S + S 


[(H^j 


-1 1/2 


+ S 


xy J 


For this analysis, the ultimate tensile stress calculated using the Octahedral 

Stress Stress Theory (S ) was not allowed to exceed the maximum principal stress, 

eq 

max (S^, Sg)* 
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Seq. g max (S^, Sg) 


These equations have heen visually displayed in Figure 13-8 in terras of interaction 
equations. Quadrant 1 uisplays the stress state when>hoth principal stresses are 
tension and the equivalent stress is constrained so as not to exceed the maximum 
principal stress. For pure plane shear, mid-point of quadrant 2 and 3, the Octahedral 
Shear Stress Theory predicts an equivalent stress that is equal to 58-percent of the 
stress level for an unidirectioned axial load. 

CRACK GROWTH AWALYSIS 

A preliminary analysis was performed to investigate the fatigue crack growth rate 
behavior of Ti 6 a1-1i-V, mill-annealed plate when subjected to the Spectra C loading 
history (reference Section 1)-) . The analysiB results reported indicate the effects 
of design stress and environment on crack growth. 

For crack growth prediction it must be possible to obtain an ex^sression for the 
stress intensity K which characterizes the severity of the IocelI stresses and 
deformations at the crack tip. For the present analysis, the coaifiguration analyzed 
was a standard through-thickness crack of length 2a in the center of a wide flat 
panel, subjected to a uniform gross area tension stress S. The stress intensity 
for this configuration is given by; 


K = S^/iFa (1) 

For fatigue crack growth analysis, an effective cyclic stress can be defined 
(Reference 1) to characterize the tendency of the fatigue cycle to cause crack 
growth. For a fatigue cycle with a maximum tensile stress (S ) ^d a minimum- 

IuELIa. 

to-maximum stress ratio (R), the effective cyclic stress is given by (Reference 2) 


S 


eye 


= [1 - MAX (R, R )3”^ 

c max 


(2) 


where m and R are empirical constants and MAX (R,R ) takes the value of the larger 

of its arguments. For Ti 6A1-4V, m = 0.75 and R = -1. 

c 
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The crack grovth resistance of the material is usually described hy a functional 
relationship between the crack growth per cycle and the effective cyclic stress 
intensity from a constant amplitude fatigue test; 

" <"cyc> <3) 


The effective cyclic stress intensity K can be calculated by using S from 

eye eye 

Equation (2) in place of Sin the stress intensity expression such as Equation (l). 
For a particular material, product form and thickness, grain direction, chemical 
environment, cyclic frequency and temperature the function f in (3) is unique. 


Table 13~2 lists points on a plot of da/,„ vs. K for mill annealed Ti 6Al-4V 

aW eye 

thin sheet in laboratory air and 3-5 percent HaCl solution for cyclic frequencies 

of approximately 10 Hz. For any intermediate value of K the corresponding value 

eye 

of da/dH can be found by linear interpolation on log (da/dW) vs. log (K ). 

eye 

A variable-an 5 >litude sequence of cycles occurs for aircraft in service. If the 
interaction between different loading cycles in the sequence is neglected the incre- 
ment of growth caused by the jth loading cycle is 



where f is the constant amplitude crack growth rate function, Equation (3), exem- 
plified by Table 13-2. 

For massy loading spectra the loading cycles do interact. The major effect that has 
been observed is retardation of crack growth following a high tensile loading. 
Various investigations (References 3 and 1*) have proposed simple retardation models 
to include this effect in the crack growth calculation. 


TABLE 13-2. CRACK GROWTH RATE, Ti 6A1-UV SHEET 


^cyc 

(ksi- ^inch) 

CRACK GROWTH RATE, da/dN 
(Microinch/Cycle) 

NaCI 

Environment 

Air 

Environment 

30 

85 

32.5 

40 

100 

54 

56 

130 

130 

75 

370 

370 

95 

3,500 

3,500 

115 

34,000 

34,000 

140 

600,000 

600,000 




I 

i 


Figure 13-9 shows a scaled sketch of the once-per-flight maximum cyclic stresses 
during taxi, climb, cruise, and descent for Spectra "C" of Reference 5; for a 1-S 
stress of 25 ksi. Kote that the peak-to-peak GAG cycle is several times greater 
in amplitude than any other cyclic loading that occurs within a flight. Therefore, 
for expediency in this preliminary analysis all cycles were neglected except the 
once per flight peak-to-peak GAG cycle. An approximate analysis has shown that, of 
the cycles given in Figure 13-9> the GAG cycle causes about 95-percent of the calcu- 
lated crack groirth damage. It is unknown how much additional crack growth might be 
caused by the very low an 5 >litude gust cycles which would occur in large numbers in 
service, but which were deleted from Figure 13-9 for analysis of fatigue crack initiation. 

For an initial crack length of 2a = 0.25 inch the calculated crack growth lives 
based on GAG cycles only are shown in Table 13-3. These calculated lives do not 
reflect real-time, real-temperature effects on crack growth, except that the loading 
spectrum contains thermally-induced stresses which contribute to the once-per-flight 
peak stress. 


FAIL-SAFE AMLYSIS 
General 

The objective of the damage tolerance analysis was to ensure that structures in the 
presence of an assumed damage condition are capable of supporting the damage- 
tolerance design load of 100-percent limit load. 

The analysis method used is presented in Reference 6. Figure 13-10 outlines the 
method and available data used in determining the residual strength of damaged 
reinforced structure. Figure 13-11 shows the idealized reinforced panels ^dth two- 
bay and multi-bay damages. Essentially the method provides reinforcement efficiency 
for stiffened flat panels based on the given reinforcement spacing and area. A CPS 
(conversational Programming System) program was used to facilitate the computational 
procedure. In addition, the margin of safety is also calcul ated by the program 
based on the applied design limit load. A resultant positive ..‘argin of safety indi- 
cates that the structure analyzed is capable of mthstanding the imposed damage. 

On the other hand, a negative margin of safety results in a corresponding weight 
penalty. This is due to the additional reinforcing straps required for the 
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Figure a. 3-9« Test Flight Pattern Illustrating Peak-to-Pea3c GAG 
Cycle for 1-g Design Stress Equal to 25 ksi and 
Service Plight Time of 2.5 Hours 


TABLE 13-3. RESULTS OF PRELIMINARY CRACK GROOTH ANALYSIS 


1-g STRESS 
(Ksi) 



ENVIRONMENT 


Lab. Air 
3.5% NaCl 
Lab. Air 
3.5%NaCI 


CRACK GROWTH 
LIFE,io“*2S 

FLIGHTS hours 


11400 

8875 

5950 



INSPECTION INTERVAL 8000 - 12000 FLIGHT HOURS 
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Fg = _/T 


WHERE: 
T = 


y = REINFORCEMENT EFFICIENCY PARAMETER.DIMENSION LESS: 
FIGURE 13-lOa 

Tp = SHEAR CORRECTION FACTOR, DIMENSIONLESS; FIGURE 13-lOb 
n « CURVATURE REDUCTION FACTOR. DIMENSIONLESS; n « 1 FOR 
ALL CASES EXCEPT FOR LONGITUDINAL CRACKS IN SHELL 
STRUCTURE WHERE n =34 

l«„ = STRESS INTENSITY FACTOR FOR CONDITIONS OF PLANE 
“ STRESS USED FOR THRQUG H-THE -THICKNESS CRACK 
CONFIGURATION;k^= K^/ .J^fT^FlGURE 13-10c 
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Figure 13-10. Method of Determining the Strength of Damaged Structures 
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Figure 13-11. Panel Damage Configurations 





particular structure to achieve an acceptable margin of safety. Weight penalties 
are calculated in terras of equivalent surface panel weight. A significant weight 
penalty vri.ll affect the local stress distribution and a redesign might be 
necessary. 

The miniiriain damaged condition assumed for reinforced panels was at least a two-bay 
skin crack with a broken stiffener. A multiple-bay skin crack with broken intermediate 
stiffeners was conservatively assumed for those design concepts having closely spaced 
stiffeners (<4 Inches), A multiple-bay skin crack was used for the purpose of obtain- 
ing a reasonable crack length to facilitate visual inspection. 

For those regions that are subjected to extremely low load intensities, the use of 
fail-safe straps is not required if the structure is capable of supporting limit 
load vri-th a 20 inch crack, as specified in the fail-safe orlijeria. Figure 13-12 
shows the allowable ultimate design tension stress for this damage condition. 

The limit internal loads used in the damage-tolerance analysis were obtained from 
the combined ultimate internal load calculations which Included the effect of air 
and inertia loads, local pressure loads, and thermal loads. The ultimate stresses 
for each of the design concepts can be found in the following paragraphs. The 
limit loads were taken to be two-thirds of the ultimate loads. Only the tensile 
component acting perpendicular to the crack plane and the shear load were taken 
into account. For the cases considered in this study, all compressive loads were 
neglected and thus resulted in a conservative estimation on the residual strength 
of damaged structure. 

Fracture toughness properties of Ti 6A1-4 v at room temperature was used in lieu of 
established data at elevated temperature. A lower bound cut-off value of 
0.01? inches on skin thickness was. used. 

Fail-Safe Analysis - Task I 

The Task I results are presented in the following sections according to the different 
design concepts evaluated. Appropriate comments, conclusions and estimated weight 
penalties, if any, are also included in the respective sections. Three wing point-, 
design regions were selected for screening all the Task 1 panel concepts. These 
regions vrere point-design regions 41348, 40536, and 40329. The locations of these 
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point-design regions are as indicated in Figure 13-13. However, only those concepts 
that appeared to be the most critical were studied. Furthermore, not every possible 
dimensional variation of a design concept was analyzed. However, an adequate number 
of possible variations within a particular design concept wort selected for analysis 
based on our experience with this design concept. The representativeness of con- 
clusions reached is thus assured. 

In summary, the following coninients can be made concerning the damage tolerance of the 
various design concepts considered. All the chordwise stiffened wing panel concepts 
meet the fail-safe requirements. However, when the requirement of a broken spar cap 
is considered, additional structure and its corresponding weight penalty are generally 
required. For the spanwise stiffened panels, no weight penalty is required for the 
panels or caps to meet the assumed fail-safe requirements. The composite reinforced 
spar caps all meet the fail-safe requirements without additional weight penalty. A 
weight penalty is generally required for the monocoque sandwich panels (honeycomb 
and truss-core sandwich) except for design regions where low load Intensities were 
indicated. Finally, the metallic fuselage panel concepts considered are fail-safe 
under the assumed damage condition except at a few isolated panel locations. 

Chordwise Stiffened Wing Panels - Four panel concepts were studied within the chord- 
wise stiffened panel arrangement. These concepts are: (l) convex beaded, (2) con- 

cave beaded, (3) trapezoidal corrugation-concave beaded, and (4) beaded trapezoidal 
corrugation-concave beaded. The Structural Concept Analysis Section (Section 12) 
contains the panel dimensions resulting from the strength analysis. The corre- 
sponding skin stress state for these designs, which are used as the basis for the 
fail-safe investigation, are contained in Table 13-4. 

Due to relatively small stiffener spacing of the chordwise stiffened panels, a 
damage condition of a three-pitch outer skin crack with two broken reinforcing 
stiffeners (inner bead) was selected. This resulted in a crack size of 5 inches 
to 13 inches, with the majority of the cracks having a crack length between 
7 inches to 10 inches , 

The outer skin was treated as a flat panel with the Inner beaded skin considered 
to be the reinforcement. The effective area, A , of a reinforcement was taken to 
be one-third of the total area of the inner-bead between bond lines. The reduction 
factor of 1/3 is selected based on past experience with various stiffened panel concepts. 
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TABLE 13-4. SUMMARY OF TOTG PAREL SKIN STRESSES, CHORDNISE ARRANGEMENT 




POINT DESIGN ULTIMATE SKIN STRESS (1) (2) (3) 



40322 

40536 

41348 

PANEL 

SPAR 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

CONCEPT 

SPACING 

(IN) 

SURFACE 

SURFACE 

SURFACE 

SURFACE 

SURFACE 

SURFACE 


fx 

h 

fx 

■fs 


h 

fx 

fs 

m 

fs 

fx 




(ksi) 

{ksi} 

(ksi) 

(ksi) 

{ksi) 

(ksi) 

(ksi) 

{ksi) 


(ksi) 

(ksi) 

(ksi) 

CONCAVE BEADED 

20 


3.35 



3.44 


43.2 

22.0 

53.8 


44.6 

24.3 

54.3 

V. y 

30 

— 

3.04 

— 

3.14 

— 

36.4 

17.8 

44.4 

— 

37.4 

23.5 

53.8 


40 


2.45 


2.89 

— 

28.2 

15.1 

38.6 


29.4 

21.1 

48.1 

CONVEX beaded 

20 



3.81 


3.85 


43.9 

22.5 

54.7 


45.4 

24.2 

54.6 


30 

— 

2.51 

— 

3.48 

— 

38.1 

19.1 

47.4 

— 

40.5 

24.9 

55.1 

-yj- 

40 


2.11 

' 

““ 

Z8D 


34.1 

15.5 

38.7 


36.2 

20.4 

45.0 

trapezoidal 

CORRUGATION- 

20 

— 

3.06 


3.80 


52.3 

20.6 

50.1 

— 

61.0 

25.0 

51.7 

CONCAVE BEADED 

30 


2.80 

— 

3.40 

— 

47.9 

17.5 

55.4 

— 

49.7 

22.4 

52.8 


40 


2.40 


3.30 


40.6 

14.6 

48.3 


47.8 

19.8 

50.7 

BEADED TRAP. 
CORRUGATION- 

20 

«... 





m 

21.1 

55.3 


61.2 

23.5 

52.2 

CONCAVE BEADED 

30 

— 






17.3 

54.7 

— 

54.8 

21.7 

52.0 


40 


2.40 



HI 

50.0 

14.6 

55.8 


52.6 

19.0 

52.9 


(1) ULTIMATE SKIN STRESSES FOR TASK 1 LOAD CONDITION 31 ; 2.5 -g SYMMETRIC MANEUVER 
AT MACH 1.25 

(2) LIMIT STRESS = 2/3 ULTIMATE STRESS 

(3) COMPRESSIVE STRESSES CONSERVATIVELY NEGLECTED FOR FAI L SAFE ANALYSIS 
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Values of fraction toughness were based on the thickness of the outer skin, and 
were obtained from Figure 5-7 of Reference 6 or Figure 13— 10c, A sample panel 
fail-safe calculation is shown in Table 13-5 for the convex beaded concept at point 
design region 40536. For visibility, the panel dimensions for this region are 
shown in Table 13-6, 

The damage-tolerance analysis results for the chordwise stiffened panel arrange- 
ment are summarized in Table 13-7 • No weight penalty was required for any c.'-^ the 
chordwise panel concepts analyzed. 

In addition to the panel analysis, a fail-safe analysis was also conducted for the 
case of a broken spar cap. The severity of a broken spar cap is recognized due to 
the fact that in the chordwise arrangement the spar caps carry the vjing span\jise 
bending loads. 

A strength analysis vias used to study a basic structural component, as shovna in 
Figure 13-l4, in the chordwise stiffened panel arrangement. The top spar cap in 
Bay 1 vias assumed to be broken. A load redistribution study was conducted for the 
three spar spacings of RO, 30, and 40 inches. The convex beaded panel concept was 
selected for this analysis as being representative of the chord^d.se arrangement. 

The shear clips, surface panels and spar webs were then resized to carry the 
resultant loads under the damaged condition. The corresponding weight increase at 
various spar spacings are presented in Table 13-8. The component weight penalties 
at point design region 40536 are presented in graphic form in Figure 13-15 • 

Spanxd.se Stiffened Wing Panels - Tvro significantly different groups of design con- 
cepts were studied for the Task I spanvdse stiffened panel arrangement. The first 
group consists of panels xdth separate reinforcements and the second group consists 
of integrally stiffened panels. The first group (non-integral stiffened) was ana- 
lyzed using the method described for the chordxjise stiffened panels. For the inte- 
grally stiffened panels, a damage tolerance penalty is sometimes necessary due to 
the lack of crack stoppers and a damage condition of complete fracture betx-reen 
manufacturing splices is generally assumed. A discussion on integrally stiffened 
panels is included in this section. 


13-22 


TABIE 13-5* WUra EAKEL PAIL-SAFE AIWIiIBIS - CONTOC BEADED CONCEPT 


ITEM 

POINT DESIGN REGION 4053B 


UPPER SURFACE 

LOWER SURF 

'ACE 

SPAR SPACING 
Lp^X IN. 

’20 

30 

40 

20 

30 

40 

DISTANCE BETWEEN 
UNBROKEN BEADS (in.) 

7*6S 

8.85 

10.65 

7.05 

8.26 

10.65 

CRACK LENGTH (In.) 

7.65 

e,85 

10.65 

7.05 

8.25 

10.65 

LIMIT STRESSES 
psi 
fj. psI 

29300 

25400 

22800 

15000 

36500 

. 

12700 

31600 

10300 

25800 

EFFECTIVE AREA, (in,^) 
n/3 X TOTAL AREA) 

0.029 

D.048 

0.067 

0.025 

0.035 

0.055 

SKIN THICKNESS tu, In. 

0.035 

0.036 

0.040 

0.025 

0.029 

0,037 

FRACTURE TOUGHNESS 
kj,, Ksi-yfn. 

105 

109 

113 

94 

100 

110 

REINFORCEMENT 
EFFICIENCV, Y 

1.26 

1.31 

1.36 

1.29 

I 

1.33 

1,38 

SHEAR CORRECTION 
FACTOR, •f' 

1.00 

too 

1.00 

0.38 

j 

0.37 

0.37 

MARGIN OF 
SAFETY 

0.6S 

0.90 

1.0B 

0.16 

0.36 

0.68 


lABLE 13-6. WHTG PANEL GEOMEIEY - CONVEX BEADED CONCEPT 




POINT DESIGN REGION 40536 



DESIGN DATA 

UPPER SURFACE 

LOWER SURFACE 

SPAR SPACING 
Lp^ in. 

20 

30 

40 

20 

30 

40 

dimensions 







tL, In. 

.025 

.035 

.040 

,024 

.028 

.033 

tyrin. 

.035 

.036 

.040 

J325 

.029 

.037 

Rl 

.9 

tl 

1.4 

.8 

to 

1.4 

6 « degress 

87 

87 

87 

87 

07 

87 

b,ln. 

.75 

.75 

.75 

,75 

.75 

.75 

pitch. In. 

2.55 

2.95 

3.55 

2.35 

2.75 

3.55 

WEIGHT DATA 







t In. 

.070 

.085 

.097 

.058 

.068 

.064 

W, fb/sq. ft. 

1.61 

1.96 

2.24 

1.34 

1.57 

1.94 

CRITICAL DESIGN COND. 

G1 

31 

31 

31 

31 

31 


DIMENSIONS: 
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TABIjE 13-T. SUMMAEY of wing panel FAIL-SAFE ANALYSIS - CHOEDWISB AEEANGEMEH!E 


DESIGN 

CONCEPTS 

POINT 

DESIGN 

REGION 

WING 

SURFACE 

SPAR 

SPACING 

(IN.) 

CRACK 
LENGTH, W. 
(IN.) 

CD 

REIN- 

FORCEMENT 

EFFICIENCY 

T 

MARGIN 

OF 

SAFETY 

WEIGHT 

PENALTY 

CONVEX BEADED 

41348 

UPPER 

20 

7.65 

1.61 


0.64 

NONE 




30 

8.85 

2.43 


0.79 





40 

10.65 

3.10 


0.96 




LOWER 

20 

6.45 


1.26 

0.23 

NONE 




30 

7.05 


1.26 

0.19 





40 

7.65 

KE9i 

1.27 

0.54 




40536 

UPPER 

20 

7.65 

1.66 

1.26 

0.68 

NONE 

“1 



30 

8.85 

2.67 

1.31 

0.90 


V ^ 



40 

10.65 

3.35 

1.36 

1.08 




LOWER 

20 

7.05 

2.00 

1.29 

0.16 

NONE 


40322 

UPPER 

20 

7.65 

1.87 

1.27 

HIGH 

NONE 




30 

9.45 

2.43 

1.31 

HIGH 




LOWER 

20 

7.65 

1.70 

1.26 

HIGH 

NONE 

CONCAVE BEADED 

4134S 

UPPER 

20 

8.25 

2.03 

1.28 

0.62 

NONE 


LOWER 

20 

6.45 

1.45 

1.26- 

0.25 

NONE 


40536 

UPPER 

20 

8.25 

2.21 

1.29 

0.64 

NONE 



LOWER 

20 

7.05 

2.12 

1.30 

0.19 

NONE 


40322 

UPPER 

20 

7.65 

3.13 

1.32 

HIGH 

none 

TRAPEZOIDAL 

41348 

UPPER 

20 

5.25 

1.87 

1.24 

0.32 

NONE 

WITH NO BEAD 


LOWER 

20 

6.75 

1.00 

1.24 

0.29 

NONE 

- 

40536 

UPPER 

20 

6.15 

1.87 

1.25 

0.45 

none 



LOWER 

20 

6.75 

1.29 

1.25 

0.42 

NONE 

40322 

UPPER 

20 

6.75 

2.25 

1.27 

HIGH 

NONE 

TRAPEZOIDAL 

41348 

LOWER 

20 

6.45 

1.05 

1.24 

0.34 

NONE 

WITH INNER BEAD 

40536 

LOWER 

20 

6.45 

1.25 

1,25 

0.29 

NONE 











NOTE: (1) W= DISTANCE BETWEEN THE TWO UNBROKEN REINFORCEMENTS. 

(2) SAe = SUM OF THE EFFECTIVE AREAS OF THE TWO INTACT REINFORCEMENTS. 

(3) t = SKIN THICKNESS OF THE OUTER SKIN. 







































Figure 13-14. Basic Structural Component With a Damaged Spar 
Cap •* Chordwise Arrangement 

The structural concepts and detailed panel dimensions are shown in Section 12. 

The spanwise-stiffened panel concepts considered are; (l) Hat Section stiffened, 
(2) Zee Section stiffened, (3) Zee Section Integrally Stiffened, and (If) basic 
Integrally Stiffened. 


Hon-Integrally Stiffened Designs - For the Hat Section and Zee Section concepts 

a two-pitch crack with a broken stiffener was used as the damage condition 

wherever applicable. This assumption, except in one or two cases, resulted in 

a satisfactory crack length for visual inspection purposes. The effective 

area, A , was calculated using the formula; 

6 


SA 

e 



+ 1 


Where A^^ is the area of the stringer (or reinforcement), y is the distance 
from the inner surface of the sheet to the centroid of the reinforcement, and 


WEIGHT PENALTY, LB/SQ FT. 


TABLE 13-8. POINT DESIGN WEIGHT HHIftljTIES FOR A DMAGED 
SPAR CAP-CHDRDWISE ARRANGEMENT 



POINT 

WEIGHT PENALTY (LB/SQ FT) 

DESIGN 

SPA 

R SPACING, IN. 1 

REGION 

20 

30 

40 

40536 

0.93 

0.75 


40322 


0.20 


40236 

1.75 

1.45 

1.38 






^ ^ 



CHORDWISE ARRANGEMENT 
CONVEX - BEADED PANEL 
POINT DESIGN REGION 40536 

















^TQTA 

— 






SPAR WEB 

1 

/CLIPS 

y PANE 

LS 

1 . . 


’ 1 

1 = 

2 

0 

3 

0 4 

0 


SPAR SPACING, IN. 


Pig^’re 13-15* Consjionent Weight Penalties for a Damaged 
Spar Cap-Chordwise Arrangement 
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P is the radius of gyration of the reinforcement. The spar spacing was 
constant at 6o inches with variable rib spacings of 20 inches, 30 inches, 
and 4o inches. A sample analysis is shorn in Table 13-9 aiid represents the 
Hat Section stiffened concept at point design region 40536- The corresponding 
panel geometry for this region is shown in Table 13-10. The skin stresses at 
all point design regions for each of the spanTd.se panel concepts are displayed 
in Table 13-11. 

A summary of the calculations for the spamd.se panel concepts vdth non- integral 
stiffeners is shown in Table 13-12. Ho weight penalty is required for these 
designs . 

Integrally Stiffened Designs - The damage condition for integrally stiffened 
panels was taken as a con^letely broken panel between skin splices. The 
fabrication limits for the spanTd.se integrally stiffened panels allows a 
maximum Tddth of the extrusion before machining of 22 inches. Since the spar 
spacing is set at 6o inches, the logical choice for plank spacing is 20 inches 
(i.e., three planks per bay) with the rib spacing a variable. 

Based on the above plank Tddth and rib spacings, a damage-tolerant design can 
be obtained utilizing the concept of longitudinal-spliced panels. Reference 6. 
Suitable splices and attachments are used to allow the attachments to transfer 
the cut load of the broken plank to the tTJO neighboring planks. The tT-ra 
neighboring planks are required to have sufficient effective Tddth so that 
each panel will support half of the cut load in addition to its normal fall- 
safe load. 

A summaiy of the fail-safe analysis conducted on the integral stiffened span- 
wise concepts is shown in Table 13-13. For this analysis, the spar spacing (W) 
and plank width (VJ^) were 60.0 inches and 20.0 inches respectively. An effec- 
tive width (W^) of one-third the rib spacing Tms conservatively selected and 
the ratio of allowable stress (F ) to the material ultimate tensile stress 

s 

(Ftus) was obtained from Figure 4-20 of Reference 6. A positive margin of 
safety is indicated for each of the critical panel concepts Tdth a minimum 
margin of +0.24 occurring on the integral stiffened design at a rib spacing 
of 30 inches. This critical design is located on the Tfing loT-jer surface at 
point design region 40322 . 
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TABEE 13-9. WSm PAHEL PAIL-SAPE AKAEYSIS - HAT SECTION STIFFENED CONCEPT 


JTEM 

POINT DESIGN REGION 40536 

UPPER SURFACE 

LOWER SURFACE 

BtB SPACING 







Lp,y,in. 

20 

30 

40 

20 

20 

40 

DISTANCE BETWEEN 







UNBROKEN REIN- 







FORCEMENTSJn. 

6.33 

fl.42 

10,0 

8.0E 

8.06 

10.2 

CRACK length, rn* 

6.39 

8.42 

10.0 

8.05 

aM 

10.2 

LIMIT STRESSES 







fy. psi 

“ 

- 


41,600 

44,600 

45,100 

fj, p»i 

36,200 

31,800 

27,200 

25,500 

26,800 

26^400 

q,lb/ln. 

2,78Q 

2,781 

2,782 

2,782 

2,782 

2,782 

EFFECTIVE AREA 







A5,ln.2 

0.374 

0.S61 

OJBO 

0.067 

0.710 

0.818 

Wp)2 + 1 

2.772 






Aa, ln.2 

Q.135 

a202 

a28i 

01241 

0.258 

0.235 

SKIN THICKNESS, in. 

0,077 

0.087 

0.102 

0.109 

0.104 

0.105 

FRACTURE TOUGHNESS 







kg, ksi - ^fiTT 

132 

13S 

137 

138 

137 

137 

REINFORCEMENT 







EFFICIENCY, T 

1,309 

— 

— 

1.454 

- 

1.557 


- 

- 

- 

a8i5 

- 

0.826 

MARGIN OFSAFETY 

1.38 

- 

- 

0.76 

- 

0.54 


TABLE 13-10. NING PANEL GEOMETRY - HAT SECTION STIFFENED CONCEPT 


DESIGN DATA 

POINT DESIGN REGION4Q536 

UPPER SURFACE 

LOWER SURFACE 

RIB SPACING Lp,Y,in. 

20 

30 

40 

20 

30 

40 

DIMENSIONS 







ts,ln. 

,077 

.037 

.102 

.109 

.104 

HU 


1.60 

2.11 

2.31 

2,01 

2.24 

wBM\ 

= tf, in. 

,071 

.081 

,094 

.101 

.096 

.097 

bf, in. 

.479 

,605 

.753 

,600 

.672 

.765 

bjtbj, in. 

1.12 

1*41 

1.76 

1,40 

1.57 

1 . 7 a 

pitch, bj,-Fb^, m. 

3.20 

4,22 

5.02 

4,02 

4,4B 

S .10 

WmGHT DATA 







X in. 

,194 

,221 

.258 

.275 

.262 

.266 

w, Jb/sq.ft 

4.47 

5.08 

5.94 

G.33 

6.05 

6,12 

CRITICAL DESIGN COND. 

31 

31 

31 

31 

31 

31 



Qf VOOU 
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qifl-RT.T«! 13-11. SUMMARY OP 'WHIG PAKEL SEEN STRESSES, SPANWISE ARRANGEMENT 




POINT DESIGN SKIN STRESS (ULTIMATE) (1)(2)(3) 


RIB 

SPACING 

(IN.) 

40322 

40536 

41348 

PANEL 

CONCEPT 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 

UPPER 

SURFACE 

LOWER 

SURFACE 


fy 

% 

'y 

fs 



V 


fy 


^y 

% 



(ksi) 

(ksi) 

(ksi) 

(ksi) 

(ksi) 

(ksi) 

(ksi) 

(ksi) 

(ksi) 

(ksi) 

(ksi) 

(ksi) 

HAT 

SECTION 

20 


11.1 

46.6 

B9 

— 

54.2 

62.4 

38.3 

— 

51.2 

61.1 

43.8 

30 

40 


8.2 

65.0 


— 

47.7 

66.9 

40.1 

— 

40.9 


43.4 

i_r 

— 

6.6 

84.0 

m 

— 

40.9 

67.7 

39.6 

— 

34.7 


44.0 

ZEE 

SECTION 

20 


9.2 

48.4 

14.5 


45.1 


41.1 

— 

45.4 


43.2 

"L 

30 

— , 

6.7 

66.3 

14.3 

— 

41.5 


40.2 

— 

36.4 


42.9 

40 


5.2 

87.2 

14.1 

— 

36.6 

69.3 

39.8 


31.0 

60.8 

43.1 

INTEGRAL 

STIFFENED 

20 


7.4 

56.2 

14.2 


41.5 

63.6 

37.4 


37.9 

55.9 

38.7 


30 

40 


5.3 ' 

81.8 

14.2 


35.3 

63.6 

36.4 

— 

30.0 

56.1 

39.2 

I I IT 

— 

4.2 

81.5 

11.3 

— 

30.0 

63.6 

35.4 

— 

25.3 

56.5 

39.6 

INTEGRAL 

ZEE 

20 

_ 

9.4 

54.7 

14.4 


43.1 

61.6 

34.4 


45.3 

58.6 

38.3 


30 

40 



6.8 

77.6 

14.4 

- — 

40.6 

62.5 

34.2 

. — 

36.7 

59.7 

39.1 

lllL 

— 

5.4 

83.5 

12.2 

— 

36.7 

65.9 

■ 

35.1 


31.1 

59,7 

39.3 


(1) ULTIMATE SKIN STRESSES FOR TASK I LOAD CONDITION 31 : 2.5-g SYMMETRIC MANEUVER AT MACH 1.25 

(2) LIMIT STRESS = 2/3 ULTIMATE STRESS 

(3) COMPRESSIVE STRESSES CONSERVATIVELY NEGLECTED FOR PANEL FAIL SAFE ANALYSIS 
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TABT.K 13-12. SDl-IMAEY OF WING PANEL FAIL-SAFE ANALYSES - 
SPANWISE AHRANGEMEHT, NON-INTEGEAL SIIFFEDIED DESIGNS 


DESIGN CONCEPTS 

POINT 

DESIGN 

REGION 

WING 

SURFACE 

SPAR 

SPACING 

(IN.) 

CRACK 

LENGTH, 

W 

(IN,) 

SAe/t 

(IN.) 

REINFORCE- 

MENT 

EFFICIENCY 

MARGIN 
OF SAFETY 

WEIGHT 

PENALTY 

HAT SECTION 
STIFFENED 

41348 

UPPER 

20 

5.15 

2.81 

1.27 

1.51 

NONE 

LOWER 

20 

40 

5.62 

7.92 

3.08 

4.35 

1.35 

1.45 

0.75 

0.57 

NONE 


40536 

UPPER 

20 

6.39 

3.51 

1.31 

1.38 

NONE 

LOWER 

20 

40 

8.05 

10.2 

4.43 

5.60 

1.46 

1.56 

0.75 

0.54 

NONE 

40322 

LOWER 

20 

40 

3.16 

4.53 

1.80 

2.48 

1.27 

1.34 

1.26 

0.16 

NONE 

1 

ZEE SECTION 
STIFFENED 

41348 

LOWER 

20 

40 

6.52 

9.16 

1.75 

2.47 

1.31 

1.39 

0.57 

0.42 

NONE 

40536 

UPPER 

20 

8.27 

2.24 

1.29 

1.56 

NONE 


LOWER 

20 1 
40 

8.78 

11.7 

2.39 

3.18 

1.39 

0.45 

1.48 

0.33 

NONE 

40322 

LOWER 

20 

40 

3.63 

5.20 

1.00 

1.33 

1.23 

0.98 

1.29 

0.01 

NONE 




NOTES; 

(1) W = DISTANCE BETWEEN TWO UNBROKEN STIFFENERS, ALSO CRACK LENGTH 
( 2 \ S Ae = EFFECTIVE AREA OF THE TWO UNBROKEN STIFFENERS 
(3) t = SKIN THICKNESS 



SABIS 13-13- SDMMflHl OF TOJG EAHEL FAIt.-SAIE AHAllSES - 
SPAKWISE AKRA3SGEMEin!, IKTEGEAL SEIFPEICSD DESIGNS 


NO, 

OF 

PLANKS 

n 

(IN.) 


Ftus 


RIB EFF 

SPACING WIDTH, 

L=Lt We 

(IN.) (IN.) 

20 6.67 

30 10.00 

40 13.33 



SPLICES 


W = nW,^ 

SPAR SPACING 


ALLOWABLE 

GROSS AREA 

STRESS. 

KSi 

LIMIT 

ULT. 

Fg 

Fg 

54.0 

81.0 

67.5 

101.2 

77.0 

115.5 


MAX. 

APPLIED 

STRESS, 

ULT. 

fy 

(Ksi) 


MIN. 
MARGIN 
OF SAFETY 
MS 

+ 0.27 
+ 0.24 
+ 0.38 


NOTES; 

(1) ANALYSIS REFERENCE 6 . 

(2) NOMENCLATURE; 

Lj= LENGTH REQUIRED FOR SPLICE ATTACHMENTS 
TO TRANSFER THE LOAD; L^ = L 
Wg = EFFECTIVE WIDTH; Wg = Lj./3 
P = EFFECTIVE WIDTH PARAMETER, P =2We/W 
MS=Fg/fy-1 

Ftus= MATERIAL ULTIMATE TENSION STRENGTH 

(3) MAXIMUM APPLIED STRESSES FOR THE INTEGRALLY 
STIFFENED DESIGNS OCCUR ON THE LOWER WING 
SURFACE AT POINT DESIGN REGIONS 40322 AND 
40536, SEE TABLE 13-9. 



i 



i 

f 


The splice and fastener system were selected based on the following considerations. 
The splice was selected with a thickness equal to or at most twice the skin thick- 
ness and the fastener size and spacing selected such that an effective width of 

1/3 was obtained. Also the joint was designed to be bearing critical rather 

than shear critical. Finally, the usual precautions pertaining to fatigue require- 

ments of splice and attachment were observed. The structural integrity of the 
joint design selected should be substantiated by a fail-safe test conducted on a 
multi-bay panel with one plank broken. 

An ana]ysis similar to the case of the chordwise stiffened arrangement was con- 
ducted for the damage condition of a broken rib cap. However, due to the rela- 
tively small section of the rib cap and its direct attachment to the skin, this 
damage condition was not critical for limit load. Consequently there is no weight 
penalty. 

Monocoque Wing Panels - The honeycomb sandwich and truss-core sandwich panel concept} 
were investigated during the Task I effort. Two types of panel inserts were con- 
sidered for the monocoque panel concepts j metallic and densified honeycomb inserts. 
However, only densified core inserts were considered for the truss-core concept. Set 
Section 1, Structural Design Concepts, for descriptions of these concepts and 
their close-out design. 

As in the eases of other design concepts studied, three point design regions 
(41348, 40382, 40536) were selected for preliminaiy screening purposes. For honey- 
comb sandtd.ch peinels, the rib spacing was kept constant at 60 inches with the 
exception of point design region 40322 where a I30 inch rib spacing was used. For 
the truss-core sandwich panels, core orientations in both the spanwise and chordwise 
direction were considered. The spanwise core orientation proved to be the most- 
efficient for point design region 41348 and 40536 with a constant rib spacing of 
60 inches, spar spacing being a variable. The chordwise core orientation was used 
at point design region 40322 with a constant rib spacing of 130 inches. 

The assumed damage condition was a two-bay crack with a broken reinforcement (i.e., 
insert or panel closeout member) and both face skins damaged. See Figure 13-16 
for a graphic display of the damaged condition. 
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DAMAGE CONDITION: 

• 2 BAY SKIN CRACK (UPPER AND LOWER SKINS) 

• BROKEN INSERT OR STRAP 

Figure 13-16. Monocoque Panel Damage Configurations 



Figure 13-17. Hbneycom'b Sandwich Insert Geometry and Data 
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The broken reinforcement can either be an insert or a fail-safe strap. Effective 

area (A ) of the metallic inserts is assumed to be 85 percent of the total insert 
© 

area. In addition, all doublers were considered to be fully effective. For densi- 
fied honeycomb inserts, the core was considered to be ineffective and only the area 
of the doublers was considered for the fail-safe analysis. 

Figure 13-1? shows the type of inserts and the effective area equations used in the 
fail-safe analysis of the honeycomb sandwich panels. 

Since both face skins are damaged, only the in-plane membrane loads existing on the 
damage area are considered redistributed to the adjacent structure. Table 13-l4 
contains a summary of inplane stresses (ultimate) for the monocoque panel concepts. 

Generally, the outer and the inner skins have similar thicknesses. One exception 
is for the honeycomb sandwich panel arrangement with metallic inserts at point 
design region 4-1348. The skin thickness for the outer skin is 0.020 inches while 
the inner skin has a thickness of O.070 inches. In til cases, the sum of the 
thicknesses of the outer and the inner skins (t^ + tg are taken to be the skin 
thickness (t) in calculating the ratio of SAe/t. Critical fracture toughness 
values were taken to be the lowest between that of the outer and the inner skin. 
Table 13-15 contains the honeycomb sandwich panel geometry at point design 
region 40536. In addition, the fail-safe analyses for the panels at this region 
are shovm in Table 13-16. For this analysis the required strap and spar areas have 
been defined to obtain a zero margin of safety. The corresponding weight penalty 
for the honeycomb sandmch concept at point design region 40536 are shown in 
Table 13-17* The weight penalties associated with both the metal and densified 
core inserts are presented. 

A summary of the monocoque panel fail-safe results is presented in Tables 13-18 and 
13-19 i'or the honeycoinb sandwich and truss-core sandwich concepts respectively. 

In general, a weight penalty is required for all lower surface wing panels at the 
selected point design regions. One notable exception is the honeycomb sandwich 
design (Table 13-18) at point design region 40322. The design loads at this region 
are low and the structure is capable of withstanding a 20 inch crack without fail- 
ure. The corresponding area for the truss-core concept esdiibits a small weight 
penalty. 
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lABI/E SUMMftSY OF WING- PANEL SKIN STEESBES, MOHOCOQ'OE ABRANGEMENI 






POINT DESIGN SKIN STRESS (ULT.) - ksi^^ 





40322^2) 


40536^2) 


41348^2) 


PANEL 

CONCEPT 

SPAR 

LOWER SURFACE 

LOWER SURFACE 

LOWER SURFACE 

SPACING 

(IN.) 


.^y 



V 


fx 

♦y 

% 

HONEYCOMB 

20 

18.6 

28.4 

4.64 

25.5 

81.3 

33.7 

16.6 

76.1 

36.2 

SANDWICH 

30 

18.5 

26.3 

4.18 

24.4 

80.2 

33.3 

15.8 

76.8 

36.5 


40 

18.7 

26.1 

4.21 

23.9 

79.9 

33.2 

14.8 

75.2 

35.7 

TRUSS-CORE 

20 

23.3 

37.8 

4.46 

26.2 

80.3 

34.4 

20.0 

77.1 

39.2 

SANDWICH 

30 

26.3 

43.2 

4.32 

25.8 

81.0 

34,0 

17.3 

77.5 

38.5 


40 

17.9 

46.4 

3.99 

25.7 

81.0 

33.8 

17.0 

78.2 

38.0 


{1} UIVIIT STRESS = 2/3 ULTIMATE STRESS 


(2) CRITICAL DESIGN CONDITION: 

POINT DESIGN REGION 40322- CONDITION @ , START-OF CRUISE. 

POINT DESIGN REGION 40536 AND 41348 - CONDITION @ , 2.5-g SYMMETRIC MANEUVER AT Ml. 25 



lABLE 13-15. WING PABEL GEOMETRY - HONEYCOMB SANDWICH CONCEED 


POINT DESIGN REGION 40536 

UPPER SURFACE 

LOWER SURFACE 

60 

60 

60 

60 

60 

60 

20 

30 

40 

20 

30 

40 

.837 

1.27 

1.48 

.290 

.454 

.781 

.053 

.052 

.050 

.076 

.076 

.087 

.052 

.051 

.050 

.061 

.063 

.053 

.002 

.002 

.002 

.002 

.002 

.002 

.258 

.185 

.167 

.500 

.500 

.500 

.117 

.131 

.139 

.139 

.142 

.145 

2.69 

3.02 

3.21 

3.20 

3.28 

3,35 

31 

31 

31 

31 

31 

31 


EXTERIOR SURFACE 




S = CELL SIZE 
tc=CORE FOIL 
THICKNESS 
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lABLE 13-16, WING PANEL PAIL-SAEE AHALISIS - HDNEICOMB SANDWICH CONCEPT 


ITEM 

POINT DESIGN REGION 40536 

LOWER SURFACE 


SPAR SPACING, IN. 

20 

30 

40- 

PANEL DIMENSIONS 




tg, IN. 

.061 

.063 

.053 

ti, IN. 

.076 

.076 

.087 

H, IN. 

.290 

.454 

.781 

REINFORCEMENT AREAS (Ar) 




SPAR CAP, 1n2 

.862 

.785 

.922 

STRAP, IN2 

.733 

.667 

.784 

EFFECTIVE AREA 




Ae, |n2 

.733 

.667 

.784 

LIMIT STRESSES 




COND. NO. 

31 

31 

31 

fy, psi 

54,200 

53,500 

53,300 

fj, psi 

22,500 

22,200 

22,100 

FRACTURE TOUGHNESS 
ko,Ksi-/ltT 




ko (t-j) 

132 

132 

136 

ko (t2> 

126 

128 

122 

CRACK LENGTH (L), in. 

20 

20 

20 

REINFORCEMENT EFFICIENCY 




7 

2.16 

2.10 

2.19 


0.89 

0.89 

0.89 

MARGIN OF SAFETY 

0.00 

0.00 

0.00 
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TABLE 13 - 17 . ■WHIG EAISEL WEIGEC PEHALTY - H03SEYC0MB SABDWICH COKCEH? 


POINT DESIGN REGION 40536 

MINIMUM 

DESIGN 

REQUIRE- 

MENTS 

^SPAR 

(IN2) 

FAILSAFEf'*^ 

REQUIREMENTS- 

WEIGHT*^) 
PENALTY, AW 
(LB./SQ. FT.) 

DESIGN CONCEPTS 

SPAR 

SPACING, 

b 

(IN.) 

^SPAR 

(in2) 

^STRAP 

()N2) 

NO. 

STRAPS 

n 

CRACK 

WIDTH 

(IN.) 

HONEYCOMB SANDWICH 

20 

.181 

.862 

.733 

1 

20 

1.63 

METAL INSERTS 

30 

.209 

.785 

.667 

2 

20 

1.47 


40 

.262 

.922 

.784 

3 

20 

1.73 

HONEYCOMB SANDWICH 

20 

.088 

.733 

.733 

1 

20 

1.59 

DENSIFIED CORE 

30 

.088 

.667 

.667 

2 

20 

1.47 


40 

.100 

.784 

.784 

3 

20 

1.75 


NOTES: 

t1) AspaR 85% EFFECTIVE FOR THE METALLIC INSERT DESIGN; 100% EFFECTIVE FOR THE DENSIFIED 
COREDESIGN. 

(2) WEIGHT PENALTY EQUATION (EQUIVALENT PANEL WEIGHT): 

AW = 144p[{Aspar, FS”^SPAR,MIN^ •’^STRAp]/*^ 

WHERE; 

P = MATERIAL DENSITY, Ib./in3 
Aspar FS = SPAR CAP AREA REQUIRED FOR FAIL SAFE 
Aspar^mIN = SPAR CAP AREA MINIMUM DESIGN REQUIREMENT 
Astrap = STRAP AREA REQUIRED FOR FAIL SAFE 
n = NUMBER OF STRAPS REQUIRED 
b = SPAR SPACING 



6£-£l 


qi fl-RT.-R 13-18. SUMMARY OF WHSG PAMEL FAIL-SAFE AHALYSES - BDHEICOMB SABDraCH GOBCEPn 


DESIGN 

CONCEPTS 

POINT 

DESIGN 

REGION 

WING 

SURFACE 

spar 

SPACING 

(IN.) 

CRACK 

LENGTH 

(IN.) 

(IN.) 

REINFORCEMENT 

EFFICIENCIES 

MARGIN 

OF 

SAFETY 

WEIGHT*^^ 
PENALTY 
(LB/SQ FT) 

T 

if' 

HONEYCOMB 

40536 

LOWER 

20 

20 

10.70 

2.16 

0.89 

+0.00 

1.63 

SANDWICH, 



30 

20 

9.60 

2.10 

0.89 

+0.00 

1.47 

METALLIC 



40 

20 


2.19 

0.89 

+0.00 

1.73 

INSERTS 

40322 

LOWER 

20 

20 

15.81 

2.00+ 

0.98 

+0.31 

NONE 




40 

20 

23.27 

2.00+ 

0.98 

+0.01 

NONE 


41348 

LOWER 

20 

20 

12.74 

2.00+ 

0.87 

+0.00 

1.24 




40 

20 

13.66 

2.00+ 

0.87 

+0.00 

1 

1.41 

HONEYCOMB 

■ 

40536 

LOWER 

20 

20 

10.70 

2.16 

0.89 

1 

+0.00 

1.59 

SANDWICH, 



30 

20 

9.60 

2.10 

0.89 

+0.00 

1.47 

DENSIFIED 



40 

20 

11.20 

2.19 

0.89 

+0.00 

1.75 

CORE 

ITJCnDTC 

40322 

LOWER 

20 

20 

15.81 

2.00+ 

0.98 

+0.31 

NONE 

livoEiri 1 0 



40 

20 

23.27 

2.00+ 

0.98 

+0.01 

NONE 


41343 

LOWER 

20 

20 

12.74 

2.00+ 

0.87 

+0.00 

1.23 




40 

20 

13.66 

2.00+ 

0.87 

+0.00 

1.42 


(1) 2Ae - SUIVI OFTHE EFFECTIVE AREAS 


(2) t = SUM OF THE FACE SHEET THICKNESSES. 

(3) WEIGHT PENALTY (STRAPS AND/OR ADDED SPAR CAP AREA) TRANSLATED 
INTO EQUIVALENT SURFACE PANEL WEIGHT 
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TABIiE 13-19. SUMMRy OP TOfG PiU®L PAIL-SAPE AHALYSES - TRUSS-COBE SAHDWICH CONCEPT 


DESIGN 

CONCEPT 

POINT 

DESIGN 

REGION 

WING 

SURFACE 

SPAR 

SPACING 

(IN.) 

CRACK 

LENGTH 

(IN.) 

(1)(2) 

2Ae/t 

(IN.) 

REINFORCEMENT 

EFFICIENCIES 

MARGIN 

OF 

SAFETY 

(3) 

WEIGHT 
PENALTY 
(LB./SQ. FT.) 

7 


TRUSS-CORE 

40322 

LOWER 

20 

20 

1.40 

1.45 

0.97 

+0.00 

0.03 

SANDWICH 










DENSIFIED 



30 

20 

2.90 

1.63 

0.99 

+0.00 

0.04 

CORE 










INSERTS 



40 

20 

3.30 

1.67 

0.99 

+0.00 

0.04 


40536 

LOWER 

20 

20.2 

9.75 

2.11 

0.89 

+0.00 

1.36 




30 

19.8 

9.50 

2.09 

0.89 

+0.00 

1.43 




40 

19.9 

9.35 

2.08 

0.89 

+0.00 

1,45 


41348 

LOWER 

20 

20.4 

15.00 

2.54 

0.85 

+0.00 

1.24 




30 

20.6 

15.00 

2.57 

0.86 

+0.00 

1.34 




40 

19.6 

15.00 

2.54 

0.86 

+0.00 

1.35 


(1) S Ae = SUM OF THE EFFECTIVE AREAS 


(2) t= SUM OF THE FACE SHEET THICKNESSES 

(3) WEIGHT PENALTY (STRAPS AND/OR ADDED SPAR CAP AREA) TRANSLATED INTO EQUIVALENT SURFACE 
PANEL WEIGHT. 














In conclusion, sizeable weight penalties are required for both concepts in the 
highly loaded regions of the aft box and wing tip. 

Coiigposite Reinforced Spar Cap - Compooite reinforced spar caps were studlea for 
possible weight saving advantages. From the point of view of damage-tolerance 
design the multiple element characte'ristics (i.e,, load redistributed to remaining 
undamaged elements.) of the composite reinforced spar cap is vezy attractive. How- 
ever, when other factors such as manufacturing considerations, the possibility of 
debonding due to shear deformtion, and eccentricity due to a broken member are 
taken into account, the choice becomes less clear-cut. Obviously, a more detailed 
study is necessary before making a final selection. However, a simplified strength 
analysis was conducted to indicate the damage tolerance trends for this type of 
design. 

The detail dimensions of the Boron/polyimide reinforced spar caps are shown in 
Table 13-20 for the lower surface caps at point design regions 40322, 40536, and 
41348. 

The ultimate load carried in each individual metal or composite element, as well as 
the toteil ultimate road, was calculated at the above point design regions for 
the spar spacing values of 20 and 40 inches. The exception is the lower surface 

spar caps for 20 inch spacing at point design region 40322, Composite reinforce- 

ment was not used in this region due to the negligible weight saving indicated 
over the homogeneous metal design. The fail-safe analysis results are presented in 
Table 13-21. In review, all composite reinforced spar caps are daiaage-tolerant 

under the damage condition of a single broken element. The exception being the 

slightly negative margin (l-percent) indicated for the spar caps with 40 inches 
spacing at point design region 40322. Ho redesign of these caps was attempted since 
the strength analysis indicated the smaller spar spacings, between 20 and 30 inches, 
were also the least weight designs . 

Fuselage Analysis - The Task I design effort consisted of two phases ; first, an 
initial screening phase where the fuselage panel candidates were subjected to 
structural analysis to select the most promising concept(s); then an in-depth 
structural analysis of this (these) cottcept(s) to provide a sound basis for the 
fuselage detail design studies of Task IIB. 
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TABLE 13-20. SPAR CAP GEOMETRY - COMPOSITE REINFORCED CONCEPT 





SPAR CAP DIMENSIONS 


POlWT 

DESIGN 

REGION 

6rMn 

SPACING 

(IN,) 

h 

IIN.) 

b 

^IN.) 

H 

tm 

W 

im 

M 

(IN.) 

*2 

(IN.I 


20M) 

* 

— 


1.50 

.21 

.05 

LOWER 

SURFACE 

40 

.12 

.50 

1.00 

1.50 

.09 

.11 

A053Q 

-20 


too 

tzo 

2:50 

.12 

.13 

LOWER 

SURFACE 

40 

.07 

1,75 

1.20 

4.00 

.OB 

.13 

41348 

20 1 

.42 I 

too 

t2Q 

2.50 

.12 

.13 

LOWER 

SURFACE 

40 1 

,83 I 

t75 1 

1.20 , 

4.00 

.08 

.13 


(1) NO APPRECIABLE WEIGHT SAVINGS INDICATED, USED 
ALL METAL SPAR CAPS. 



TABLE 13-21. SUMMARY OP SPAR CAP PAIL-SAPE ANALYSES 
COMPOSITE REINFORCED CONCEPT 




TOTAL* IHZ) 

APPLIED LOAD, 
KIPS 

allowableOI 

MEMBER LOAD, 
KIPS 

DAMAGED CApW> 
ALLOWABLE LOAD 

|Pa>.kips 


POlNTtl^ 

DESIGN 

BGGION 

SPAR 

SPACING 

(IN.) 

PULT. 

PlIMIT 

METAL 

ELEMENT 

Pm 

COMPOSITE 

element 

Pc 

BROKEN 

METAL 

ELEMENT 

BROKEN 

COMPOSITE 

ELEMENT 

MARG1N<^> 

OF 

SAFETY 

40322 

40 

52 

34.7 

17.6 

8,6 

34,4 

43,4 

.01 

40S36 

20 

315 

210 

35.0 

70.0 

280i0 

245.0 

+.17 


40 

673 

449 

33,0 

160.0 

640,0 

513,0 

+.14 

4134B 

20 

271 1 

1 

180 

35,0 

i 

59,0 

236.0 

212,0 

+.18 


40 

633 

422 ■ 

33.0 

160.0 

600.0 

I 

483,0 

+.14 


n) LOWER SURFACE SPAR CAPS, MAXIMUM TENSION LOADS. 

(2) LIMIT load «|-X ULTIMATE LOAD 

(3J COMPOSITE element LOAD ARE UNIT VALUES, TOTAL LOAD SUSTAINED BY THE COMPOSITE 

ELEMENTS IS FOUR TIMES THE UNIT VALUES. 

(4j DAMAGED CAP ALLOWABLES: 

BROKEN METAL MEMBER BROKEN COMPOSITE MEMBER 

Pa-4XPc Pa-Pm + 3XPc 

MIN. Pa 

(5) MARGIN OF SAFETY - -5 ^-1 

plimit 


13-l^^ 

U'EIGSHAL PAGE IS 
irn? POCS GUMJT7 





Fail-safe analyses were conducted during each of the above phases to provide 
credence to the selection procediire used to define the most promising fuselage 
pEinel candidate. The analytical method described in Figure 13-10 was used iTith 
two types, of cracks being considered; (l) circumferential cracks, and (?) longi- 
tudinal cracks. For these two types of cracks in the fuselage, the methods of 
analysis for flat shell structure apply vTith the exception of a 50 percent reduc- 
tion in fracture toughness (k^) imposed on the cases involving longitudinal cracks. 
This reduction is based on a conservative estimation of the effects of curvature of 
the fuselage panels. 

For circumferential cracks, a damage condition of a tn-ro-bay creicfc vrLth one broken 
stringer was considered. The corresponding damage condition for the longitudinal 
cracks was a two-bay crack ■vri.th the intermediate frame broken, i.e,, a Uo inch 
crack for a fuselage frame spacing of 20 inches. 

The fuselage panel concepts analyzed in support of the initial screening effort 
were the zee-stiffened concept, open hat- stiffened concept, and the closed hat- 
stiffened concept. These concepts and their corresponding dimensions for the maxi- 
mum tension case (top centerline panels) are shown in Table 13-22. These dimensions 
were defined from the strength analysis (Section 12). 

A total of four fuselage stations were examined for damage-tolerance analysis, i.e., 
FS 750, FS 2000, FS 2500, and FS 3.000 as indicated on Figure 13-18. Different 
locations at each station were also examined. The fuselage maximum tension stresses 
are shorn in Table 13-23 for each of the concepts investigated in the initial screen- 
ing. Review of these stresses indicate areas that were designed up to the allowable 
ultimate design gross area stress (90,000 psi) commensurate iri.th the life and 
assumed fatigue quality of the fuselage. 

A sample of the fuselage fail-safe analysis is shovjn in Table 13-24, This analysis 
was conducted for each of the three candidate concepts at FS 2500. The panel 
geometry and applied stress state reflect the top centerline panel location. 

Positive margins of safety are indicated for each design for both the longitudinal 
and circumferential crack damage conditions. The lowest margins of safety are 
associated with the circumferential crack condition, vrith the minimum value 
(positive 3-p63?cent) occurring on the closed hat concept. 
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TABLE 13-22. FUSELAGE EAMEL GEOMETRY-IHITIAL SCEEMING 


POINT 

DESIGN 

REGION 

LOCATION 

PANEL 

CONCEPT 

FS2QOO 

AND 

FS300Q 

TOP 

ZEE STIFF 
OPEN HAT 
CLOSED HAT 

FS 2500 

TOP 

ZEE STIFF 
OPEN HAT 
CLOSED HAT 


FUSELAGE PANEL DIMENSION 


C f h tjt 

(IN.) (IN.) (IN.) (IN.) 


ZEE-STIFFENED 

HAT-STIFFENED (OPEN) 

HAT-STIFFENED (CLOSED) 

CONCEPT 

CONCEPT 

CONCEPT 


Figure 13-18. Definition of Fuselage Point Design Regions 
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SUMMARY OP fuselage: PANEL STRESSES, INITIAL SCREENING 




FUSELAGE SKIN STRESSES (ULT) - KSlJ^J 


FUSELAGE 

PANEL 

CONCEPTS 

FS 2000 AND FS30O0 


FS 2500 


LOCATION 



^xy 

»x 


^xy 

TOPIJ. 

PANELS 

ZEE STIFF. 

72.4 

12.0 


82.8 

12.0 

- 

(MAX. 

TENSION) 

HAT STIFF, 
(OPEN) 

77.3 

15.0 


90.0 

15.0 

“ 


HAT STIFF. 
(CLOSED) 

81.3 

15.0 

— 

90.0 

15.0 



{1} LIMIT STRESS = 2/3 ULTIMATE STRESS 


12) LOAD CONDITION: START-OF-CRUISE 

TABLE 13-2JI-. FUSELAGE PANEL FAIL-SAFE ANALYSIS, INITIAL SCREENING 



POINT DESIGN REGION - FS 2500 

ITEM 

ZEE STIFF 

OPEN HAT 

CLOSED HAT 

CRACK TYPE 

LONG. 

CIRCUM. 

LONG. 

CIRCUM. 

LONG. 

CIRCUM. 

LOCATION 

TOP impanel 

TOP PANEL 

TOP (t PANEL 

PANEL GEOMETRY 







tj, in. 

.ID 

.10 

.08 

.08 

.08 

.08 

bg, in. 

” 

4.00 

- 

5.00 

- 

6.00 

FRAME SPACING, IN, 

20.0 

- 

20.0 

- 

20.0 

- 

BEINF.PROP. 







AREAlAjMn^ 

.072 

*130 

.072 

.128 

,072 

170 

£Ag/t^, In, 
LIMIT STRESSESI^ 

1.44 

2.60 

1.80 

3.20 

1.80 

4.26 

ks1 

5S.1 

5S.1 

60.0 

G0.Q 

60.0 

60,0 

f^,ks| 

8.0 

8.0 

10.0 

10.0 

10,0 

10,0 

w 

- 

- 

- 

- 

- 

- 

FRACTURE TOUGH. 







kjj, ksl - VTrT. 

138 

138 

135 

135 

135 

135 

1/2 Nq, ksi - v7nl 

69 

- 

67.5 

- 

67.5 

^ 1 
1 

CRACK LENGTH 







L, in. 

40.0 

8.0 

40.0 ■ 

10.0 

40,0 

12.0 

REINF. EFFICIENCY 







y 

1.63 

1.40 

1.71 

1.48 

1.71 

1.53 

ALLOW, stressed 







Fg.ksl 

17,8 

63.3 

18,2 

63.1 

18.2 

61.6 

MARGIN OF SAFETY 

+1.22 

+0.24 

+0.82 

+0.05 

40.82 

+0.03 


NOTES: 

(1) ALLOWABLE FUSELAGE STRESS (Fgl ° Tlnkol/VT 
WHERE: n = 1, FOR CIRCUMFERENTIAL CRACKS 

n - 1/2, FOR LONGITUDINAL CRACKS 


r.;GINAL PAGE IS 
Ot POOR QUAIM 


(2) DESIGN LOAD CONDITION: START-OF-CRUISE 




A summary of the results of the fuselage fail-safe analysis conducted for the Task I 
initial screening is sho™ in Table 13-25. Positive margins are indicated; hence, 
there is no weight penalty associated with these designs. 

The initial screening of the fuselage concepts resulted in the selection of a struc- 
tural arrangement composed of the zee-stiffened and closed hat-stiffened panel con- 
cepts. With the zee-stiffened concept employed for the fuselage forehody region 
and the hat-stiffened design for the midbody and aftbody regions. The selection of 
this arrangement was based on the results Oj’ strength analysis since no weight 
penalties were associated with the fail-safe or sonic fatigue analyses. 

The most promising fuselage arrangement surviving the initial screening was analyzed 
in greater depth during the next Task I phase (petailed Concept Analysis). The 
strength analysis (Section 12) defined the internal forces/stresses and the required 
panel dimensions. These dimensions are shown in Table 13-26 for the four point 
design regions. A summary of the stress state at various circumferential locations 
is shown in Table 13-27. 

The fail-safe analysis conducted on the hat-stiffened concept at FS 2500 is shown 
in Table 13-28. Positive margins are indicated except for the side panel with a 
circumferential crack. A negative margin of 55-pe^cent is noted at this location, 
the weight penalty associated vri.th this location is shown on the following summary 
table. Table 13-29 summarizes the results of the fail-safe analysis conducted dur- 
ing the Task I Detail Concept Analysis. Negative margins are indicated at each 
point design region, with the maximum valve occurring at FS 2500 (negative 
55-percent). These areas required additional structure to meet the fail-safe require- 
ment, the weight penalty associated with this structure is also shown on this table. 
The weiyht penalty associated with the highest negative margin area (side panel 
at FS 2500) is 1.43 Ih/sq ft. 
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SUMMARY OP FUSELAGE EAHEL PAIL-SAPE AMLYSBBj IHITIAL SUEEEHIKJ 





POINT 

TYPE 

CRACK 

(1H2) 

REINFORCEMENT 

margin 

WEIGHT 

DESIGN 

PANEL 

DESIGN 

OF 

LENGTH. 

SAa/t 

EFFICIENCY 

OF 

PENALTY 

CONCEPT 

LOCATION 

REGION 

CRACK 

(IN.) 

(IN.) 

y 

SAFETY 

(LB/SQ. FT) 

ZEE-STIFF, 

TOP ({. 

FS2000 

LONG, 

40.0 

1.44 

1.G3 

+1.22 

NONE 

CONCEPT 

PANEL 

(MAX. 

AND 3000 

CIRCUM, 

8.0 

2.14 

1,37 

+0.3S 

NONE 


FS25Q0 

LONG* 

40.0 

t44 

1.63 

+1.22 

NONE 

TENSION) 





CIRCUM, 

8,0 

2.E0 

1.40 

+0,24 

NONE 

HAT.STIFF. 



FS2Q00 

LONG, 

40.0 

1.80 

1,71 

+0,82 

NONE 

(OPEN) 

CONCEPT 



AND 300Q 

CIRCUM, 

10.0 

2.85 

1.47 

+0.22 1 

NONE 



FS2500 

LONG. 

40,0 

1.80 

1.71 

+0.82 

NONE 






CIRCUM. 

10.0 

3,20 

1,48 

+0.05 

NONE 

HAT-S;TIFF. 



FS2000 

LONG. 

40.0 

'1 

1.80 

1,71 

+0.82 

NONE 

(CLOSED) 



AND 3000 

CIRCUM. 

12,0 

3.35 

1,53 

+0,10 

NONE 

CONCEPT 



FSZSOO 

LONG, 

40.0 

1.80 

1.71 

+0,82 

NONE 





CIRCUM. 

12.0 

4.25 

1,58 

+0,03 

NONE 


(1) 2 As = SUM OF THE EFFECTIVE AREAS 

(2) t = SKIN THICKNESS 


TABLE 13-26. FUSELAGE PABEL GEOMETRY - DETAILED CONCEPT MALYSIS 


POINT 

PANEL 

LOCATION 

FUSELAGE PANEL DIMENSION 

DESIGN 

bs 


C 

f 

h 

tfit 

t 

REGION 

CONCEPT 


(IN.) 

(IN.) 

(IN.) 

(IN.) 

(IN.) 

(IN.) 

(IN.) 

FS750 

ZEE^ 

TOP 

4.0 

.036 

.65 

,75 

1,00 

.036 

.056 


STIFFENED 

SIDE 

4.0 

.036 

.55 

.75 

1.00 

,036 

.056 



BOTTOM 

4,0 

,036 

.55 

.75 

1,00 

.036 

.056 

FS 2000 

HAT- 

TOP 

6.0 

,080 

1,5 

,80 

1.25 

.070 

.145 


STIFFENED 

SIDE 

6.0 

.063 

1.5 

.75 

1.25 

.040 

,099 

FS2500 

HAT- 

TOP 

6.0 

,100 

1.5 

,80 

1.25 

,090 

.184 


STIFFENED 

SIDE 

6.0 

.063 

1.5 

.75 

1.25 

.050 

,109 

FS3000 

HAT- 

TOP 

6.0 

.080 

1.5 

,80 

1.25 

.070 

.145 


STIFFENED 

SIDE 

6.0 

.063 

1.5 

.75 

1.25 

.040 

.099 



BOTTOM 

6,0 

.090 

1,5 

,90 

1.25 

,090 

.177 




^st 


HAT-STIFFENED CONCEPT 
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TABLE 13-2T. SBMMAEY OP FUSELAGE PANEL STEESSES, 
DETAILED CONCEPT ANALYSIS 


LOCATION 



FUSELAGE SKIN STRESSES (ULT) - 

KSI^Il 



□ 

FS750 

FS 2000 

FS 2506 

FS3000 

(2) 

13) 

(2) 

^xy 

(2) 

|3) 

(2) 

W 

(2) 

fx 

(3) 

121 

^xy 

(2) 

fx 

(3) 

(2) 

W 

TOP 

31,8 

24,6 

1*6 

80.2 

1^5 

5.2 

90,4 

12.4 

7,0 

80.2 

12.4 

B,2 

SIDE 




12,4 

15,7 

21,6 

11,3 

15.9 

32.1 

12.4 

15.1 

21.6 

bottom 




- 

- 

- 

- 

- 

- 

-65.9 

11.2 

4,6 


ID LIMIT STRESS “2/3 ULTIMATE STRESS 


(2) MAXIMUM AXIAL STRESS |fx) AND SHEAR STRESS (f„v) CORRESPOND TO 
START-OF-CRUISE CONDITION 

(3) MAXIMUM HOOP STRESS (fg) CORRESPONDS TO M1.20 DESCENT CONDITION 


TABLE 13-28. FUSELAGE PANEL FAIL-SAFE ANALYSIS, 
DETAILED CONCEPT ANALYSIS 


ITEM 

POINT DESIGN REGION - FS 2500 

CRACK TYPE 

LONGITUDINAL 

CIRCUMFERENTIAL 

LOCATION 

TOP 

SIDE 

TOP 

SIDE 

PANEL GEOMETRY 






.090 

.063 

.090 

,063 

bg, in. 

6.00 

6.00 

6.00 

6,00 

REINFORCEMENT 

.036 

.035 

.175 

.090 

AREA (Ae), in^. 
LIMIT STRESSES 





fx , ksf. 

— 

- 

60,3 

7.5 

U ,ksi. 

8,3 

10.6 

— 


fxy# ksl. 

- 

- 

4.7 

21.4 

FRACTURE TOUGHNESS 





ko,ksi-Vin^ 

136 

128 

136 

128 

1/2 ko, ksi — yinT 

68 

64 


— 

CRACK LENGTH, In. 

40.0 

40.0 

12.0 

12.0 

REINFORCEMENT 

EFFICIENCIES 





7 

1.52 

1.58 

1.58 

1.52 


— 

- 

1.00 

0.34 

ALLOWABLE STRESSES 





Pg,ksi. 

16.3 

16.0 

61,8 

19.1 

Fj, ksi 

— 

- 

30.9 

9.5 

MARGIN OF SAFETY 

+0.97 

+0.51 

+0.02 

■0.55 
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TABLE 13-29- SUMMARY OF FUSELAGE PABEL FAIL-SAFE ANALYSES, DETAILED CONCEPT ANALYSIS 


DESIGN 

CONCEPT 

POINT 

DESIGN 

REGION 

PANEL 

LOCATION 

TYPE OF 
CRACK 

CRACK 

LENGTH, 

(IN.) 

2Ae/tt'*){2) 

(IN.) 

REINFORCEMENT 

EFFICIENCIES 

MARGIN 

OF 

SAFETY 

WEIGHT^^J 
PENALTY 
{LB/SQ FT) 

T 

4 ' 

ZEE-STIFF. 

FS750 

TOP 

LONG. 

40.0 

1.33 

1.63 



-0.12 

0.16 

CONCEPT 


TOP 

CIRCUM. 

12.0 

2.00 

1.42 

1.00 

+1.10 

NONE 

HAT-STIFF. 

FS 2000 

TOP 

LONG. 

40.0 

0.98 

1.55 


+0.97 

NONE 

CONCEPT 


SIDE 

LONG. 

40.0 

1.14 

1.58 

— 

+0.53 

NONE 



TOP 

CIRCUM. 

12.0 

3.38 

1.54 

1.00 

+0.11 

NONE 



SIDE 

CIRCUM. 

12.0 

2.28 

1.45 

0.49 

-0.09 

0.16 

HAT-STIFF. 

FS 2500 

TOP 

LONG. 

40.0 

0.80 

1.52 


+0.97 

NONE 

CONCEPT 


SIDE 

LONG. 

40.0 

1.11 

1.58 

— 

+0.51 

NONE 



TOP 

CIRCUM. 

12.0 

3.89 

1.58 

1.00 

+0.02 

NONE 



SIDE 

CIRCUM. 

12.0 

2.86 

1.52 

0.34 

-0.55 

1.43 

HAT-STIFF. 

FS3000 

TOP 

LONG. 

40.0 

0.98 

1.55 

■ 

+0.99 

NONE 

CONCEPT 


SIDE 

LONG. 

40.0 

1.08 

1.57 

— 

+0.57 

NONE 



BOTTOM 

LONG. 

40.0 

0.91 

1.54 

— 

+1.23 

NONE 



TOP 

CIRCUM. 

12.0 

3.38 

1.54 

1.00 

+0.11 

NONE 



SIDE 

CIRCUM. 

ilo 

2.79 

1,51 

0.49 

-0.05 

0.09 



BOTTOM 

CIRCUM. 

12.0 

— 

— 


+ HIGH 

NONE 


NOTES: 

(1) 2Ae = SUM OF EFFECTIVE AREAS 

(2) t = SKIN THICKNESS 

(3) WEIGHT PENALTY (AW) « 23.04 At, FOR 6AL-4V TITANIUM; UNITS*- LB/SQ FT 
At = tps- tsTR; UNITS - IN. 
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Fail-Safe Analysis - Task II 

The Task IIB results of the fail-safe analysis on the strength/stiffness airplane 
are presented in the following sections. Fail*5afe analyses were not conducted 
during the Task IIA configuration change investigation and only a cursory analysis, 
indicative of that stage of design, was conducted on the strength design airplane 
of Task IIB. 

The structural approach incorporated on the Task IIB airplane was a hybridization of 
the Task I Chordwise and Monocoq.ue wing designs utilizing both metallic and composite 
materials with the fuselage being conventional skin/stringer design. This hybrid 
arrangement consists of the following concepts; 

• Wing-forward and aft boxes: metallic chordwise stiffened wing panels, 

convex -beaded concept, with submerged titanium and titaniiaa/composite 
reinforced spar caps. 

• Wing tip: Monocoque wing panels, 6 a 1-4V titanium honeycomb sandwich panels 

with aluminum brazed core, with metallic substructure and embedded rib/spar 
caps. 

• Fuselage-shell: Conventional skin/ stringer/ frame design utilizing Ti-6Al-4v 

material. 

Fail-safe analyses were conducted on these above concepts at the six wing and four 
fuselage point design regions. The wing locations are identical to the Task I loca- 
tions shown in Figure 13-13 i whereas, the fuselage locations were altered and are 
presented in Figure 13-19* 

The method of analysis and the available data used in determining the residual 
strength is as, outlined in Figure 13-10. 

Wing Panel Analysis - Each of the surface panel and spar cap concepts associated 
with the point design regions were analyzed on the final design airplane (strength/ 
stiffness). The convex-headed concept was employed at point design regions 40322, 
40236 and 40536; with regions 41036, 4l3l6, and 41348 being honeycomb sandwich panels. 

In addition to a summary of the results, the basic assumptions, geometry, stress 
levels, and sample analyses are included for the point design regions. 
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The panel geometry for convex-headed and honeycomh sandwich panels are shown in 
Tables 13-30 and 13-31. These data reflect the results of the strength and stiff- 
ness requirements imposed on the Final Design airplane. All designs are strength 
designs with the exception of the honeycomh sandwich panels at regions Il3l6 and 
413U8 which are the stiffness designs resulting from the flutter optimization 
investigation . 

Preliminary fail-safe analyses of these designs indicated several panels were defi- 
cient in meeting the fail-safe criteria. For these deficient regions, 40536 and 
4-1036, the panel geometry and associated stress level were adjusted with the new 
panel geometry being shown in Table 13-32. The weight penalties associated with 
these geometry changes and any added weight penalties associated with fail-safe 
requirements are included in the final results. The flight conditions and stress 
levels for the maximum tension condition are shown in Table 13-33. These skin 
stresses are ultimate values and, after reduction to limit values, are used as the 
basis for the fail-safe analysis. With reference to this table. Conditions 12 and 
l4 (Ml. 25 Climb condition at 2.5-g and -1-g) are the predominant tension conditions 
for the lower and upper surface panels respectively. The exception being the maxi- 
mum tension conditions for the upper and lower panels at point design region 40236 
and the lower panel at region 40322. The critical tension conditions for these regions 

are the M 1.25 c.Timb condition at V„ and the start-of-cruise condition respectively, 

u 

For the convex-beaded surface panels, the outer skin was treated as a flat panel 
with the inner beaded skin considered to be the reinforcement. The effective area 
(Ag) of the reinforcement was taken to be one-third of inner-bead with the reinforce- 
ment parameter (SA^/t) equal to two-times the effective area divided by the outer 
skin thickness. 

A damaged condition of a three-pitch outer skin crack with two broken reinforcing 
stiffeners (inner beads) was selected. This r'rulted in crack lengths between 
T“inches to 10-inches for the convex -beaded panels. 

The outer skin fracture toughness value (^q), and the reinforcement efficiency (Y) 
and shear correction factor (^4) were determined as outlined in Figure 13-1 J. 


13-52 


PO!WT DESIGN REGIONS 



40322 

40236 

40536 

DESIGN DATA 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

SPACING, In. 







RIB 

60.0 

60.0 

60.0 

60.0 

60.0 

60.0 

SPAR 

22.7 

22.7 

21.2 

21.2 

21.2 

21.2 

DIMENSIONS 







tL, In. 

.013 

.015 

.015 

.020 

.023 

.019 

ty. In. 

.015 

.020 

.015 

.020 

.026 

.020 

R^r in. 

.80 

1.00 

.80 

1.00 

.90 

.70 

G, degrees 

87 

87 

87 

87 

87 

87 

b, in. 

.75 

.75 

.75 

.75 

.75 

.75 

pitch, in. 

2.35 

2.75 

2.35 

2.75 

2.55 

2.15 

WEIGHT DATA 







t. In. 

.033 

.041 

.036 

.048 

.058 

.046 

W,lb./sq.ft. 

.760 

.945 

.829 

1.11 

1.34 

1.05 

CRITICAL DESIGN COND. 

12 

20 

16 

16 

12 

12 


DIMENSIONS: 

















TABLE 13 - 31 . EIEG PAUEL GEOMETRY - TASK IIB 
HONEYCOMB SAHDX-JICH PANELS 


POINT DESIGN REGIONS 


DESIGN DATA 


SPACING, in. 

RIB 

SPAR 

DIMENSIONS 
H, in, 
tq, in. 
t£. in. 
tg,in. 

S, in. 

WBGHT DATA 
t, in. 

W, lb./sq.ft 

CRITICAL DESIGN COND. 


41036 

41316 

41348 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

60.0 

60.0 

40.0 

40.0 

40.0 

40.0 

21.2 

21.2 

40.0 

40.0 

30.0 

30.0 

.642 

.202 

1.00 

.500 

1.00 

.500 

.026 

.023 

.062 

.075 

.068 

,068 

.018 

.028 

.062 

,075 

.068 

.068 

.002 

,002 

.002 

.002 

.002 

.002 

.275 

.500 

1 

.500 

.500 

.500 

,500 

.052 

.052 

.131 

.153 

.143 

.139 

1.20 

1.20 

3.02 

3.52 

3.29 

3.20 

12 

12 

FLUTTER 

FLUTTER 

FLUTTER 

FLUTTER 


DIMENSIONS 


EXTERIOR SURFACE 



' S = CELL SIZE 
, t-= CORE FOIL 
1 THICKNESS 

T 










TABLE 13-32. REVISED liJIIfG 





DESIGN DATA 
SPACING, in. 


CONVEX BEADED 


UPPER 


40536 

~ LOWER 


RIB 

SPAR 


60.0 

21.2 


60.0 

21.2 


DIMENSIONS 


in. 

V'n. 

R[_, In. 

0, deg, 
b, in. 
pitch, in. 

WEIGHT DATA 

in. 

W, lb./sq.fL 


.025 

.031 

.80 

87 

.75 

2.35 


.035 

.060 

1.25 
87 
.75 

3.25 


DESIGN COND. 


.065 

1.50 

FAIL-SAFE 


.110 

2.53 

FAIL-SAFE 


BL GEOMETRY - TASK IIB 




HONEYCOMB SANDWICH 


41036 

DESIGN DATA 

UPPER 

LOWER 

SPACING, in. 



RIB 

60.0 

60.0 

SPAR 

21.2 

21.2 

DIMENSIONS 



H, in 


0.50 

t^, in. 


.041 

t2,in. 


.041 

tp. In. 

.002 

.002 

S, in. 

.500 

.500 

WEIGHT DATA 



t, in. 

.073 

.085 

W,lb./sq,ft 

1.68 

1.96 

DESIGN COND. 

FAIL-SAFE 

FAIL-SAFE 


t2 



tp = CORE FOIL THICKNESS 





TABLE 13-33. SOMMAHY OF WING PANEL SKIN STRESSES - TASK IIB 


» 



PANEL 

CONCEPT 

POINT 

DESIGN 

REGIONS 

SPACING 

(in.) 


PANEL SKIN STRESSES (ULT.) - 

- ksi. 



UPPER SURFACE 

LOWER SURFACE 

SPAR 

RIB 

COND.^2) 



^xy 

CDND.^2) 

^x 

V 

^xy 

CHORDWISE 

40322 

22.7 

60.0 

14 

3.15 


1.20 

20 

24.20 

— 

8.27 

CONVEX- 












BEADED 

40236 

21.2 

60.0 


14.58 

— • 

9.55 

16 

52.95 

— 

18.42 


40536 

21.2 

60.0 

■■ 

18.98 


22.95 

12 

10.00 

— 

18.60 

MONOCOQUE 

41036 

21.2 


14 

19.90 

35.40 

20.90 

12 

16.40 

41.40 

23.30 

HONEYCOMB 

SANDWICH 

41316 

40.0 


14 

7.94 

52.20 

16.65 

12 

9.30 

72.70 

19.80 


41348 

30.0 

40.0 

14 

5.44 

26.53 

9.50 

12 

11.30 

1 

48.40 

16.80 


1. LIMIT STRESS = 2/3 ULTIMATE STRESS 

2. CRITICAL TENSION FLIGHT CONDITIONS, NASTRAN CONDITION NUMBERS 















I 
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The detailed fail-safe calculations for the convex-beaded panels are presented in 
Table 13-34 and indicated positive margins for all regions. A minimum positive 
margin of 3-percent is noted on the upper surface panel at region 40536. The panel 
geometry analyzed for region 40536 reflects the adjusted panel cross-sections shown 
in Table 13-30. The weight penalty associated with this change is included in the 
stimmary table of the wing panel results. 

The honeycomb sandwich panels at point design regions 41036, 4l3l6, and 41348 were 
analyzed on the Final Design airplane. The panel geometry and dimensions were pre- 
viously shown in Tables 13-31 and 13-32. These panels incorporated the densified 
core design for attachment to rib and spar webs. Figure 13-20 presents the minimum 
design requirements for these attachment areas. 

The damaged condition was a two-bay crack with a broken reinforcement (strap or 
spar /rib attachment) and both face sheets damaged. A maximum crack length of 
20 inches was assumed. 

The Task I monocoque panel damage configurations shown in Figure 13-l6 are appro- 
priate for the Task II designs. 

The effective area (A^) of the strap or densified core attachment, see Figure 13-20, 
was considered to be the area of the straps/doublers. For the densified core design 
the core was considered to be ineffective. 

For the three honeycomb panel regions the face sheet thicknesses were equal and the 
sum of these thicknesses (t^ *2^ taken to be the skin thickness (t) in calcu- 

lating the ratio SA /t. The fracture toughness values, and the parameters V and 
were determined from Figure 13-10. 

Table 13-35 presents the fail-safe calculation for the honeycomb sandwich panels. 

The panel geometry specified on this table for region 4l036 reflects the adjusted 
panel cross-sections defined in Table 13-32. A minimum positive margin of safety 
of 1-percent is shown for the lower surface panels at point design regions 41036 
and 41316, all other margins range between 5-Percent to 50-percent. For this 
analysis the required strap area has been determined to obtain a positive margin 
with a minimum strap area of 0. 06 inches being defined. 
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TABLE I3-3U. \imG PANEL FAIL-SAPE ANALYSIS - TASK IIB 
CONVEX-BEADED PANELS 


ITEM 

POINT DESIGN REGIONS 

40322 

40236 

40536 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

SPACING, in. 







SPAR 

22.7 

22.7 

21.2 

21.2 

21.2 

21.2 

RIB 

60.0 

60.0 

60.0 

60.0 

60.0 

60.0 

DISTANCE BETWEEN 

7.05 

8.25 

7.05 

8.25 

7.05 

9.75 

UNBROKEN BEADS, In. 







CRACK LENGTH {L), in. 

7.05 

8.25 

7.05 

8.25 

7.05 

9.75 

y/t/ /m. 

2.66 

2.87 

2.66 

2.87 

2.66 

3.12 

LIMIT STRESSES, ksi 







COND. NO. 

0 

@ 

© 

0 

0 

© 


2.10 

16.13 

9.72 

35.30 

12.66 

6.70 

^xy 

0,80 

5.51 

6.37 

12.28 

15.30 

12.40 

1 

^xy^^x 

0.38 

0.34 

0.66 

0.35 

1.21 

1.85 

EFFECTIVE AREA {Ae), in2 

.014 

.019 

.016 

.025 

.026 

.053 

SKINTHICKNESS, in. 

.015 

.020 

.015 

.020 

.031 

.060 

SAe/t, in. 

1.87 

1.9Q 

2.13 

2.50 

1.68 

1.77 

FRACTURE TOUGHNESS 

80 

84 

80 

84 

104 

127 

k(j, ksi- VirL 







REINFORCEMENT EFF. 







Y 

1.33 

1.35 

1.35 

1.40 

1.32 

1.37 


0.91 

0.93 

0.79 

0.93 

0.61 

0.47 

ALLOWABLE STRESSES, ksi 







Fg -‘i^Y kg/yr 

36.4 

36.7 

32.1 

38.1 

31.5 

26.2 

Fs = 1/2 Fg 

18.2 

18.4 

16.1 

19.1 

15.8 

13.1 

MARGIN OF SAFETY 

HIGH 

+1.28 

+1.52 

+0.08 

+0.03 

+0,06 


L3-58 

































POINT DESIGN REGIONS 


ITEM 


SPACING, jn. 


4i036 


41316 


41348 


UPPER 


LOWER 


UPPER 


LOWER 


UPPER 


LOWER 


SPAR 

RIB 


21.2 

60.0 


ZT.2 

60.0 


40.0 

40.0 


40.0 

40.0 


30.0 

40.0 


30.0 

40.0 


PANEL DIMENSIONS 


t 2 , in. 
la 


.033 

.033 


.041 

.041 


.062 

.062 


.075 

.075 


.068 

.068 


.068 

.068 


REINFORCEMENT AREA 
SPAR CAP, in2 
STRAP, In2 


.094 

.060 


.074 

.070 


.086 

.060 


.088 

.330 


.086 


.086 

.060 


EFFECTIVE AREA 
Ae, In^ 

S Ae/(t-j +t 2 ), in. 

LIMIT STRESSES, ksi 
COND. NO. 

fx 

fy 

^xy 

f /f 
•xy' 'y 

FRACTURE TOUGHNESS 
^ot^MIN^' 

CRACK GEOMETRY 
DIRECTION 
LENGTH (L), ia 

REINFORCEMENT EFF. 


.06 

1.82 

14 

13.3 

23.6 

13.9 

0.59 

106 

CHORD 

20.0 

4.47 


.07 

1.71 

12 

10.93 

27.60 

15.50 

0.56 

114 

CHORD 

20.0 

4.47 


.06 

1.00 

14 

5.29 

34.80 

11.10 

0.32 

128 

CHORD 

20.0 

4.47 


.33 

4.4 

12 

6.20 

48.47 

13.20 

0.27 

132 

CHORD 

20.0 

4.47 


0.0 

0.0 

14 

3.63 

17.70 

6.33 

0.36 

130 

CHORD 

20.0 

4.47 


0.06 

0.88 ■ 

12 

7.50 

32.30 

11.20 

0.35 

130 

CHORD 

20.0 

4.47 


V 

ALLOWABLE STRESSES, ksi 


1.52 

0.81 


1.48 1.37 

0.83 0.93 


1.74 1.00 

0.95 ■ 0.91 


1.36 

0.91 


Fg v/r 

Fs = 1/2 Fg 

MARGIN OF SAFETY 


29.2 

14.6 

+ 0.05 


31.3 

15.6 

+ 0.01 


36.5 

18.2 

+ 0.05 


48.8 

24.4 

+ 0.01 


26.5 

13.2 

+ 0.50 


36.0 

18.0 

+ 0.11 
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The calculations of the weight penalties associated with the wing panel concepts 
are shown in Table 13-36. This includes both the convex-beaded and honeycomb sand- 
wich designs. This table includes the minimum design requirements (strength) and 
the fail-safe requirements for the spar caps, straps, and panels. All honeycomb 
panels require fail-safe straps at approximately 10-inch spacing. The exception 
being the lower surface panel at point design region 413^8 which is capable of 
support limit load with a 20 inch crack and requires no additional reinforcement. The 
convex-beaded panel concepts require no additional reinforcement other than the 
panel geometry revi'‘ions for the upper and lower panels at region 40536. 

A summary of the wing panel fail-safe results is presented in Table 13-37. This 
table summarises the pertinent fail-safe data, margins of safety, and the corre- 
sponding weight penalties. The largest weight penalty associated with the convex- 
beaded concept is 1.47 pounds /square foot for the lower panel at region 40536. 
Similarly, the maximum penalty for the honeycomb panel concept is 0.84 pounds/square 
foot for the lower panel at region 41036. No added structural reinforcement (weight 
penalty) is required on the convex-beaded concept at regions 40322 and 40236 or the 
lower surface honeycomb sandwich panel at region 41348. 

Wing Spar Analysis - The composite reinforced spar cap in the aft wing box were 
analyzed to define their damage tolerance. This included the spar caps associated 
with point design regions 40236, 40536, and 41036. 

The detail dimensions of these titanium caps reinforced with unidirectional Boron/ 
polyimide (B/PI) are shown in Table 13-38, These sections incorporated a constant 
metal substrate with the area of the B/PI reinforcement varied to meet the strength 
requirements. A maximum composite thickness of approximately 0.60 inch was required 
for the lower surface spars at regions 40236 and 40536. Conversely, the minimum 
thicknesses occur on outboard region at 41036. 

Similar to the analysis conducted in Task I, a simplified strength analysis utilizing 
the multiple element characteristics of these spars was conducted to define the 
damage tolerance trends. Table 13-39 summarizes the results of this analysis. The 
flight condition and corresponding loads for the maximum tensi on case were defined 
by scanning the final design loads, see Section 11, Point Design Environment. As in 
the wing panel analysis , Conditions 12 and l4 were the most critical flight conditions . 
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TABLE 13-36. mm PAMEL ^i/EIGHT PEIJALTY — TASK TIB 





PANEL 

MIN. DESIGN 

FAIL-SAFE REQUIREMENTS 





DIMENSIONS 

REQUIREMENTS 






POINT 



SPAR 

RIB 

PANEL 

SPAR 

PANEL 

SPAR 

STRAP 


WEIGHT 

DESIGN 



SPACING 

SPACING 

THK., t 

AREA, 

THK. 

AREA, 

AREA, 

NO. 

PENALTY 

REGION 

DESIGN 

SURFACE 

b. On.) 

a, (in.) 

(in.) 

(in2) 

(in.) 

(in2) 

(in2) 

STRAPS 

(Ib./sq. ft.) 

40322 

CONVEX- 

UPPER 


60.0 

0.033 



— 


— 

— 

NOM.E 


BEADED 

LOWER 


60.0 

0.041 

— 

— 

— 

— 

— 

NONE 

40236 

CONVEX- 

UPPER 


60.0 

C.036 

— 

— 

— 

— 

— 

NONE 


BEADED 

LOWER 


60.0 

0.048 

— 

— 

— 

— 

— 

NONE 

40536 

CONVEX- 

UPPER 

21.2 

60.0 

0.058 

— 

0.065 

— 

— 

— 

0.16 


BEADED 

LOWER 

21.2 

60.0 

0.046 

— 

0.110 

— 

— 

— 

1.47 

41036 

HONEYCOMB 

UPPER 

21,2 

60.0 



0.073 

0.060 

0.060 

1 

0.55 


SANDWICH 

LOWER 

21.2 

60.0 



0.085 

0.070 

0.070 

1 

0.84 

41316 

HONEYCOMB 

UPPER 

— 

40.0 

0.131 

0.086 

— 

0.060 

0.060 

3 

0.10 


SANDWICH 

LOWER 


40.0 

0.153 

0.088 

— 

0.330 

0.330 

3 

0.71 

41348 

HONEYCOMB 

UPPER 

30.0 

4O.0 

0.143 

0.086 



— 

— 

2 

NONE 


SANDWICH 

LOWER 

30.0 

40.0 

0.139 


— 

0.060 

0.060 

2 

0.09 


WEIGHT PENALTY EQUATION (EQUIVALENT PANEL WEIGHT) 

AW = 144P[(tpANEL, FS^^PANEL, min) + (AsPAR, FS “ ^SPAR, MIN **■ " AsTRAP)/W 

WHERE: 

P = MATERIAL DENSITY, 0.160 lb./in3 

tpANEL FS = PANEL THICKNESS REQUIRED FOR 
FAIL-SAFE 

tpANEL MIN = PANEL THICKNESS, MINIMUM 
DESIGN REQUIREMENTS 

b = SPAR SPACING 


AsPAR. FS = SPAR CAP AREA REQUIRED FOR FAIL-SAFE 

AsPAR min = SPAR CAP AREA, MINIMUM DESIGN 
' REQUIREMENT 

AsTRAP = STRAP AREA REQUIRED FOR 
FAIL-SAFE 

n= NUMBER STRAPS 
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TABLE 13-37. SUMMARY OF TOIG PANEL FAIL-SAFE ANALYSIS HYBRID 

ARRANGEMENT - TASK IIB 


DESIGN 

CONCEPT 

POINT 

DESIGN 

REGION 

WING 

SURFACE 

SPACING 

CRACK 

LENGTH 

(in.) 

SAe/t 

(in.) 

REINFORCE- 

MENT 

EFFICIENCY 

MARGIN 

OF 

SAFETY 

WEIGHT 
PENALTY 
(Ib./sq. ft.) 

SPAR 

(in.) 

RIB 

(in.) 

Y 


CONVEX-BEADED 

PANELS 

40322 

UPPER 

LOWER 

22.7 

22.7 

60.0 

60.0 

7.05 

8.25 

1.87 

1.90 

1.33 

1.35 

0.91 

0.93 

LARGE 

+1.28 

NONE 

NONE 

40236 

UPPER 

LOWER 

21.2 

21.2 

60.0 

60.0 

7.05 

8.25 

2.13 

2.50 

1.35 

1.40 

0.79 

0.93 

+1.52 

+0.08 

NONE 

NONE 

40536 

UPPER 

LOWER 

21.2 

21.2 

60.0 

60.0 

7.05 

9.75 

1.68 

1.77 

1.32 

1.37 

0.61 

0.47 

+0.03 

+0.06 

0.16 

1.47 

HONEYCOMB- 

SANDWICH 

PANELS 

41036 

UPPER 

LOWER 

1 

21.2 

21.2 

60.0 1 
60.0 

20.0 

20.0 

1.82 

1.71 

1.52 

1.48 

0.81 

0.83 

+0.05 

+0.01 

0.55 

0.84 

41316 

UPPER 

LOWER 

40.0 

40.0 

40.0 

40.0 

20.0 

20.0 

1.00 

4.40 

1 

1.37 

1.74 

0.93 

0.95 

+0.05 

+0.01 

0.10 

0.71 

41348 

UPPER 

LOWER 

30.0 

30.0 

40.0 

40.0 

20.0 

20.0 

0.88 

1.00 

1.36 

0.91 

0.91 

+0.50 

+0.11 

NONE 

0.09 




POINT 

DESIGN 

REGION 


SPAR 

SPACING 

(in.) 


h 

{in.} 


40236 

UPPER 

LOWER 


21.2 .38 

21.2 .62 


40536 

UPPER 21.2 

LOWER 21.2 


.38 


.58 


41036 

UPPER 21.2 

LOWER 21.2 


10 

12 



SPAR CAP DIMENSIONS 


H 


W 


(in.) 

(in.) 

(in.) 


(in.) 

1.00 


m 

n 

B 

1.00 



■■ 

■a 

1.00 


2.50 

B 

B 

1.00 


2.50 

B 

■fl 

1.00 

1.20 

■ 

B 

n 

1.00 

1.20 

■1 

■9 

a 





































TABLE 13-3? 


'UMMARY OF SPAB CAP FAIL-SAFE ANALYSES COMPOSITE 
EEIHFORCED CONCEPT - TASK IIB 


s 

POINT 

DESIGN 

REGION 

SPAR 

SPACING 

On.) 

T0TALAPPLIED(1)(2) 

LOAD, KIPS 

MEMBER ALL0WABLE(3) 
LOAD, KIPS 

DAMAGED CAP (4) 
ALLOWABLE LOAD 
(Pa), KIPS 

MARGIN(5) 

OF 

SAFETY 

COND 

NO. 

PULT 

Plimit 

METAL 

ELEMENT 

Pm 

COMPOSITE 

ELEMENT 

Pc 

BROKEN 

METAL 

ELM. 

BROKEN 

COMPOSITE 

ELM. 

40236 










UPPER 

21.2 

14 

190.2 

126.8 

35.5 

55.9 

223.6 

203.2 

+0.60 

LOWER 

21.2 

12 

391,2 

260.8 

33.6 

89.4 

357.6 

301.8 

+0.16 

40536 










UPPER 

21.2 

14 

176.3 

117.5 

35.5 

55.5 

222.0 

202.0 

+0.72 

LOWER 

21.2 

12 

364.9 

243.3 

34.5 

82.6 

330.4 

282.3 

+0.16 

41036 










UPPER 

21.2 

14 

62.3 

41.5 

37.5 

16.0 

64.0 

85.5 

+0.54 

LOWER 

21.2 

12 

115.5 

77.0 

37.1 

19.6 

78.4 

95.9 

+0.02 


1. MAXIMUM TENSION LOADS 

2. LIMIT LOAD = 2/3 ULTIMATE LOAD 

3. COMPOSITE ELEMENT LOAD ARE UNIT VALUES, TOTAL LOAD SUSTAINED BY THE COMPOSITE ELEMENTS 
IS FOUR TIMES THE UNIT VALUES. 

4. DAMAGED CAP ALLOWABLES: 

BROKEN METAL MEMBER BROKEN COMPOSITE MEMBER 

Pa = 4XPc Pa = Pm +3 X Pc 

MIN. Pfl 

5. MARGIN OF SAFETY = — - 1 

plimit 



-4 



-I 


From the strength analysis, the ultimate load carrying capahility of each member 
of the cross-section was defined. For example with reference to Table 13-39 9 the 
metallic substrate of the upper spar caps at point design region 1+0236 has an 
allowable of 35*5 kips and each of the four composite members are capable of with- 
standing a load cf 55-9 kips. 

A damage condition of a single broken member {composite or metal substrate) with 
the applied limit load redistributed to the remaining undamaged members was con- 
sidered. The allowable loads for the damaged conditions and margins of safety are 
also included on Table 13-39* In summary, all composite reinforced caps are fail- 
safe with a minimum positive margin of 2 -percent existing on the lower spar cap at 
point design region hl 036 . 

Fuselage Analysis - The Task II fuselage fail-safe analyses were conducted to define 
the damage-tolerance capability of the strength design fuselage and assess the 
weight penalties associated with meeting the fail-safe req,uirements. 

The analytical method outlined in Figure 13-10 was used with two tjrpes of cracks 
being considered: Circumferential and longitudinal cracks. Similarly to Task I, a 

50 -percent reduction in fracture toughness (K^) was imposed on the Task II analyses 
involving .ongitudinal cracks, irrith no reduction in for the circianferentlal crack 
conditions. 

The assumed fuselage damage configurations are presented in Figure 13-21. For the 
circumferential crack condition, a damage condition of a two-pitch skin crack with 
the intermediate stringer broken was considered. This damage condition results in 
crack lengths fi’om 8 inches to 12 inches. This figure also represents the damage 
condition for the longitudinal cracks, which is a two-bay crack with the inter- 
mediate frame or fail-safe strap broken. As shown on this figure, the most critical 
damage condition is a longitudinal skin crack under the hat-stiffener. This 
condition is the most severe since manufacturing difficulties preclude adding 
straps at the fuselage frame under the hat-stiffeners. Therefore for this condi- 
tion crack lengths equal to two-full frame spacings, approximately 40 inches, were 
considered. 
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Four fuselage point design regions were analyzed in support of the detail engineering 
studies. The final design fuselage incorporates the zee-stiffened panel concept at 
FS T50^ and the hat-stiffened concept at FS I9IO, 2525* and 29OO. The panel geometry 
for each of these stations are shown in Table 13-^0. The circumferential location 
is identified by the equivalent NASTRM model panel identification number as shown 
on Figure 13-22. 

The fail-safe analysis indicated the locations where basic panel geometry changes were re- 
quired. As a result , panels 23^103 and 23itlOU at FS 1910 and panels 234805 and 234806 at FS 2525 
were amended. The revised section properties for these panels are shown in Table 13-41. 

A summary of the meiximum tension stresses for selective locations at the point 
design regions is presented in Table 13-42 and includes the adjusted stresses levels 
for the revised panels- The critical tension stresses are specified for the crack 
condition being investigated, i.e., maximum hoop stress for longitudinal cracks and 
maximum axial (meridional) stress for the circumferential crack condition. For 
ease in reporting, selective panels at each point design region have been redefined 
as top, side, and bottom panels. With reference to Figure 13-22, the top definition 
refers to the upper-most panel at each region, i.e., the panels with the NASTRAN 
identification numbers (six digit number) ending with the digits 01. Similarly, 
side and bottom refers to the panels ending with the 06 and 09 digits, respectively. 
Hereafter, this terminology is used for the fuselage analysis. 

The fuselage was subjected to a comprehensive fail-safe analysis which included all 
circumferential panels at each of the point design regions. A sample of the fuse- 
lage analysis is shown in Table 13-43 for the top and side locations at point design 
region 2525* This example covers both the longitudinal and circumferential crack 
conditions. Positive margins are noted for each location, with a minimum margin of 
1-percent noted at the side panel for the circumferential crack condition. All 
other margins are 50-percent or higher. These calculations reflect reinforcement 
straps for the longitudinal crack analysis and the revised side panel geometry pre- 
viously discussed and presented in Table 13-41. 

A sample of the weight penalty calculations are presented in Table 13-44 for point 
design region FS 2525* This table indicates the weight parameters (panel thickness 
and strap area) associated with the individual panel meeting the fail-safe require- 
ments. In addition, the average equivalent panel thickness (t) and unit weight (w) 
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TABLE 13-i*0. FUSELAGE PANEL GEOMETRY - TASK IIB 


POINT 

DESIGN 

REGION 

PANEL 

CONCEPT 

CIRCUMF. 

LOCATION 

FS 900 

ZEE- 

STIFFENED 

233301- 

233307 

FS1910 

HAT- 

STIFFENED 

234101 

234102 

234103 

234104 

234105 

234106 

FS 2525 

HAT- 

STIFFENED 

234801 

234802 

234803 

234804 

234805 

234806 

FS2900 

HAT- 

STIFFENED 

235101 

235102 

235103 

235104 

235105 

235106 

235107 

235108 

235109 



FUSELAGE PANEL DIMENSIONS 


C f h ^st t 

(in.) (ia) (in.) (in.) (in.) 


036 .55 0.75 1.00 .036 .056 





1.5 

0.80 

1.25 


.089 

.04 

1.5 

0.80 

1.25 

.03 

.069 

.04 

1.5 

0.80 

1.25 

.03 

.069 

.04 

1.5 

0.80 

1,25 

.03 

.069 

.05 

1.5 

0.80 

1.25 

.04 

.089 

.05 

1.5 

0.80 

1.25 

.06 

.109 

.07 

fa 

0.80 

1.25 

.08 

.149 
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POINT 

DESIGN 

REGION 

PANEL 

CONCEPT 

FS900 

ZEE- 

STIFF. 

FS1910 

HAT- 

STIFF. 

FS 2525 

HAT- 

STIFF. 

FS 2900 

HAT- 

STIFF. 


C 

(in.) 

f 

(in.) 

(in.) 

^st 

(in.) 

t 

(in.) 


TABLE 13-41. REVISED FUSELAGE PAHEL GEOMETRY - TASK I IB 


FUSELAGE PANEL DIMENSIONS 

bg tg Q 

LOCATION (in.) {in.} (in.) 


NO CHANGES 


234103 6.0 .05 

234104 6.0 .05 


234805 

234806 


NO CHANGES 


ZEE-STIFFENED CONCEPT 


HAT-STIFFENED CONCEPT 


































TABLE 13-it2. SUMMARY OF FUSELAGE PANEL STRESSES - TASK IIB 



FUSELAGE SKIN STRESS (ULT.) - ksi^'^J 


LOCATION 

TYPE OF 
CRACK 

FS 900 

FS1910 

FS 2525 

FS 2900 

COND 

B 


^xy 

COND 


^0 

^xy 

COND 

B 

^0 

^xy 

COND 

B 

CD 

^xy 

TOP 

CIRCUIVI. 

25 

34.8 


1,77 

28 

57,6 


1.14 

26 

52.1 

— 


26 

39.2 


Bi 


LONG. 

22 


34.3 

— 

20 

- 

17,1 

3,23 

20 

— 

17.1 

By 

20 


17,1 

|g 

SIDE 

CIRCUM. 

24 

12.1 


1.70 

22 

6.0 

wM 

8.00 

m 

5.15 

■ 

18.3 

20 

30.8 


m 


LONG. 

20 

- 

34.3 

1.22 

20 


19,9 

12.3 

9 


12.0 

2.20 

20 


29.8 


BOTTOM 

CIRCUM. 

— 

— 

— 

— 

— 

— 

— 

— 

— 

— 


— - 

m 

71.4 


ig 


LONG. 





■ 

’ 

■ 

■ 



■ 


m 


17.1 

B 


1. LIMIT STRESS = 2/3 ULTIMATE STRESS 

2. SEE SECTION 11, TABLE 11-38 FOR DEFINITION OF LOAD CONDITIONS 






















































TABLE 13 - 43 . FUSELAGE PANEL FAIL-SAFE ANALYSIS 
TASK IIB, POINT- DESIGN REGION PS 2525 


ITEM 


CRACK TYPE 


LOCATION 

PANEL GEOMETRY 
tg, in. 
bg, in. 

b (frame spacing), in. 

REINFORCEMENT AREA 
Ae, in.^ 

SAe/tg, in. 

LIMIT STRESSES 
COND. NO. 
fj(, ksi. 
f0, ksi. 
fxy, ksi. 

FRACTURE TOUGHNESS 
ko, ksi - yiiil 
1/2 ko, ksi - yin. 

CRACK GEOMETRY 
LENGTH (L), in. 

yiI7vAn^ 

REINFORCEMENT EFF. 

V 


POINT DESIGN REGION FS252B 


LONGITUDINAL 


SIDE 


21.25 I 21.25 

(fail-safe strap) 

.06 [ .06 

1.71 1.20 


11.4 

0.78 


42.5 

6.52 


CIRCUMFERENTIAL 


.070 

6.0 

(panel stiffener) 
.161 
4.6 


12.0 

3.46 


ALLOWABLE STRESSES 

Fg=Yil'ko/yr 17.3 

Fg = 1/2 Fg 8.64 

MARGINS OF SAFETY 

Axial (MS = Fg/f-1) +0.52 

Shear +HIGH 


17.4 

8.73 

+1.18 

+HIGH 
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TABLE I^USELAGE PAHEL FAIL-SAFE VffilGHT PEMLTY - TASK IIB, 

POIHT DESIGE REGION FS 2525 




FAIL-SAFE REQUIREMENTS 




PANEL 

STRAP 


PANEL 

CIRCUM 








PANEL 

t 

A 

b 

t 

St 

Cj 

(in.) 

REGION/CONCEPT 

LOCATION 

(in.) 

(in^) 

(in.) 

(in.) 

(in.) 

FS 252b 

234801 

(TOP) 

— 

0.060 

21.25 

0.0028 

0.0028 

39.64 

HAT-STIFFENEP 
PANEL CONCEPT 

234802 

— 

0.060 

21.25 

0.0028 

0.0028 

29.72 

■L_T i_r 

234803 

— 

0.060 

21.25 

0.0028 

0.0028 

23.68 

234804 

— 

0.140 

21.25 

0.0066 

0.0066 

17.86 


234805 

0.090 

0.060 

21.25 

0.0028 

0.0928 

11.82 


234806 

(SIDE) 

0.100 

0.060 

21.25 

0.0028 

0.1028 

11.90 


AVERAGE VALUES 


t= 0.020 in.; W = 

0.46 lb./sq. ft. 



NOIWENCLATURE: 

t= EQUIVALENT SURFACE PANEL THICKNESS 
A = AREA OF FAIL-SAFE STRAP 
b = FRAME SPACING 
A/b = t (STRAP) 


St = t (PANEL) +t (STRAP) 

Ct = PANEL CIRCUMFERENCE 


6 /6 

t(AVG) = S Cj^/s C] 
i=1 /i=1 

W (AVG) = 23.04 X t (AVG) 























are calculated for the entire point design region, the respective values for FS 2525 
are 0.020 inches and 0.U6 Ib/sq ft. The added panel thickness requirements reflect 
the revised geometry shown in Table 13-^tl. Table 13-U5 summarizes the results of the 
Task II fuselage fail-safe analyses. This table presents a summary of the pertinent 
data derived from the detail calculations, indicates the margin of safety and weight 
penalty associated with the specific panels, and the average weight penalty for the 
entire point design region. All regions required additional structure to meet the 
fail-safe requirements. The highest weight penalty, 0.46 Ib/sq. ft., was associated 
with the raid- body region at FS 2525. The aftbody region at FS 29OO exhibited the 
highest fail-safe capability i.e., lowest weight penalty, 0.10 Ib/sq. ft. 

In general, selective panel stiffening was required to meet the circumferential 
crack criteria; whereas, all regions required circumferential fail-safe straps to 
attain the longitudinal crack ciriteria. 


13-T5 


13-T6 


TABLE 13-45 - SUMMARY OF FUSELAGE FAIL-SAFE ANALYSES - TASK IIB 








REINFORCE- 










MENT 


WEIGHT PANELTY {AW) 


POINT 



CRACK 

S Ae/tl‘‘)<2) 

EFFICIENCIES 

MARGIN 

(lb,/jq. ft.) 

DESIGN 

DESIGN 

PANEL 

TYPE OF 

LENGTH 



OF 


POINT DESIGN 

CONCEPT 

REGION 

LOCATION 

CRACK 

tin.) 

fin.) 

y 

SAFETY 

PANEL 

REGION 

ZEE-STIFF. 

FS 900 

TOP 

CIRCUM 

8,0 

2,0 

1.36 

1.00 

+1.25 

NONE 




SIDE 

CIRCUM 

8.0 

2.0 

1,36 

0,98 

+ HIGH 

NONE 

(0.25) 



TOP 

LONG 

21.5 

7.2 

1,97 

1.00 

+0.01 

0.25 



SIDE 

LONG 

21.5 

7.2 

1.97 

0.99 

+0.01 

0.25 


HAT-STIFF. 

FS1910 

TOP 

CliRCUM 

1Z0 

3.5 

1.55 

1.00 

+0.51 

NONE 


CONCEPT 


SIDE 

CIRCUM 

12,0 

4.1 

1.57 

0.58 

+2.11 

NONE 

(0.22) 



TOP 

LONG 

44,3 

1.7 

1.75 

0.97 

+0.46 

0.06 



SIDE 

LONG 

44.3 

5,0 

2.20 

0.80 

+0.02 

0.15 


HAT-STIFF. 

FS 2525 

TOP 

CIRCUM 

12.0 

4.6 

1.61 

1,00 

+0.74 

NONE 


CONCEPT 


SIDE 

CIRCUM 

12.0 

3.2 

1.53 

0.40 

+0.01 

2.34 




TOP 

LONG 

42.5 

1.7 

1.75 

0.99 

+0.52 

0.06 

\U.HuJ 



SIDE 

LONG 

42.5 

1.2 

1.70 

0.97 

+1.18 

0.06 


HAT-STIFF. 

FS 2900 ! 

TOP 1 

i 

CIRCUM 

12.0 

4.1 

1.58 

1.00 

+1.27 

NONE 


CONCEPT 


SIDE j 

CIRCUM , 

12.0 

3,2 

1.53 ! 

0,87 

+1.11 

NONE , 




BOTTOWl 

CIRCUM ' 

12.0 

4.6 

1.60 

0.99 

+0.25 

NONE 

(0.10) 



TOP 

LONG 

42.0 

1.7 ' 

1.70 

1,00 

+0,50 

0.07 



SIDE 

LONG 

4Z0 

10.0 

2,77 

0.86 

+0.04 

0,22 




BOTTOM 

LONG 

42.0 

1.7 

1.70 

0,96 

+0.44 

0.07 



NOTES; 


1. SAg = SUM OF EFFECTIVE AREAS 

2 . t = SKINTHICKNESS 

3. PANEL WEIGHT PENALTY POINT DESIGN REGION WEIGHT PENALTY 

Atj - AtpANEL'*'AsTRAP/'^ A^JaVG. SCjAtj/2C| 

AWj = 144pATj= 23.04 ATi AW = 23.04 ATavg. 

WHERE; Atj = EQUIVALENT SURFACE PANEL THICKNESS OF PANEL 

ATavg = AVERAGE SURFACE PANEL THICKNESS OF FUSELAGE CROSS-SECTION 
C| = CIRCUMFERENCE OF |th SURFACE PANEL 
AtpANEL = ADDITIONAL THICKNESS OF PANEL FOR FAIL-SAFE 
AstraP = STRAP AREA OF PANEL FOR FAIL-SAFE 
b - FRAME SPACING 
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ACOUSTICS 


INTRODUCTION 


E^erience gained in the development of aircraft structural design has demonstrated 
the importance of a coordinated design program in which sonic fatigue prevention 
plays an integral part. 

The principal congidnents of any sonic fatigue prevention program are: (l) a 
definition of the aircraft's acoustic environment; and (2) the design of structure 
which will withstand the acoustically induced loads without fatigue cracking. 

Each of these aspects involves a comhined analyticeil and experimental approach. 

Due to the preliminary nature of this investigation, only a preliminary assessment 
of the sonic fatigue capability of the structural configurations could be ascer- 
tained for the supersonic cruise aircraft. This assessment was conducted in the 
following steps: 

• The acoustic environment was estimated for the baseline airplane during 
take-off. 

• The methods of analysis and associated design charts were defined for use 
in the detail analysis. 

• Selective wing and fuselage surface panels were analyzed to assess the 
relative merit of the structural concepts. 

The results of this assessment are reported in the following text under the 
titles: sonic environment, methods, and analysis. For continuity, the results 

of the Task I analysis (wing and fuselage) are presented in their entirety 
followed by the results of the Task II analysis. 


SONIC ENVIRONMENT 

The acoustic environment to which the baseline airplane is subjected during 
takeoff was estimated from empirical free field acoustic levels generated by an 
existing turbojet engine. The engine selected for the supersonic cruise airplane 
study is a Mach 2. 7 duct burning turbofan engine, designated the BSTF 2.7-2. 
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A schematic drawing of this engine is shown in Figure lU-1 with the engine 
parameters listed, in Table lU-1. The acoustic environment generated hy the 
"baseline turbofan engine was estimated by adjusting the empirical acoustic levels 
to account for the differences in the geometric characteristics of the engines, 
the operating parameters and the presence of structure within the acoustic field. 

In support of the Propulsion-Airframe Integration Study , reported in Section 19 » 
the acoustic environment in terms of overall sound pressure levels (OASPL) »nd 
octave band levels was defined for the same engine mounted further forward than 
the baseline location. The engine location for these two designs are presented 
in Figure lk~2. 


Reference Contours 

The acoustic environment is based on jet near— field noise prediction methods given 
by Franken and Kerwin in Reference 1. The basis for the noise contours of this 
study was the acoustic levels defined by the above investigators for an existing 
turbojet engine, Figure lU-3. These data reflect a circular nozzle with an exhaust 
area of 0.66 sq. ft. and an exhaust velocity of I 85 O ft, per sec. These referenced 
contours were extrapolated and scaled to the baseline airplane dimensions , 

Figure 19-1. The scaled contours were then adjusted to reflect the differences in: 

• Engine geometric characteristics. 

• Operating parameters . 

• Presence of structure within the acoustic field. 
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Figure 1^-1. Duct Burning Turbofan Engine - Mach 2.? 


TABLE . PROPULSION SYSTEM PARAMETERS 


Engine ; 

Nianber of engines; 

Noise suppression: 

Inlet /nozzle: 

Thrust /weight — {lift off): 
Lift off Speed; 

BSTF 2.7-2 duct burning turbofan 
U 

FAR 36-5 

Axi syimnet ri c / vari able c onver gen t- divergent 
0.36 

Mach 0 . 30 

Scale Factor: 

1.0 (Ref.) 

I.1U7 

Net thrust, lb. (A) 

78,000 

89^466 

Engine weight, lb, (B) 

ll,lU3 

12,781 

ACAP, ft^ 

33.1 

38.0 

DIIAX, in. 

90 

96. U 

DCOMP, in. 

79. 

85.0 

DNOZ, in. 

90 

96. U 

LENG, in. 

255 

267.5 

LINLET, in. 

189.3 

203.9 

Study Application 

Task I 

Task II 


(a) SLS, Max, Power, uninstalled 
(B) Includes reverser and suppressor 
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RADIAL DISTANCE FROM JE1 NOZZLE, Y/D 



AXIAL DISTANCE FROM JET NOZZLE, X/D 

Figure l4-3. Near- Field Noise Contours - Reference Turbo-Jet Engine 
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Engine Characteristics 


The following table defines the engine nozzle area and exhaust velocity of the 
referenced engine and the turhofan engine used for the study. 



NOZZLE PARAMETERS 


Exhaust Area 

Exhaust Velocity 

ENGINE 

(Ffc.2) 

(Ft/Sec.) 

Referenced turbojet 

0.66 

I 85 O 

Duct btffning turbofan 

21.4 

2370 


Using these data, the values for the referenced contours were scaled to account for 
the difference in nozzle area and velocity. The nozzle area relationship is directly 
proportional to the area ratio; whereas, the velocity relationship is proportional 
to the velocity ratio to the eighth power. The change in the noise contours 
attributed to thd differences in exhaust velocity was calculated as follows: 

AdB = 80 iog^Q = 8.6U dB 

In addition, the noise suppressor attentuation was estimated from the predicted 
values given by General Electric for their AST engine, Reference 2. For the 
BSTF 2 . 7-2 duct burning turbofan with 2lt00 ft. per see. exhaust velocities the 
estimated noise attenuation is 1^.5 dB* Ih summary, the incremental changes 
attributed to the e;.gine geometry and noise suppressor are shown in the following 
table. 


ITEM 

Changes Over 

Reference Engine Noise Contours 

Nozzle area 

+ 15.12 dB 

Velocity ratio 

+ 8.64 dB 

Noise suppressor 

- 14.50 dB 

AdB 

+ 9.26 dB 


From these results, 10 dB were added to each contour shown in Figure l4-3. 








Addition of Noise 


The noise contours for each engine overlapped the noise of the other engines. 
Therefore, the noise at a given point was determined hy adding the noise in pairs. 
To expedite these logarithmic calculations Table l4-2 was used. An explanation of 
the use and the limiting conditions are included on this table. 


Structure 'Within the Field 

To account for the presence of structure within the acoustic field, the reflected 
acoustic wave was assumed to cause a pressure doubling near aircraft surfaces. 
Therefore, 6 dB was added to the noise at each point. 


Isointensity Contours 

The OASPL was determined using the reference contours (Figure lU-3) and the calcu- 
lated incremental changes associated with the AST design. Isointensity contours 
were defined for each of the engine locations (Figure lU-2) after OASPL had been 
defined at sufficient points. Figure lU-lt displays the isointensity contours for 
the baseline engine location and Figure lU-5 presents the corresponding contours for 
the forward mounted engine. 

The peak fre( 3 ueney was determined by consideration of the Strouhal number, 

(Sjj^ = fD/V). Assuming a Strouhal number of 0.3, commensurate with a supersonic jet 
with a 5*^ tube nozzle, and solving the equation explicitly for the frequency f, 
a peak frequency of 995 Hz is obtained. The calculations are as follows: 


r 


TABLE l4-2. COMBINING SOUND PRESSURE LEVELS IN DB'S 


LIWHTATIQWS; USE OF THIS TABLE LIMITED TO THE TWO FOLLOW- EXPLANATION OF TABLE: THE GROUP OF NUMBERS BENEATH THE 

!NG CONDITIONS: BOLD NUMERAL AT THE TOP OF EACH BOX, REPRESENTS THE 

A COMBINATIONS OF SINE WAVES NO TWO OF WHICH HAVE THE DIFFERENCE IN DB, BETWEEN ANY TWO SOUND PRESSURE LEVELS, 

SAME FREQUENCY. M ^ •* 2 ' > ^2) 


B. ANY COMBINATION OF RANDOM NOISE SOURCES, WITH OR THE VALUES IN THE RIGHT HAND COLUMN OF EACH BOX ARE THE 

WITHOUT COMBINATIONS OF SINE WAVES. NUMBER OF DB TO BE ADDED TO Li TO OBTAIN THE RESULTANT 

OF Li & L2 IN DB. 









































































6-iiT 



Figure l4-5. Overall Sound Pt^essure Level - Forward Mounted Engine 






Tute area 


= 0,396 ft 2 


Tube Diameter 


/ ttx.396 
V 3,li» = 


0.712 ft. 


and from the Strouhal number equation 


f = 


.30 X 2370 

.712 


= 995 Hz 


The spectrum shape was then determined by comparison -of spectra from several 
suppressor nozzles and is shown in Figure lU~6. The octave band noise contours at 
the center frequency were determined by subtracting the values shovm in Figure lJ*-6 
from the OASPL displayed in Figures l!i-4 and lU-*5. Iri tabular form these values 
are: 


PEEQUENCY (Hz) 

AdB 

63 

-15 

125 

-l4 

250 

-12 

500 

-10 

1000 

- 6 


Figures lU-7 through ll-ll present the noise contours for the baseline engine 
placement for octave band levels with 63, 125j 250, 500, and 1000 Hz center 
frequencies respectively. Figure 11-12 through 1I-16 give the corresponding 
noise contours for the forward mounted engine . 


METHOD OF ANALYSIS 

The two most important properties of structure from the standpoint of sonic 
fatigue resistance are: (l) its resonant frequencies j ai.d (2) its "quality of 

detail design". 

The first of these is important because excitation of a structure at its resonant 
frequency can induce stresses in the structure on the order of 50 times as great 
as those which would result from the same load applied statically. 
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Figure V'-6. Exhaust Noise Spectra 
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Figure l4-U. 1000 Hz. Octave Band Pressure Levels - Baseline Engine Location 
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For ;;tructure which must withstand hroadband random noise, the ri^sonant condition 
cannot be avoided. Therefore adequate stiffness must be designed into the 
structure to keep the acoustically induced stresses sufficiently low to avoid 
fatigue cracking. 

The amplitude of vibratory response which the structure can withstand for a 
satisfactorjr period of time without fatigue cracking is highly sensitive to the 
"quality of detail design", the second property mentioned above. This is a 
consequence of the fact that it is not the average or "nominal" value but the 
"maximum" value of the vibratory stresses which limits the fatigue life of a 
stinicture. Therefore, it is important to give careful attention to the details of 
design in order to avoid high concentrations of stresses in localized areas. 

Because of the dependency of fatigue resistance on the quality of detail design, it 
is not possible to predict the fatigue life of a panel by analysis alone. There- 
fore design charts were used which are based on the analysis of the response of 
structure to broadband random excitation for which fatigue allowables are chosen 
to be consistent with fatigue test data for typical aircraft structure. These 
charts were determined by the analytical and empirical approaches of References 3 
and U. 

For the analysis, design charts were used for three different types of panels; 
they were ; 

• Orthtropie panels which have unequal stiffness properties along the two 
principal axes, e.g., convex-beaded and hat-stiffened wing panel concepts. 

• Monocoque panels which exhibit appreciable stiffness in both axes and 
plate theory is applicable, e.g.. honeycomb sandwich panels. 

• Unstiffened akin panels for analysis of the skin vibrating as a plate 
between stiffeners , 

The series of design charts used to analyze the orthotropic panel concepts were 
obtained from Reference 3 and are shown in Figure I^i-IT. This figure outlines the 
design charts used for determining the allovfable spectrum level and natural fre- 
quency of the panel. Figure lk-17a and respectively. In addition for com- 

pleteness, the applied sound spectrum level is shoim in Figure l4-lTc, 
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FIGURE 14-17a 
ALLOWABLE SOUND 
SPECTRUM LEVEL 


FIGURE 14-17b 
NATURAL FREQUENCY 


FIGURE 14-17C 

ENVIRONMENT SPECT. LEVEL 
WING POINT DESIGN REGIONS 


• PANEL ALLOWABLE SOUND SPECTRUM LEVEL (PER FIGURE 14-17a) 

ALLOWABLE dB/Hz = FUNCTION (1AL.Z) 

• PANEL NATURAL FREQUENCY (PER FIGURE 14-17b.) 

NATURAL FREQ (Hz) = FUNCTION (LA,U 

• ENVIRONMENT SOUND SPECTRUM LEVEL (PER FIGURE 14-17c) 

• SONIC FATIGUE MARGIN (ALLOWABLE SOUND SPECTRUM LEVEL - ENVIRONMENT SOUND SPECTRUM LEVEL) 


Figure II4-IT. Orthotropic Panel Sonic Fatigue Design Chart 
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The monocoque concepts, honeycomb sandwich wing panels were analyzed for both 
fane sheet and edge failure modes. Design charts based on the empirical equations 
presented in Reference U were used in the analysis of these concepts. A sample 
design chart for determining the face sheet allowable sound spectrum le-vel is shown 
in Figure lU-18. The corresponding honeycomb sandwich design chart for the edge 
capability is presented in Figure 83 of Reference U. The fundamental frequency was 
calculated using the method presented in the above reference and is shown in 
Figure IU-I 9 , 

The skin panel charts of Figure lU-20 outline the method used to determine the 
capability of the skin between stiffeners. The natural frequency and allowable sound 
spectrum level are found from Figures lU-20a and llt-20b, respectively. The applied 
sound spectrum level is included as Figure l4-20c. 

Sonic fatigue analyses require that the applied acoustic environment be defined in 
terms of sound spectrum levels (db/Hz). The sound spectr’an levels are a measure of 
the acoustic energy contained in a one Hertz bandwidth centered at a specified fre- 
quency. The sound spectrum levels were defined for the wing and fuselage point 
design regions for frequencies of 63, 125, 250, 500, and 1000 Hz. Figures lU~21 
and i 4-22 present the wing and fuselage sound spectrum levels, respectively. A 
smooth cixrve was constructed through the sound spectrvon. levels at these’ frequencies 
to approximate the spectral distribution of the acoustic environment. 

The above sound spectrum levels were determined for the baseline airplane by reducing 
the octave band noise level contours presented in Figures lU-7 through lU-ll to one 
Hertz bands. This was accomplished by subtracting the following values from the 
contour levels given in these figures. 


Frequency (Hz) 

AdB 

63 

16.5 

125 

19.5 

250 

22.5 

500 

25.5 

1000 

28.5 


As a relative merit of each structural concept a sonic fatigue margin was calculated. 
This margin, allowable panel sound spectrum level minus the applied sound spectrum 
level, allows the reader to numerically assess the capability of each concept. 


IU-2U 




CONSTANT K 



f miiMMa f — m 
I MWllWlVaBHU 
jMWKnwiaiMi 
iHlIlSkWBIHI 



unjsns&mmr 


wm 



SS! 


„ UM 

ajnui 


miasoKaiaaiaH 


iniMiKHIflMI 


■KSHS!I 



SOUND SPEC TRUM LEVEL (dE/Hz)^ 


^UHBns:r<6l!iQr^iiaiSa^&KI , 

^_mKSiKieiiBia«si9S§l 

mnmmam BS 


NATURAL FREQUENCY (Hz) 




300 400 500 

FREQUENCY (Hz) 
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SPECTRUM LEVEL 


FIGURE 14-20b 
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FIGURE 14-20C 

ENVIRONMENT SOUND SPECTRUM 
LEVEL WING POINT DESIGN REGIONS 


SKIN ALLOWABLE SOUND SPECTRUM LEVEL (PER FIGURE 14-20a) 
ALLOWABLE dB/Hz = FUNCTION (t,a.a/b) 

SKIN NATURAL FREQUENCY (PER FIGURE l4-20b) 

NATURAL FREQUENCY (f) = FUNCTION (t,a,a/b) 

ENVIRONMENT SOUND SPECTRUM LEVEL (PER FIGURE 14-20c) 

SONIC FATIGUE MARGIN (ALLOWABLE dB/Hz - ENVIRONMENT dB/Hz) 


Figure lii-20. Skin Panel Sonic Fatigue Design Chart 
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Figure lk-22. Fuselage Point Design Sound Spectrura Levels, Baseline Engine Location 
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SOKIC FATIGUE ANALYSIS - TASK I 


In conjunction irith the Task I analytical studies, the most promising wing and 
fuselage structural candidates surviving the initial screening were subjected to 
sonic fatigue evaluation. The wing candidates evaluated were the least weight 
concept representative of each of the three general types of load carrying 
structure, i.e., chordwise, spanwise, and monocoq,ue. Similar ily, the fuselage 
arrangement analyzed represented the combination of structural concept which 
afforded the minimum weight fuselage design. 


¥ing Analysis 

Sonic fatigue analyses are conducted on each of the wing concepts at the six point 
design regions . The upper and lovrer surface panels were analyzed at each point design 
region. Figure l*t-23 presents these point design regions overlayed on the structu- 
ral model planform. 

The general types of wing structure and the most promising surface panel concept 
foi- each type were: 

• Chordwise - Circular arc convex-beaded concept. 

• Spanwise - Hat-stiffened concept. 

• Monocoq,ue - Honeycomb sandwich concept. 

The panel cross-sectional properties for the convex-beaded concept (chordwise 
arrangement ) are shown in Tables l^t-S and 1I+-L. These data reflect the results 
of the strength analysis conducted to define the minimum weight design and the 
associated spar spacing. For the minimum wel^t chordwise design, convex-beaded 
concept, a spar spacing of approximately 20 inches resulted in the least weight 
design. The sonic fatigue capability of the surface panels for this configuration 
were evaluated at the six point design I'egions . 

The surface panel geometry for the least weight spanwise arrangement, hat- 
stiffened concept, is shown in Tables l^t-? and lU-6. The minimum weight rib 
spacing for this concept is approximately 30 inches. 

Similarly, the panel geometry for the honeycomb sandwich concept, least weight 
raonocoque concept, is shown in Tables l4-7 and l4-8. The minimum weight panel 
dimensions are 20 inches by 60 inches, spar and rib spacing respectively. 
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TABLE 14-3 - WING PANEL GEOMETRY, TASK I CHORDl-IISE AEEANGEMEHT - CONVEX BEADED CONCEPT 


POIMT DESIGN 
REGION 

SURFACE 


SPAR tml 
SPACING 


40322 


40536 


41348 


UPPER 


LOWER 


76 I 1.02! ^1, , ,76 
40 20:: 30 


(in) gpi 30 40 20:: 30 40 



DIMENSIONS : 

tjj (in) .021 .031 ■ .020 .025 

tu (in) .025 .026 .020 1 .025 

Bji (in) 1.2 1.4 rjlp-' 1,4 1.8 

6 (deg) I® 87 87 lj# i 87 87 


UPPER 


.76 

30 


LOWER 


.75 .75 :.;75;. .75 .75 


MASS DATA ; 

T (in) 


UPPER 


LOWER 


(1b/ft2) 


CRITICAL 

CONDITION 


20 2 


,G4T:J.049 .061 |x<>5f§|,085 .097 
^;.i^4dl.120 1,413 tesil.9B5 2.241 
31 


20 30 40 


.76 

1.02 

30 j 

40 


1.1 1.4 ] ;'0i7: 

87 87 


.020 

.023 

.030 

.038 


0.9 

87 

1 

87 

,75 

.75 


.084 ,095 
1.925 
31 i 31 31 


31 31 




PANEL CONCEPT: 

CIRCULAR ARC-CONVEX 
BEADED SKIN (h/c=0.10) 
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TABLE lJi-5. WING PMEL GEOMETRY, TASK I SPAHVJISE ARRANGEMENT-FLAT STIFFENED CONCEPT 



H 

uo 


POINT DESIGN REGION 

A0322 

40536 

41343 

SURFACE 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

RI3 

(m) 

0.51 

= U76 = 

1.02 

0.51 


1.02 

0.51 


1.02 

0.51 


1.02 

0,51 


1,02 

051 


152 

SPACING 

Itn.) 

20 


40 

20 

W^E 

40 

20 

WMB& 

40 

20 


40 

20 


40 

20 


40 

DIMENSIONS: 









WMBv 











ts 

(onl 

0.0660 

: ib8»- 

0.1110 

D.0520 

"^520‘ 

0.0530 

0.2260 


D.Z590 

0.2770 

P:7^. 

0.2670 

0.1480 

yvriiiQ^ 

0.2010 

0.1600 


0.1610 


On.) 

0.0260 

, d.035d- ■ 

0.0440 

0.0200 

:o.d200-; 

0.0210 

0.0890 


0.1020 

0.1090 

-.■0.1040;; 

0.1050 

0.0580 


0.0792 

0.0630 

:b>063p 

0.0640 


Icml 

2.2800 

? 

4.1700 

2,0100 


2.8800 

4.4600 


6.3700 

S.11D0 


G.4700 

a4ioo 


5.6100 

35700 

i;Ni4bo:.: 

5.0200 


On.) 

0.8960 


1.6420 

0.7910 


1.1330 

1.7570 


2.5000 

23)120 


aS490 

1.3440 


2.2090 

1.4050 


1,9790 

tw-tf 

(cm) 

0.0610 


0.1030 

0.0480 


0.0490 

a2030 


0.2390 

0.2550 


0.2460 

0.1360 


0,1860 

0.1470 

||p(4#di 

0,1490 


On.) 

. 

0.0240 

lo.bszo; 

0.0400 

0.0190 


0.0190 

0.0820 


0.0940 

0.1DDD 


0.0970 

0.0540 


0.0730 

0.0580 


0.0590 

bf 

(cm) 

O.GS30 


■».2500 

0.6020 


0.8640 

1.3400 

Emm 

1.9100 

1.52QD 


1.9400 

1.0200 


1.6800 

1.0700 


15100 


Oil) 

O.2B90 

Dl3830 

0.4930 

0.2370 


0.3400 

0.5270 

;:4^q£' 

0.7530 

0.6000 


0.7650 

0,4030 


0,6630 

0,4210 


05940 

b,.bf 

(cm) 

1.5900 

: ■ 2^?7w: : 

Z92O0 

1.4100 


2.0100 

3.1200 


4.4600 ; 

aSGOD 

ri;faedd;l 

4.5300 : 

Z3900 


3J930Q 

2.5000 

I’siAodl 

35200 


On.) 

0.6270 

:';o^3o=‘ ■ 

1.1500 

0.5540 


0.7930 

1.2300 

i 

j 

1.7570 

1.4010 


1.7840 j 

0.9410 


15470 

0.9830 


15860 

MASS DATA: 









1 



....J 



y!: j: ;:! :: •• ■: : 

■; ii;4306' ; 





r 

(cm) 

0.1 669 


0.2804 

0.1302 


0.1335 

0:5716 


0.6544 i 

0.6981 


0.0743 

03735 

05074 

0.4025 


0.4072 


(in.) 

0.0657 

: ] 

0.1104 

0.0512 

:i 0^1^: i: 

0.0526 

0.225Q 


0.2577 , 

0.274B 


P.2657 

0.1470 

^;pn^5|: 

0,1998 

0.1584 


0.1603 

w 

<I(g/m2) 1 

7.3900 

1 

12,4200 

5.7700 

tWmi 1 

5.9100 

25,3200 

:2^74D0, 

28.9900 i 

30.9000 


29.8900 

16.5400 

ji|d7qo-;; 

22.4700 

17.8200 


13.0400 


0b/ft2] i 

] 

1.S140 

.I2L0440: 1 

2.5430 

1.1810 


1,2110 

5.1850 


5.9370 1 

6.3300 


6L1220 

3.3880 


4.6020 

3.6510 


a6940 

CRITICAL CONDITION 

31 


31 

31 

WuM 

31 

31 

r" =• =•'=;. 

31 

31 

f.-.VtY.Y,.*..:... 

31 

31 


31 

31 


31 
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TABLE 1^1-6. WING PANEL GEOMETRY, TASK I SPAinCCSE ARRANGEMENT - FLAT STIFFENED CONCEPT 


POINT DESIGN REGIONS 

4D236 

41036 

41316 

SURFACE 

UPPER 

i_OWER 

UPPER 

LOWER 

UPPER 

LOWER 

RtB 

(m) 

0,51 


1.02 

r'™ 

051 


— 

1.02 

0.51 

' 0i76” 

1.02 

0-51 


1,02 

051 


1,02 

051 

JL78 

1.02 

SPACING 

On.) 

20 


40 

20 


40 

20 


40 

20 


40 

20 


40 

20 


40 

DIMENSIONS^ 

(cm) 

0,2090 


0.2650 

0.2260 


0.2300 

0.1600 


0.1960 

0.1850 


0.1 BOO 

0,2490 


0,2730 

0.2760 


0,2730 


(itiJ 

O.0B20 


0.1040 

0.0890 


0.0910 

0,0830 


0.0770 

0.0730 


0.0710 

O.09BQ 


0.1 DBO 

0.1 09D 


aiOBO 


1cm) 

4.2400 


8.4400 

4.4600 


6.0000 

3.5700 


5.54DO 

3.9100 


SJtOQ 

4,7400 


65400 

5.0600 


6,5400 

(in.) 

1.G6S0 


2-5360 

1.7570 


25640 

1.4050 


2.1800 

1-5400 


2.0900 

1,8670 


25750 

2.0020 

:-'2>3£^' 

2.5750 


(cm) 

0.1930 


0.2440 

0.2090 

mkis^ 

O51S0 

0.1470 


0.1 BIO 

0.1700 


0.1660 

0J2300 


0.2520 

0.2550 


0,2520 


(in,) 

0,0760 

liilHll; 

0.0360 

0.0870 


0.0840 

0.0580 


0.0710 

0.0670 

'x’ 

0.0650 

0.0900 


0.0990 

0.1000 

iiafpto: 

0,0990 

hf 

(cm) 

1,2700 


1.8300 

1.3400 


1.BD00 

1,0700 


1.6600 

1,1700 

fliw 

1.5900 

1,4200 

■ 

1,0600 

15200 


1.9600 


(in.) 

OJQOO 


0.7610 

0.5270 


0.7090 

0.4210 


0.8540 

0.4620 


0,6270 

0,5610 


0.7730 

0,6000 


0,7730 

b,-b, 

(cm) 

^9700 


45100 

3.1200 

:'3i200: 

4.2000 

2.5000 


3.8S00 

Z740O 


3,7200 

3,3200 


45800 

3,5600 


4,5800 

(in.) 

1.1680 


1.7750 

1.2300 

Mi#:: 

1.8550 

0.9830 ' 


1.52B0 

1,0780 


1,4630 

1,3070 


1.8030 

1,4010 

i W7Q- ! 

1,8030 

MASS DATA: 















■v-::;'; : ; 



^ ■ 


T 

(cm) 

0.5277 


0.7389 

0,5716 


0J5308 

0,4025 


0,4940 

0,4659 


0,4539 

0.6273 

::i3TOPft.; 

D.6BB9 

05981 

: -; 

0.6839 


(in.) 

0.2078 


0.2941 

0.22S0 


0.2287 

0.1584 


0.1945 

0,1834 


0.1787 

D.2470 ' 


0.2712 

0,2748 

l&m ■ 

OJ2712 

w 


23.3700 


33.0B00 

255200 


25.7200 

17.8200 

:SiSI 

21.8800 

20.6300 


20.1100 

27.7800 


30.51 DO 

30.9000 


305100 



4,7900 


6.7B90 

5.1800 


5.2700 

3.6500 

: um \ 

4.4800 

4,2300 


4.1200 

5.6000 


8.2500 

6.3300 


6,2500 

CRITICAL CONDITION 

31 


■ i 

31 

31 


31 

31 


31 

31 


31 

31 


31 

31 


31 


— 

l-l 

1 

, i 
“.Jr 

:3k: 

! l_i 



1 r 


HAT SECTION STIFFENED 


I 


































TABLE lU-8. WING PANEL GEOMETRY, TASK I MONOCOftUE ARRANGEMENT - HONEYCOMB SANDWICH CONCEPT 


POINT DESIGN REGION 

40236 

41036 

41316 

SURFACE 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

SPAR 

(m) 

0.^1 

0.76 

1.02 

. *,st: 

0.76 

1.02 

0<5V ; 

0.76 

1.02 

O.BI : 

0-76 

1,02 

::6,si. ; 

0.76 

1-02 

; PJSH 

0.76 

1.02 

j SPACING 

tin.) 

iiiiiii 

30 

40 

20 'i 

30 

40 

. 20''‘: 

30 

40 


30 

40 


30 

40 

20 

30 

40 

< RIB 

(m) 

1.^2 

TS2 

1.52 

132. ' 

1.52 

1.52 

■ 

1,52 

1.52 

1,6^; 

1.52 

1.52 

■:i52;;-: 

1.52 

1.52 

^JSZ 

1.52 

1.52 

I SPACING 


.. m : 

60 

60 


60 

60 

60, : 

60 

60 

60 

60 

60 


60 

60 

60 

GO 

GO 

ASPECT RATIO 

0,33 ^ 

aso 

0.67 

: 0.33.. 

0.50 

0.67 

0.G3 ^ 

0.50 

0.67 

iiiii 

0.50 

0.67 


0.50 

0.67 


0.50 

0.67 

dimensions 




















H 

(cm) 


2.883 

3.818 

1.059^ 

1.412 

Z3G0 

^ 1.760 

2.525 

3.254 

0.6S& 

0.848 


Wjm 

^545 

3,409 

0,488 

0.622 

0.808 


Bn.J 


1,135 

1.503 

0.41? ; 

0.556 

0.926 

, 0.693' 

0.994 

1.281 

^0,:^ 

0.334 

0,431 


1,002 

1.342 

0-.1I2 

0.245 

0.318 


{cm} 


0,122 

0.130 


0.188 

0.147 

,Q.om 

0.084 

0.091 

iiiii 

0.127 

0,114 


0.137 

0,145 

am 

0.173 

0.173 


(in.) 

tt.047 

0.048 

0.051 


0.074 

0.058 

0.033] 

0.033 

0.036 

0.04? 

0.050 

0.045 


0,054 

0.057 

ao70 

0.068 

0.068 

^2 

(cm) 


0.127 

0.130 

: 0>063 

0.117 

0-157 

0.034 

0,094 

0.094 

0,091 

0.031 

0.097 


0.137 

0.135 

6JB7 

0.163 

0.1 63 


(in.) 

a049 

o.oso 

0.051 

0.027 

0.046 

0.062 

0.033 

0.037 

0.037 


0.032 

0.038 


0.054 

0.053 

0.062 

0.064 

0.Q64 


(cm) 

O.60S 

0.0QS 

0.005 

0,005 

0.005 

0.005 

0,005- 

0.005 

0.005 

O.OC^ 

0,005 

0,005 


0.005 

0.0D5 

^ aoo5( 

0.005 

0,005 


(in.) 


aoo2 

0.002 

■ 0,002 

0,002 

0.002 

0.002 J 

0.002 

0,002 

OJ002 

0.002 

0.002 

■O.OQZ 

0.002 

0,002 

0-002 

Q.002 

0.002 

s 

(cm) 

oiSi47 

0.744 

0.729 

; i2?o 

1,270 

1.270 

0.74? 

0.767 

0.752 

1,270^ 

1.270 

1.270 


0,831 

0.726 

1,270 • 

1.270 

1.270 


(in.) 

i'ipii 

0.293 

0.287 

; 0,600 : 

0.500 

0.500 

0494; 

0,302 

0.296 

0.500' 

0.500 

0.500 


0.327 

0.286 

, 0500' 

0.500 

0.500 

mass DATA: 





: J 

; i 















T 

(cm) 

0^64 1 

0.284 1 

0.310 

0,310 

0.315 

0.323 

ai91 1 

0.208 

0.226 


0.213 

0.21B 


0,302 

0,323 


0,335 

0.338 


(In.) 

0.104 . 

0.112 

0.122 1 

: 0,122 

0.124 

0.127 

0.076 

0,082 

0.089 

, 

0.084 

0.006 


0.119 

0.127 

0.132^ 

0-132 

0.133 

w 

(kg - m '2) 

tt.674- j 

12.631 

13.715 

i 13.720 < 

13.964 

14.305 

8.393 

9.228 

9.989 

: 9.443^ 

9.477 

9.623 

"izl597:| 

13.412 

14.252 

14«57 

14.891 

15.009 


(Ib-frZ) 

: 2.^1 : 

2.587 

2.809 

; ‘2.^10 1 

2.860 

2.930 

:W19 

1.890 

^046 ^ 


1.941 

1.971 

<Z5i3^^ 

2.747 

2.919 

3.043 i 

3.050 

3,074 

Wc 

(kg - m -2) 

O.S1S 1 

1.592 

2.192 ' 


0.391 

0.723 

; 0.062 

1.377! 

1.836 

0.156 

0.225 

0.312 

rpje^l 

1,230 

1.938 

: 

0-103 

0-166 


(Ib'ft-Z) 

0.16? 

0.326 

0-449 

O.OSS 

0.030 

0.148 

0.197 

0.282 

0.376 

0.632 

0.046 

0.064 

?,p-156i 

0,252 

0,397 

lum 

0.021 

0.034 

Pc 

(kg - m-3) 

47.687 ^ 

60.390 

61.655 


35,433 

35.433 i 


58.724 

59.861 

:3B.433 

35,433 

35.433 

iojBie^ 

54.174 

6T959 


35-433 

35.433 


(Ib-fr3) 

1 2.877 

3.770 

3.849 

■zzn 

2,212 

Z212 

; = 

3,666 

3.737 I 

.Z212 

2,212 

2.212 

1 ;i,036.;; 

3.382 

3.863 

2.212 

2-212 

2.212 

CRITICAL CONDITION 

31 

31 

31 

'31. 

31 j 

31 

■'%i ' 

31 

31 

31- 

31 

31 


31 

31 

• ■3t : 

31 

31 


§ 

Si 




H 

•p- 

u) 


NOTE; tl) ASPECT RATIO “Lpx/LpY 

(2) BRAZE MATERIAL I^OT INCLUDED 



The exception being the lightly loaded point design region h0322 where a spar/rib 
spacing of 20 inches and 130 inches resulted in the least weight design. 

Chordwise Arranfcement - The convex-beaded concept was analyzed using the methods 
and resulting design charts described in the methods section. A summary of the 
sonic fatigue results is presented in Table lU-9. With reference to this table, 
the moment of inertia (l), area (A), and extreme fiber distance (Z) were calculated 
for these orthotropic panels and used in conjunction with the length to determine 
the allowable spectrum level. Figure lU-lTA. In addition, the applicable frequency 
chart (Figure lU-lTB) was used to define the resonant frequency of each panel. 

The corresponding environmental spectrum levels for these resonant frequencies 
were determined from Figure llt-lTC or lU-21. 

A summary of the sonic fatigue margins, difference between the allowable and 
environmental spectrum levels, are included in Table lU-9. A minimum margin of 
+9.^ dB/Hz is noted for the upper surface panel at point design region U1036. 

Spanwise Arrangement - The least weight spanwise concept (hat-stiffened) was 
analyzed similar to the method used for the chordwise arrangsnent. The panel 
properties (A, I, and Z) were calculated using the panel geometry defined in 
Tables ll+-5 and lh-6 for the 30 inch rih spacing and 60 inch spar spacing design, 

A summary of the spanwise wing panel analyses is presented in Table l^t-lO. The 
allowable spectrum level, panel natural frequency, and the applied environmental 
spectrum level were determined using the same design charts as described for the 
chordwise analysis , In conclusion, positive sonic fatigue margins exist on the 
spanwise concept at all point design regions with a minimum margin of +28.1 dB/Hz 
occuring on the lower surface panel at point design 1*13^8. 

Monocoque Arrangement - The honeycomb sandwich panels were analyzed using the 
methods and resulting design charts described in the methods section. Using these 
charts the allowable spectrum levels were determined for the panel edge and facing 
sheets. 

Table llt-11 summarizes the results of the Task I honeycomb panel analysis . 

Included on this table are the pertinent panel properties, natural frequency, 
allowable spectrum levels, and the applied environmental spectrum level. In 
addition the sonic fatigue margins are listed and indicated the strength reqtiire- 
ments are also adequate for sonic fatigue piuTJoses. 


iU-38 


6£-fri 


TABLE lU-9, SOMMaRY OF WBIG PAUEL SONIC FATIGUE ANALYSES - TASK I CHOEDI'rrSE ARRANGEMENT - CONVEX BEADED CONCEPT 


POINT 

DESIGN 

REGION 

WING 

SURFACE 

SPACING 

(in.) 

PANEL PROPERTIES*’’^ 

NATURAL*^) 

FREa (f) 
(Hz) 

SPECTRUM LEVEL*^**^’ 
(dB/Hz) 

SONIC*®’ 

FATIGUE 

MARGIN 

(dB/Hz) 

z , ■ 

(In.) 

A 

(in.^/in.) 

1 

(in.^/fn.) 

a 

b 

ALLOW. 

ENVIR. 

40322 

UPPER 

20 

60 

0.644 

0.036 

0.0018 

171.5 

115.5 

90.5 

-{■25.0 


LOWER 

20 

60 

0.681 

0.041 

0.0019 

167.7 

115.9 

90.6 

+25.3 

40236 

UPPER 

20 

60 

0.B14 

0.045 

0.0015 

142.0 

117.0 

101.5 

+15.5 


LOWER 

20 

60 

0.662 

0.056 

0.0027 

170.1 

119.0 

101.2 

+17.8 

40536 

UPPER 

20 

60 

0.687 

0.070 

0.0033 

166.8 

120.4 

101.6 

+18.8 


LOWER 

20 

60 

0.583 

0.058 

0.0024 

156.8 

119.4 

101.8 

+17.6 

41036 

UPPER 

20 

60 

0.604 

0.063 

0.0025 

154.5 

111.6 

102.2 

+9.4 


LOWER 

20 

60 

0.550 

0.057 

0.0018 

136.3 

118.0 

102.4 

+15.6 

41316 

UPPER 

20 

60 

0.764 

0.112 

0.0043 

151.4 

122.3 

105.2 

+17.1 


LOWER 

20 

60 

0.653 

0.087 

0.0031 

145.5 

121.0 

105.3 

+15.7 

41348 

UPPER 

20 

60 

0.691 

0.071 

0.0033 

166.3 

120.5 

106.1 

+14.4 


LOWER ^ 

1 

i 

20 

80 

0.530 

1 

0.059 

0.0013 

139-6 

118.9 

106.4 

+12.5 


NOTES: 1. PANEL PROPERTIES 

Z = DISTANCE FROM NEUTRAL AXIS TO EXTREME FIBER, in. 

A = CROSS-SECTION AREA PER UNIT WIDTH. in.2/in. 

I = MOMENT OF INERTIA PER UNIT WIDTH. in.^/in. 

2. NATURAL FREQUENCY PER FIGURE 14-17B 

3. ALLOWABLE SOUND LEVEL PER FIGURE 14-17A 

4. APPLIED SOUND LEVEL (ENVIRONMENT) PER FIGURE 14-21 

5. SONIC FATIGUE MARGIN = (ALLOWABLE dB/Hz- ENVIRONMENT dB/Hz) 
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TABLE 111- 10. SUMI^ABY OP WHIG PMEL SONIC FATIGUE ANALYSES - TASK I SPANV/ISE AEBANGEt>lENT - HAT STIFFENED CONCEPT 


POINT 

DESIGN 

REGION 

WING 

SURFACE 

SPACING 

(in.) 

PANEL PROPERTIES*''* 

NATURAL*21 

FREa (f) 
(Hz) 

SPECTRUM LEVEL*^**^* 
(dB/Hz) 

SONIC*®* 

FATIGUE 

MARGIN 

(dB/Hz) 

Z 

tin.) 

A 

Un.^/in.) 

I 

(in.^/ln.) 

a 

b 

ALLOW. 

ENVIR. 

40322 

UPPER 

60 

30 

0*894 

0.088 

0,0216 

169.7 

127.4 

90.6 

+36.8 


LOWER 

60 

30 

0*676 

0.051 

0.0072 

129.3 

121.5 

91.0 

+30.5 

40236 

UPPER 

60 

30 

1.^5 

0.224 

0.1410 

272.2 

137.5 

100.5 

+37.0 


LOWER 

60 

30 

1.440 

0.221 

0.1360 

269.6 

137,3 

100.5 

+36.8 

40536 

UPPER 

60 

30 

1.493 

0.234 

0.1550 

279.2 

137.9 

100.8 

+37.1 


LOWER 

60 

30 

1.590 

0.258 

0.1930 

296.8 

139.0 

100.7 

+38,3 

41036 

UPPER 

60 

30 

1.273 

0.175 

0.0B52 

239.2 

134.8 

101.6 

+33.2 


LOWER 

60 

30 

1.281 

0.177 

0.0871 

240.5 

134.9 

101.6 

+33.3 

41316 

UPPER 

60 1 

30 

1.550 

0.248 

0.1770 

289.5 

isae 

104.3 

+343 


LOWER 

60 

30 

1.638 

0.271 

0.2150 

305.7 

139.6 

104.2 

+35.4 

41348 

UPPER 

60 

30 

1.244 

0.167 

0.0779 

234.0 

134.3 

105.6 

+28,7 


LOWER 

60 

30 

1.207 

0.158 

0.0692 

227.2 

133.7 

105.6 

+28,1 


NOTES; 1. PANEL properties 

Z = DISTANCE FROM NEUTRAL AXIS TO EXTREME FIBER, In. 

A = CROSS SECTION AREA PER UNIT WIDTH, In.^An, 

I = MOMENT OF INERTIA PER UNIT WIDTH, in.^/in. 

2. NATURAL FREQUENCY PER FIGURE 14-17B 

3. ALLOWABLE SOUND LEVEL PER FIGURE 14-17A 

4, APPLIED SOUND LEVEL {ENVIRONMENT) PER FIGURE 14-21 

5, SONIC FATIGUE MARGIN = (ALLOWABLE dB/Hz- ENVIRONMENT dB/Hz) 





TABLE SUMMARY OP TifIKG PANEL SONIC FATIGUE ANALYSIS - TASK I MONOCOQUE ARRAIJGEI-IENT - HONEYCOMB SANDV7ICH CONCEPT 


POlWT 

DESIGN 

REGION 

WING 

SURFACE 

SPACING 

PANEL PROPERTIES^’’* 

NATURAl’ 2* 
FREQUENCY 
L (Hz) 

SPECTRUM LEVEl’^*’^* 
(dB/Hz) 

minimum’®* 

SONIC 

FATIGUE 

MARGIN 

(dB/Hz) 

a 

(in,) 

b 

(in.) 

^1 

(in.) 

Q 

El 

h 

(in.) 

FACE 

ALLOW. 

EDGE 

ALLOW. 

ENVIR. 

40322 

UPPER 

20 

130 

0.015 


0.066 

0.591 

165.7 

HI 

131.7 

90.6 

440.8 


LOWER 

20 

130 

o.on 


0.078 

0.796 

230.6 

IH 

132.2 

90.2 

442*0 

40236 

UPPER 

20 

60 

0*047 

M 

sa 

0.675 

304*6 

139.7 

140.5 

100.2 



LOWER 

20 

60 

0.092 


bH 

0.298 

154.6 

139.4 

141.6 

101.3 


40536 

UPPER 

20 

60 


IS 

M 

0,732 

325.6 


141.3 

100.6 

4-39*8 


LOWER 

20 

60 



Bi 

0.153 

96.3 

138.9 

142.5 

10Z6 

+36.3 

41036 

UPPER 

20 

60 

0*033 


0*116 

0*627 

278.6 

137*1 

137.9 

101.< 

+35.7 


LOWER 

20 

60 

0.047 


0*083 

0*175 

93.8 

136.0 

139,2 

103.2 

+32.8 

41316 

UPPER 

20 


0.052 


M 


283.5 

BI 

Bn 

104.3 

+35*8 


LOWER 

20 

El 

0.070 




54.9 

IH 

BH 

107.0 

+29.8 

41348 

UPPER 

20 

60 

0.035 

0.038 

0*128 


282.9 

IH 

WM 

105.3 

+32.5 


LOWER 

20 

60 

0.047 

0.044 

0*068 


75.8 

IhI 


108.0 

+28.0 


NOTES: 1. PANEL PROPERTIES 


= INTERIOR FACE SHEETTHICKNESS, in. 

^ = EXTERIOR FACE SHEET THICKNESS, in. 
tg = EDGE THICKNESS, in. 
h = PANEL HEIGHT, in. 

2. NATURAL FREQUENCY PER FIGURE 14-19 

3. ALLOWABLE SOUND LEVELS PER FIGURE 14-18 

4. APPLIED SOUND LEVEL (ENVIRONMENT) PER FIGURE 14-21 

5. SONIC FATIGUE MARGIN: (ALLOWABLE dB/Hz- ENVIRONMENT dB/Hz) 




























































Fuselage Analysis 


Sonic fatigue analyses were conducted on the most promising combination of fuselage 
concepts during the Task I detailed concept analysis. Ko sonic fatigue analyses 
were conducted during the initial screening phase of Task I. 

Iflie analysis was conducted on the least weight concept for each of the four point 
design regions. The locations of the point design regions are presented in 
Figures 14-2^*, the associated structural concepts for these regions are: 

• FS 750 - Zee stiffened concept 

• PS 2000, 2500, and 3000 “ bat stiffened concept 

The corresponding panel dimensions and equivalent thicknesses for these concepts 
are displayed in Table 14-12. A study was conducted to compare the capability of 
the entire panel between points of attachment and the skin between stiffeners to 
resist sonic fatigue. The results of this study, which was conducted at FS 3000, 
are summarized in Table 14-13 and include the spectrum levels and natural 
frequencies of both components. With reference to this table, the skin afforded 
a higher resistance to sonic fatigue than the panels (i.e., skin allowable spectrum 
levels were approximately 2- to 3*-perceiit higher than the panel values) and as a 
result the panel allowable spectrum levels were used in all further analysis. 
Periodically checks were conducted to insure this relationship held for all regions. 

A summary of the results of the fuselage sonic fatigue analyses is shown in 
Table l4-l4. These calculatijn were determined using the same methods and design 
charts used for the wing orthotropic panel analyses. The panel properties, natural 
frequencies, and the allowable and applied spectrum levels are displayed on this 
table. All fuselage regions have a positive sonic fatigue margin with the minimum 
margin (+I6 dB/Hz) occuring on the side panel at FS3000. 

In conclusion, positive sonic fatigue margins exist on the Task I fuselage structure 
at all point design regions and no additional stiffness or associated weight penalty 
was required to meet the sonic fatigue requirements. 


I 


Figure 14-24* Definition of Fuselage Point Design Regions - Task I 
TABLE 14-12* FUSELAGE PANEL GEOMETRY - TASK I DI?rAlLED CONCEPT ANALYSI 


FUSELAGE PANEL DIMENSION 


C f h 

(INO (IN.) (IN.) 


POINT 

DESIGN 

REGION 

PANEL 

CONCEPT 

LOCATION 

FS 750 

ZEE- 

TOP 


STIFFENED 

SIDE 

BOTTOM 

FS2000 

HAT- 

TOP 


STIFFENED 

SIDE 

FS 2500 

hat- 

TOP 


stiffened 

SIDE 

FS300D 

HAT- 

TOP 


STIFFENED 

SIDE 

BOTTOM 






















































TABLE lA-13 . COMPARISON OF FUSELAGE COMPONENT SONIC FATIGUE ALLOWABLES - TASK I 


POINT 

DESIGN 

REGION 


FS3000 


CIRCUIVIFERENTIALt^* 

LOCATION 


SKIN VALUES*^) 

PANEL VALUES^^l 

frequency, 
f, (Hz) 

SPECTRUM 

LEVEL 

(dB/Hz) 

FREQUENCY, 
f, (Hz) 

SPECTRUM 

LEVEL 

(dB/Hz) 

S25.9 

137.1 

362.7 

133.6 

700.7 

134.9 

364.7 

132.7 

636.0 

133.3 

357.1 

130.8 

636.0 

133.3 

367.4 

132.2 

706.7 

134.9 

350.8 

131.0 

825,9 

137.1 

362.7 

133.6 

972.2 

139-2 

367.4 

135.6 


NOTES: 1. CIRCUMFERENTIAL LOCATION 

11 Z 


2. VALUES OF THE SKIN BETWEEN STIFFENERS 

3, VALUES OF THE PANEL, INCLUDES STIFFNESS 
OF SKIN AND STRINGER. 


9= 30 deg (typ.) 


R -68 in. 




















TABLE SUItiARY OF FUSELAGE SOHIC FATIGUE AHALYSES, BEPAILED CONCEPT ANALYSIS - TASK I 


POINT ‘ 

DESIGN 

REGIGDI 

. '(>ANEL 
j. CONCEPT 

LOCATION 

SPACING, 

(in.) 

PANEL PROPERTIES*''^ 

NATURAL*^* 
FREQUENCY 
f, (Hz) 

SPECTRUM LEVEL*®'*^* 
(dB/Hz) 

SONIC*®' 

FATIGUE 

MARGIN 

(dB/Hz) 

Z 

(in.) 

A 

Un.^/in.) 

J 

Un.^/in.) 

a 

bs 

ALLOW. 

ENVIR. 

— r— 

FS7B0 

ZEE- 

TOP 

20 

4.0 

0.848 

0.056 

0.0063 

270.0 

121.5 

83.5 

-hSS.O 


STIFFENED 

SIDE 

20 

4.0 

0.848 

0.056 

0.0063 

270.0 

121,5 

83.5 

+38.0 



BOTTOM 

20 

4.0 

0.848 

0.056 

0.0063 

270.0 

121.5 

83.5 

+38.0 

FS2000 

HAT- 

TOP 

20 

6.0 

0.993 

0.144 

0.0318 

362.7 

133.6 

91.2 

+42.4 


STIFFENED 

SIDE 

20 

6.0 

1.039 

0.099 

0.0195 

342.0 

129.2 

91.1 

+38.1 

FS 2500 

HAT^ 

TOP 

20 

6.0 

0.950 

0.161 

0.0330 

374.4 

135.4 

99.0 

+36.4 


STIFFENED 

SIDE 

20 

6.0 

1.003 

0.108 

0.0231 

35?J 

130.8 

99.2 

+31.6 

FS3000 

HAT- 

TOP 

20 

6.0 


0.144 

0.0318 

362.7 

133.6 

116.0 

+17.6 


STIFFENED 

SIDE 

20 

6.0 


0.117 

0.0265 

367.4 

132.2 

116.0 




BOTTOM 

20 

6.0 


0.174 

0.0395 

367.4 

135.6 

116.0 



NOTES: 1. PANEL PROPERTIES 

Z = DISTANCE FROM NEUTRAL AXIS TO EXTREME FIBER, in. 

A = CROSS-SECTION AREA PER UNIT WIDTH, in.^/in. 

I = MOMENT OF INERTIA PER UNIT WIDTH, in.^An. 

2. NATURAL FREQUENCY PER FIGURE 14-17B 

3. allowable sound level PER FIGURE 14-17A 

4. APPLIED SOUND LEVEL (ENVIRONMENT) PER FIGURE 14-21 

5. SONIC FATIGUE MARGIN = (ALLOWABLE dB/Hz - ENVIRONMENT dB/Hz) 



SONIC FATIGUE ANALYSIS - Ti^K II 




For the Task II Detail Engineering Studies, the final wing and ftiselage structural 
arrangement was subjected to a detail sonic satigue analysis. Similar to the 
Task I effort, this analysis was restricted to evaluating the surface panels capa- 
bility only. 

Wing Analysis 

Analyses were conducted on the upper and lower surface panels at the six wing 
point design regions. The wing point design locations pre'.'iuasly displayed in 
Figure lt-23 are also appropriate for the Task II effort. 

The Final Design airplane incorporates both the chordwise convex-beaded and the 
monocoque honeycomb sandwich surface panel designs. With reference to Figure lU-23, 
the convex-beaded concept is utilized at point design regions U0322, 40236, and 

U0536 and the honeycomb sandwich concept at regions 41036, 4l3l6, and 41348. j 

j 

Chordwise Arrangement - The surface panel geometry for the convex-beaded concept 1 

is presented in Table 14-15 and reflects the results of the strength analysis . 

These data include the minimum weight panel proportions (rib/ spar spacing), cross- 
sectional dimensions, panel weight data, and the critical design condition used 
for the strength anaJysis . 

The convex-beaded panels were analyzed using the previously described methods and 
the design charts outlined in Figure l4-17. Table l4-l6 contains a summary of the 
analysis results, which* include the panel properties and the applied and allowable 
sonic spectrum levels. A minimum sonic fatigue margin of +12.0 dB/Hz is indicated 
for the lower surface panel at point design region 40536. Conversely, the maximum 
margin occurs on the lower panel at region 40322, +24.2 dB/Hz. 

Monocoque Arrangement - The honeycomb sandwich panels were analyzed at regions 
41036, 41316, and 41348. The panel geometry associated with these regions are 
presented in Table l4-17. The geometry associated with regions 4l3l6 and 41348 
reflect the stiffness required to meet the flutter criteria; whereas , regi.. ■ • 036 
is strength designed. 

The design charts presented in Figure l4-l8 and l4-9 were used to define the panel 

face sheet allowable and natural frequency respectively. The panel edge allowable ' 

was defined from the design chart in Figure 83 of Reference 4. The applied 
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POINT DESIGN REGIONS 



40322 

40236 

40536 

DESIGN DATA 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

SPACING, in. 







RIB 

60.0 

60.0 

60.0 


60.0 

60.0 

SPAR 

22.7 

22.7 

21.2 

21.2 

21.2 

21.2 

DIMENSIONS 







tL, in. 

.013 

.015 

.015 

.020 

.023 

.019 

in. 

.015 

.020 

.015 

.020 

.026 

.020 

Rl, in. 

.80 

1.00 

.80 

1.00 

.90 

.70 

G, degrees 

87 

87 

87 

87 

87 

87 

b, in. 

.75 

.75 

.75 

.75 

.75 

.75 

pitch, in. 

2.35 

2.75 

2.35 

2.75 

2T55 

2.15 

WEIGHT DATA 







t, in. 

.033 

.041 

.036 

.048 

.058 

,046 

W, lb./sq.ft. 

.760 

.945 

.829 

1.11 

1.34 

1.05 

CRITICAL DESIGN COND. 

12 

20 

16 

16 

12 

12 


DIMENSIONS: 


















/ 

TABLE l4-l6, SUMMARY OF WING CONVEX-BEADED PANEL ANALYSES - TASK IIB 


POINT 

DESIGN 

REGION 

WING 

SURFACE 

SPACING 

(in.) 

PANEL properties'’^* 

NATURAL*^* 
FREa (f) 
(Hz) 

SPECTRUM LEVEL^^*^'** 
(dB/Hz) 

SONIC^®* 

FATIGUE 

MARGIN 

(dB/Hz) 

Z 

(in.) 

A 

(in.^/in.) 

i 

(in.^/ln.) 


D 

ALLOW. 

ENVIR. 

40322 

UPPER 


60.0 

0.594 

0.033 

0.00133 

120.4 

110.0 

91.0 

-Hi 9.0 


LOWER 


60.0 

0.751 

0.041 

0.00226 

140.8 

115.0 

90.8 

+24.2 

40236 

UPPER 

M 



0.036 

0.00147 


■■ 




LOWER 

m 



0.048 

0.00275 

mn 

m 



40536 

UPPER 

M 

60.0 


0.058 

0.00281 

MSM 

120.0 

101.8 

+18.2 


LOWER 

m 

60.0 


0.046 

0.00153 


114.0 


-H2.0 


NOTES: 1. PANEL PROPERTIES 

Z = DISTANCE FROM NEUTRAL AXIS TO EXTREME FIBER, In. 

A = CROSS-SECTION AREA PER UNIT WIDTH. In.^/in. 

I = MOMENT OF INERTIA PER UNIT WIDTH, 

2. NATURAL FREQUENCY PER FIGURE 14-17B 

3. ALLOWABLE SOUND LEVEL PER FIGURE 14-17A 

4. APPLIED SOUND LEVEL (ENVIRONMENT) PER FIGURE 14-21 

5. SONIC FATIGUE MARGIN = (ALLOWABLE dB/Hz - ENVIRONMENT dB/Hz) 





































TABLE 14-17 . ¥ING PMEL GEOMETRY - TASK IIB, HOKEYCOI® SAMDVIICH PAIIELS 





POINT DESIGN REGIONS 




41036 

41316 

41348 

DESIGN DATA 

UPPER 

LOWER 

UPPER 

LOWER 

UPPER 

LOWER 

SPACING, in. 







RIB 

60.0 

60.0 

40.0 

40.0 

40.0 

40.0 

SPAR 

21.2 

21.2 

40.0 

40.0 

30.0 

30.0 

DIMENSIONS 







in. 

.642 

.202 

1.00 


1.00 

.500 

t-|. in. 

.026 

.023 

.062 

KM 

.068 

.068 

t2- in. 

.018 

.028 

.062 


.068 

.068 

tp, in. 

.002 

.002 

.002 

.002 

.002 

.002 

S, in. 

.275 

.500 

.500 

.500 

.500 

.500 

WEIGHT DATA 







t, in. 

.052 

.052 

.131 

.153 

.143 

.139 

W, Ib./sq.ft 

1.20 

1.20 

3.02 

3.52 

3.29 

3.20 

CRITICAL DESIGN COND. 

12 

1 

12 

FLUTTER 

FLUTTER 

FLUTTER 

FLUTTER 


DIMENSIONS 


EXTERIOR SURFACE 



S = CELL SIZE 
tc= CORE FOIL 
THICKNESS 















M 


> 

t 

t 

4 


noise levels are shown in Figure lk-21. A suimnary of the results is displayed in 
Table ll+-l8 with positive sonic fatigue margins indicated for all regions. 

A minimum margin of +30 dB/Hz occurs on the lower surface at point design region 
U1036. No adjustment in panel proportions was required to meet the acoustic 
criteria; hence, no weight penalties were required. 

Fuselage Analysis 

Sonic fatigue analyses were conducted on the fuselage concepts of the final design 
airplane at the four fuselage point design regions. Figure lh-2^ displays the 
locations of the fuselage point design regions . 

The structural concepts for each fuselage region were identical to those specified 
for the Task I fuselage and are repeated here for completeness ; they €tre : zee- 
stiffened concept at FS 900 and the hat-stiffened concept at regions FS 1910, 

FS 2525, and FS 2900. 

The panel geometry associated with the above concepts is presented in Table IU-I9 
which includes the geometry for all circumferential locations, from the uppermost 
panel (top) to the lowest panel (bottom). The panel identification system corre- 
sponds to that used for the NASTRAN model element identification and is shown in 
Figure ll|-26. For ease in reporting, only the upper, side and bottom panels are 
presented. With respect to Figure lh-26^ these panels are identified by the last 
two digits of the NASTRAN element number; 01, 06, and 09 respectively. 

A summary of the results of the fuselage analysis is presented in Table li+-20. 

This analysis was conducted using the design charts displayed in Figure l^t-l? with 
the pertinent section properties in the above Table. The resulting natxiral fre- 
quencies and allowable spectrum levels obtained from these charts were compared 
to the environmental levels determined from Figure 14-22. V7ith reference to 
Table 14-20, positive sonic fatigue margins are indicated with a minimum margin 
of +9.8 dB/Hz oe curing on the side panel at FS 2900. 
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TABLE l4-l8. SOMMASY OF WIEG HONEYCOMB SANDWICH PANEL ANALYSES - TASK IIB 


POINT 

DESIGN 

REGION 

WING 

SURFACE 

SPACING 

PANEL properties'^* 

NATURAL*^* 
FREQUENCY 
f. (Hz) 

SPECTRUM LEVEL*^*^^* 
(dB/Hz) 

MINIMUM*®* 

SONIC 

FATIGUE 

MARGIN 

(dB/Hz) 

FACE 

SHT. 

ALLOW. 

EDGE 

ALLOW. 

ENVIR. 

a 

(in.) 

b 

(in.) 

(in.) 

^2 

(in.) 

(in.) 

h 

(in.) 

41036 

UPPER 

21.2 

60.0 

0.026 

0.018 

0.091 

0.598 

234 

137.9 

139-3 

101.6 

+36-3 


LOWER 

21.2 

60.0 

0.023 

0.028 

0.088 

0.151 

66 

136.2 

144.8 

106.0 

+30,2 

41316 

UPPER 

40.0 

40.0 

0.062 

0.062 

0.167 

0.876 

175 

146.6 

146.0 

105.0 

+41.6 


LOWER 

40.0 

40.0 

0.075 

0.075 

0.194 

0.350 

79 

146.0 

151.9 

106.8 

+39.2 

41348 

UPPER 

30.0 

40.0 

0.068 

0.068 

0.179 

0.864 

264 

146.7 

146.3 

105.4 

+41*3 


LOWER 

30.0 

40,0 

0.068 

0.068 

0.179 

0.364 

122 

145.0 

150.0 

106.6 

+38.4 


NOTES; 1. PANEL PROPERTIES 

= INTERIOR FACE SHEET THICKNESS, in. 
t 2 = EXTERIOR FACE SHEET THICKNESS, in. 
tg = EDGE THICKNESS, in. 
h = CORE HEIGHT, in. 

Z NATURAL FREQUENCY PER FIGURE 14-19 

3. ALLOWABLE SOUND LEVELS PER FIGURE 14-18 

4. APPLIED SOUND LEVEL {ENVIRONMENT! PER FIGURE 14-21 

5. SONIC FATIGUE MARGIN: (ALLOWABLE dB/Hz) - ENVIRONMENT dB/Hz) 






TABLE 14-19. FUSELAGE PANEL GEOMETRY - TASK IIB 


POINT 

DESIGN 

REGION 

PANEL 

CONCEPT 

CIRCUMF. 

LOCATION 

FS 900 

ZEE- 

STIFFENED 

233301- 

233307 

FS1910 

hat- 

stiffened 

234101 

234102 

234103 

234104 

234105 

234106 

FS 2525 

HAT- 

STIFFENED 

234801 

234802 

234803 

234804 

234805 

234806 

FS 2900 

1 

HAT- 

STIFFENED 

235101 

235102 

235103 

235104 

235105 

235106 

235107 

235108 

235109 


FUSELAGE PANEL DIMENSIONS 


C f h ^st t* 
(in.) (ia) (in.) (in.) (in.) (in.) 


4.0 .036 .55 0.75 1.00 .036 .056 


PANEL DIMENSIONS: 


ZEE-STIFFENED CONCEPT 


HAT-STIFFENED CONCEPT 

















































TABLE lU-20. SUMMARY OF FUSELAGE PANELS SONIC FATIGUE ANALYSES - TASK I IB 


POINT 

DESIGN 

REGION 

PANEL 

CONCEPT 

LOCATION 

SPACING. 

(in.) 

PANEL PROPERTIES^'** 

NATURAL*^* 
FREQUENCY 
f, (Hz) 

SPECTRUM LEVEL*®**^* 
(dB/Hz) 

SONIC*®* 

FATIGUE 

MARGIN 

(dB/Hz) 

2 

(in.) 

A 

(in.^/in.) 

1 

(in.^An.) 

a 


ALLOW. 

ENVJR. 

FS900 

ZEE’- 

TOP 

20.9 

4.0 

0.848 

0.056 

0.0063 

245.0 

121.0 

84.0 

-^37.0 


STIFFENED 

SIDE 

20.9 

4.0 

0.848 

0.056 

0.0063 

245.0 

121.0 

84.0 

+37.0 



BOTTOIVI 

20.9 

4.0 

0.848 

0.056 

0.0063 

245.0 

121.0 

84-0 

+37.0 

FS1910 

HAT- 

TOP 

22.7 

6.0 

0.994 

0.129 

0.0281 

255,0 

131.0 

92.0 

+39.0 


STIFFENED 

SIDE 

22.7 

6.0 

0.966 

0.119 

0.0270 

255.0 

130.5 

9Z0 

+38.5 

FS 2525 

HAT- 

TOP 

21.2 

6.0 

0.946 

0.149 

0.0351 

350.0 

134.0 

S9.4 

+34,6 


STIFFENED 

SIDE 

21.2 

6.0 

0.948 

0.079 

0.0182 

330.0 

128.0 

99.6 

+28.4 

FS 2900 

HAT- 

TOP 

21.0 

6.0 

0.968 

0.139 

0,0317 

340.0 

132.0 

116.2 

+15.8 


STIFFENED 

SIDE 

21.0 

6.0 

1.000 

0.069 

0,0142 

300.0 

126.0 ^ 

116.2 

^9.8 



BOTTOIVI 

21.0 

6.0 

0.946 

0.149 

0.0351 

350.0 

134.0 

116.1 

+17.9 


NOTES; 1. PANEL PROPERTIES 

Z = DISTANCE FROM NEUTRAL AXIS TO EXTREME FIBER, in. 

A = CROSS-SECTION AREA PER UNIT WIDTH, in.^An. 

I = MOMENT OF INERTIA PER UN IT WIDTH, in.^An. 

2. NATURAL FREQUENCY PER FIGURE 14-17B 

3. ALLOWABLE SOUND LEVEL PER FIGURE 14-17A 

4. APPLIED SOUND LEVEL (ENVIRONMENT) PER FIGURE 14-21 

B. SONIC FATIGUE MARGIN = (ALLOWABLE dB/Hz- ENVIRONMENT dB/Hz) 
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